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Abstract 
The scope of this research is to investigate the design process, and develop 

methodologies appropriate to the conceptual level designs of hypersonic vehicles; 

the Space Launcher and the Hypersonic Transport.  

Currently most large airframe manufacturers are focusing on developing more 

efficient, cheaper, greener aircraft designs. On the contrary to this trend, since the 

late 1930s, there is variable intensity, but continuous interest in hypersonic vehicles. 

Both classes of hypersonic vehicles can deliver capabilities beyond the current state 

of the art. The ability in itself, to drastically reduce travelling time, could justify the 

existence of a Hypersonic Transport for applications such as emergency response, 

time critical business trips, not to mention military applications. 

Since the recent retirement of the Space Shuttle, all space launches are dependent 

on expendable launch vehicles, which are inherently high cost and low reliability 

vehicles. Compared to this contemporary space access technology, Space 

Launchers offer a significant advantage: they can reach, operate in and return from 

orbit without expending the vehicle. 

These days there is definite renewed interest in hypersonic vehicle technology. 

This thesis explores the design process as a whole, and focuses on the special area 

of aircraft design. Past, current and future methodologies and trends are discussed, 

along with the role of computer aided design in modern aircraft conceptual design. 

The thesis introduces the GENUS aircraft design environment; the program 

architecture and capabilities are described. The current manual of the GENUS 

design environment is also included as an appendix. 

The hypersonic vehicle design process is examined in detail. Each of the essential 

design areas appropriate at conceptual level are investigated; common and state of 

the art methodologies are discussed. With the explored methodologies, example 

results are generated, strengths and shortcomings are highlighted. Where 

appropriate the results are compared to available data, to validate the methodology 

on a module-by-module basis. 

In addition to the piecewise verification, the design process as a whole is 

demonstrated by an example exploration study in the hypersonic design space. This 

exploration is facilitated by the use of the GENUS design environment as the tool, 

and the results are compiled into a hypersonic Space Launcher concept vehicle 

documentation. The critical appraisal of this documentation is the basis of the quasi-

validation of the methodology as a whole. 
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1 Introduction 
The scope of this research is to investigate the design process, and develop 

methodologies to produce conceptual level designs of hypersonic vehicles. 

Using the developed methodology, the design space of hypersonic vehicles can be 

explored. Two distinct classes of hypersonic vehicles are investigated in this 

research: Hypersonic Transports and Space Launchers. Although their operation is 

distinctly different, there are many features that provide the synergy that justifies the 

simultaneous investigation of the two craft.   

The design process of hypersonic vehicles is inherently more complex than for 

“classic” aircraft. This is due to additional interactions and phenomena not addressed 

during conventional aircraft design: geometry-propulsion interaction, rapidly 

changing mass, varying gravitational acceleration, and so on. 

In addition to the methodology, during the research, a generalized aircraft design 

framework, GENUS was created. The framework is described and its capabilities 

demonstrated in the thesis. The framework provides a sufficiently generic platform 

that can be utilized for the conceptual level design of specific classes of aircraft, 

including, but not limited to hypersonic transports, space launchers, blended-wing-

body and solar-powered aircraft. 

The thesis can be divided into 3 main sections. The first section deals with the 

methodology developed for the research, including an overview of the design 

process. The second, main part, describes the methodology developed for the 

design of hypersonic vehicles. The third final part quasi-validates the methodology 

by exploring the design space of hypersonic vehicles, and producing the conceptual 

level design documentation of a single hypersonic vehicle. Also this final part draws 

the conclusions, discusses findings and outlines paths for the continuation of the 

research. 

  

 

 

  



2 

 

2 Methodology 
The methodology used during this research follows a structured approach to arrive at 

the outcome: a comprehensive and valid design methodology appropriate to the 

design of hypersonic vehicles: Hypersonic Transports and Space Launchers. 

The first part of the methodology investigates the design process, providing insight 

on the process as a whole, the role of the designer, and the expected outcomes. As 

the focus of this research is design of aerospace vehicles, the aircraft design 

process is investigated in more detail. The role of the designer, and computer aided 

design is investigated along with existing methodologies for aerospace vehicle 

design.  

An essential part of most aircraft design, and generally computer aided design 

methodologies; optimization methods are also investigated and discussed. It is 

essential for the designer to at least gain working knowledge of the various 

optimization processes. This is due to the complex requirements set towards modern 

aerospace vehicles: classical, analytical design methods can no longer deliver 

acceptable solutions in the available timeframe for design. In this age, the use of 

computer aided methodology is unavoidable. 

The research methodology investigates computerized design environments, and 

discusses the GENUS Aircraft Design Environment, which was created during this 

study. The aim of the GENUS environment is to enable a knowledgeable user to 

implement and use developed design methodologies to generate conceptual level 

aircraft designs. Furthermore, GENUS will also benefit future researchers at the 

department by eliminating the recurring, non-productive elements of developing the 

design methodologies. The choice of programming languages, requirements towards 

the design environment, and the proposed data flow are investigated and discussed. 

Note, that although it is the tool, not the methodology itself, the author has invested 

considerable amount of planning and effort into the realization of the GENUS Aircraft 

Design Environment.  

The main part of the research methodology is the development of the design 

methodology appropriate to the design of the two classes of hypersonic vehicles.  

The discussion of the design methodology is broken down into modules. Each 

module deals with a more-or-less individual aspect of the design process. The 

reason for the “more-or-less” is the fact, that in aircraft design, especially for 

hypersonic aircraft, the various disciplines are interrelated; shape of the aircraft 

would affect the propulsion system for example. Although this is also the case for 

more traditional configurations, such as today’s airliners, the coupling between the 

disciplines is weaker, and thus at conceptual level, it can usually be ignored.  

Each module is described in the following manner. First an introduction is presented 

for the given module. This part describes what one means by “Propulsion” or 

“Performance”. This part also outlines the scope and minimal requirements what one 
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can reasonably define in a conceptual level design. When appropriate, the common 

available tools are examined and discussed. 

After the introduction to the module, the specific solution, or in other words, the 

methodology developed to handle the given aspect of the design process is 

presented. All the methodology are not necessarily developed from scratch; existing 

solutions are critically evaluated, and when applicable adapted to the methodology. 

In every case limitations and adjustments to the methodology when necessary are 

identified. When new methodology is introduced, it is described in detail. In addition 

to the chosen theoretical process, the implementation in the GENUS design 

environment is also presented. In the main discussion of the thesis, the specific 

module (hypersonic) solutions are presented, while the generic GENUS modules are 

described in Appendix A - GENUS MODULES. This appendix also functions as the 

manual of this initial version of GENUS. Note that there are modules which are 

discussed in the methodology; however there is no rigorous implementation in the 

GENUS environment. These modules deal with the “softer” aspects of design, such 

as cost, maintainability or environmental effects. These are often not evaluated at 

conceptual level, unless they are in the specific focus of the design process. 

Validation is an important question regarding aircraft design methods. This research 

methodology proposes a two-stage validation process. First, if possible, every 

module is validated against available data. In the case of hypersonic vehicles there 

is not always data available, or at least not published to the public, however there 

are a few vehicles for which extensive information is available. Most of these 

vehicles are connected to NASA, for example the Space Shuttle and X-15, and data 

is available mostly thanks to the 1966 Freedom of Information act. When this data is 

available, the module is validated against it, and sensitivities identified and 

discussed. 

As the second stage of validation, a “quasi-validation” is performed, by using the 

developed GENUS tool to apply the design methodology to explore the design space 

of the hypersonic vehicles. This process relies on the knowledge of the designer to 

validate the methodology, thus the “quasi-validation” description. This validation can 

be done based on the outcome of the design process; the conceptual level design of 

a hypersonic vehicle. The concept can be compared to existing vehicles, or more so 

in the case of hypersonic vehicles, to other proposed designs. The key to the 

validation is the understanding and recognition of the cause and effect relationship in 

between the inputs and outputs of the design process. For example, increasing the 

wing size over some size might impose greater weight penalty, than the additional 

generated lift, and recognizing this, and ensuring that the design methodology 

captures the underlying physical phenomena can give confidence for the designer in 

the validity of the method. To have full confidence (if that is possible at all) in the 

methodology, much more rigorous validation methodology has to be developed, 

which is far out of the scope of this thesis. To put it in other words, the validation 

process is concerned with the general behaviour of the design methodology, rather 
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than the accuracy. For conceptual level designs, this approach is deemed 

acceptable. 
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3 Design process 
The aim of this chapter is to provide an overview on the design process as a whole, 

introduce the methods and tools available for a designer to achieve his goals. Also, 

this chapter lays the foundations of the following chapters, as many key concepts 

regarding design and optimization are discussed, and key terminology introduced. 

The chapter addresses the topic from a user’s point of view, as opposed to formal 

introduction of various design theories. 

3.1 Overview of the steps of the design process 

Design in itself is a science, and there are many theories and works dealing with the 

topic. The aim of the design process is to come up with a product, and specify the 

steps required to reach it, thus it is the ultimate inverse problem. While there are 

differences between various authors and in the way organizations implement the 

process, generally the engineering design process can be described as: 

 An iterative process 

 Many, interdependent variables and unknowns 

 Requirements for the product can be unclear at the beginning 

 Could be applied to physical products, systems, software, etc. thus it has to 

be generic 

One of the best known examples of visualizing the design process is the Spiral 

Model [1.], originally developed for software development by the TRW Defense 

Systems Group. 

 

Figure 3-1: Spiral Model of Software Development and Enhancement (source: [1.]) 
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Out of this iterative process, the first iteration is what referred to as concept 

description, conceptualization, concept definition, conceptual engineering, concept 

study and the one solely used in this thesis for consistency: “Conceptual design”. 

The table below highlights the special features of this design step, comparing 

perceived positive features and challenges for the designer. 

Table 3-1: Conceptual design designer challenges and benefits 

Challenges Benefits 

Highest uncertainty 
Most of the design unknowns can be 
decided by the designer in this step 

There are often no or little design guides or 
aids 

There are little or no constraints for the 
design 

Even the world’s best engineering can’t fix 
a flawed concept 

Conceptual design is relatively quick and 
cheap compared to other design steps, 

allowing for many iterations 

Very high level of responsibility on the 
designer 

Greatest freedom for the designer 

Most of the issues not addressed here will 
incur great penalties later on 

Most of the cost; savings or losses are 
determined in this step 

 

The importance of the conceptual design phase can be further emphasized by 

plotting the trends of a product development cost and the ease to facilitate changes. 

The image below shows, that generally about two-thirds of a product’s lifecycle cost 

is already locked into the product by the end of the conceptual design step, while the 

process itself only took up less than 10% of the lifecycle cost. 

 

Figure 3-2: Product Life Cycle Costs (source: [2.]) 
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Even from a quick overview, it is obvious, that any successful product requires a 

sound concept behind it to generate good results. 

The main question of the design process is what the outcomes are. Omitting formal 

definitions, the process is supposed to generate a single instance of design, in which 

as much data of an aerospace vehicle is calculated as reasonably possible at this 

level. However producing this data is not enough, some logic is required to check, 

whether the outputs of this process are “good”. 

Technically, any design which satisfies the requirements posed by the designer is 

“good enough”. This also implies that to design something, a set of requirements 

must be gathered. There are different ways to group these requirements, for 

example quantitative or qualitative, essential or secondary, direct or latent, physical 

or functional, and so on. A design that does not fulfil a requirement is not adequate, 

while one that performs functions that are not required is also not desirable. The 

caveat is, that requirements are sometimes not known or clear at the start of the 

process, as sometimes it is not obvious what we want for a good design. The perfect 

example to underpin this, is among consumer goods, the case of mobile phones and 

cameras. Consumers never really felt the need to take pictures with the phone, but 

as it is available today, it’s widely used, and it would be hard to imagine a new 

product without them. This is the exact definition of a latent requirement, that the 

user itself is not aware of it, until it realizes that it actually needs the feature. 

One can describe feasibility of a design as whether the imposed requirements are 

met (feasible) or not (infeasible). However as it is the case, there is almost always 

more than one feasible solution for a given problem, and there is a definite need to 

choose the “best” or at least one of the “better” ones of these many, perhaps infinite 

number of good solutions. 

The set containing all of the possible designs is usually referred to as a design 

space. This design space has a dimensionality of N, where N is the number of 

independent variables it takes to describe a unique instance of design (also referred 

to as a point design). It can be clearly seen, that for all but the simplest of design 

problems, the design space is a vast multidimensional hyperspace, which as a whole 

is usually incomprehensible for people. Most of the time various subsets, or 

hypersections, are presented from this place as surfaces, line plots, point clouds, 

etc. This is achieved by varying a number of variables while keeping every other 

constant, and plotting one or more chosen result of the design process as a function 

of these variables. It is very unusual to plot more than 1 or 2 variables on the same 

graph, as the graph would become cluttered beyond usefulness. Thus representing, 

understanding and utilizing the whole design space is limited by the human 

component in the design process. 

Computers relying on formal mathematics to drive them do not suffer from the same 

issue as the human counterparts, as the methods that work for one or two 
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dimensions also scale to hundreds or to thousands, as long as enough memory and 

computational capacity is available in the computer. As such incorporating 

computers into the design process even for low complexity problems of three of four 

variables is highly beneficial. 

A subset of the overall design space containing all the feasible solutions is referred 

to the feasible design space. It has to be noted that this space is not necessarily 

continuous; oftentimes it is segmented into spaces that are sometimes referred to as 

design families. For example the number of wheels determines the design families 

for road vehicles, within two-wheeled vehicles if one explored the design space, it is 

possible to come up with any shape and size of motorcycles, but the solution would 

never be a car no matter what inputs are changed within that subspace. Changing 

the amount of wheels would enable the exploration of a different design space, that 

of automobiles. 

It is the task of the designer to explore these design spaces, and ultimately come up 

with a solution that is both feasible and possibly the “best”. Although the human 

thought process is still not fully understood today, but traditionally the design space 

is explored by one subspace at a time, as usually this presents a manageable and 

comprehensible method as opposed to looking into every possibility of every 

possible design at once. Many computational methods use the same approach, to 

search for the “best” design in a confined subspace of a design space, although 

there are methods, such as multi-island genetic algorithms that would allow the 

exploration of the whole design space, provided the required computational capacity 

is available. 

The exploration of the design space is important, as although all feasible solutions 

are acceptable, designers are striving to produce the “best” results. “Best” designs 

can be determined by choosing at least one metric, along which to evaluate them. In 

the classic single objective approach, this metric can be a single output of the 

design, most commonly overall mass for an aerospace vehicle, or a combination of 

multiple results. With only one objective, it can be simply evaluated, and the point in 

the design space that minimizes (or maximizes) the objective function is the “best” or 

optimum design. With multiple objectives the optimum solutions are the so-called 

non-dominated solutions, where no objective can be improved without reducing 

some other objective. More on this in Chapter 3.3. 

Finally it is important to note, that although the word “best” and optimum is used, it is 

not so obvious to decide whether the solution found is really the solution to go for. 

One of the most common reasons, why the optimum might not be chosen as the 

design to pursue is due to uncertainty. Due to the high level of unknowns at the 

conceptual stage, the actual optimum design point will deviate from the result 

generated. If the design space has high gradients around the optimum point, this 

would mean that even small variations would cause large changes in the output of 

the design. Also it would also mean that the effects of manufacturing tolerances, 



9 

 

material property deviations, etc. will have a very high effect on the product, 

potentially leading to very expensive controlled manufacturing or similar, which 

means that the solution is suddenly not the optimal anymore. In practice, designers 

tend to look for a solution with high objective values and flat (or the equivalent of 2 

dimensional flat in an N dimensional landscape) design space around it, to produce 

good quality, robust designs.  

3.2 Overview of aircraft design 

Nowadays, there are many conventional aircraft conceptual design methods 

available. Classic design methods include those of Howe’s [3.], Raymer’s [4.], 

Roskam’s [5.], Torenbeek’s [6.], Fielding’s [7.] and Stinton’s [8.] among others. In 

Roskam’s [5.] book sizing, configuration, structural and systems layout, weight 

estimation, performance and stability evaluation methods are present, along with the 

“softer” aspects of cost, design development, manufacturing and operation parts. 

The maximum Mach numbers are usually discussed up to M 2.5. Raymer [4.] 

discusses sizing, geometry, aerodynamics, configuration, systems integration, 

propulsion, weights, stability, performance and also cost and trade studies. Its Mach 

“range” extends up to values just below M 4. Howe [3.] considers configuration, 

propulsion, layout, mass, performance, aerodynamics and also includes cost and 

optimization. The methods discussed are limited below M 3. Torenbeek [6.] includes 

configuration, systems and propulsion layout, flight deck and structures design, 

performance, but does not discuss cost aspects or supersonic flight. Fielding[7.] 

gives an excellent overview on aircraft design, with many practical examples. Stinton 

[8.] considers the aspects of airworthiness, configuration, performance, propulsion, 

stability and weight estimation. His methods are not applied to supersonic designs. 

Up to this date, there are rarely any books or papers dealing with general supersonic 

or hypersonic vehicle design. Individually most aspects of the design are addressed, 

but there is a lack of documents to integrate their results and develop a universal 

method. As an example of an existing paper, Hamm and Best [9.] (McDonnel 

Aircraft) identify the difference between hypersonic and slower vehicles in the 

arrangement of its components and the difference of emphasis on the different 

aspects during design. Major items are reviewed, but quantitative data and 

references are not present. Similar documents are available, but all in all, there is a 

lack of methodology description in most of them. In the past, each conceptual 

designer developed their own unique methodology appropriate to the class of vehicle 

they intended to design. This means, that individually, there are many papers dealing 

with single stage to orbit designs, airbreathers, rocket based, etc. but so far there are 

no literature combining the findings of these designers. A good example of these 

papers is the one from Jazra and Smart [10.] dealing with the airbreathing second 

stage of a rocket-scramjet-rocket launch vehicle, or the NASA Hypersonic Cruise 

Aircraft Propulsion Integration Study.[11.] 

The few compilations addressing design methodologies is for space transportation 

systems, are by Hammond[12.][13.], and Griffin and French[14.]. Hammond 
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discusses aerodynamics, aerothermal analysis, structures, materials, propulsion, 

flight mechanics, trajectories, avionics, control systems and also includes human 

factors, payload, launch, mission operations and safety. The design process is 

investigated from a systems engineering point of view, highlighting its importance in 

a design of this complexity. He provides a detailed design methodology to follow, but 

the actual equations (for example mass estimation) are not present, just the in-house 

NASA computer programs are referenced. Griffin and French provides a 

comprehensive overview of space technology, but their focus is more on satellite 

design, including aspects of expendable launch vehicle design. Ignoring the rocket 

specific simplifications and assumptions, most of the methods are explained in 

sufficiently generic terms to adapt them to more unconventional launch vehicles. 

Aerospace has always been one of the main driving force behind computer aided 

engineering, as the methods developed are too complex or computationally intense 

that they prohibit solving by hand, or at least make it very uneconomical to use. 

Typical example of these methods are the fluid dynamics codes used to solve for the 

flow field around the aircraft or the finite element structural methods required to 

produce the stiff lightweight structures.    

However not just the above mentioned two disciplines utilize the power of the 

computer. Virtually all part of the aircraft design process requires or benefits from 

some form of calculation aids or automation. Arguably these days even tasks that 

require a handful (4 or 5) of repetitions or the calculation of similar steps, are faster, 

more reliable, and more clear to code, even if it’s just a simple spreadsheet format, 

than to do by hand that many times. As a result many designers produced codes to 

aid their work, however there can be fundamental difference between the structure 

and usefulness of these codes.  

Many times computer codes are made as independent parts, designed to solve a 

fairly compact and specific problem. The obvious benefit of these codes is the 

solving of the designer’s problem, however data preparation, input and output is still 

a manual process, as the independent bits of codes could be written in different 

languages, be present on different systems or just generally have no connection 

between them. Although this solution speeds up individual tasks, evaluating more 

complex designs still take very long due to the human involvement to transfer data. 

As a natural evolution, when many of these independent codes are combined 

together, a code can be created to deal with more complex problems, and reduce 

the involvement from the designer. Many of these codes were created in the past, 

are being created today and will be likely created in the future. As many of these 

codes were created to solve specific problems, often there were no requirements or 

aims for reusability, thus many of them ended up as a monolithic block of purpose 

made code, the programmers often taking shortcuts to provide quick solutions to the 

problems at hand, further reducing universality. These facts however mean that 

many of these blocks are hard or uneconomical to reuse, both by the original 
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programmer or a follow-up. It is sometimes a better and quicker choice to redo a bit 

of code than to try to make sense of a poorly written monolithic “spaghetti” code. 

This problem is not aerospace specific however, computer science has developed 

many methods and standards to writing reliable, efficient, and reusable code, along 

with modern, object oriented programming languages. These advancements were 

used by the aerospace engineering companies to change the way design software 

are produced and used. This trend shifted the focus from the classic monolithic 

codes towards more flexible and reusable “design environments”. 

Table 3-2: Analysis requirements and methodology differences for performance-related disciplines at 

various levels of analytical fidelity (source: [15.]) 

 

These “design environments” require some further description. These are computer 

based, with variable fidelity levels and features. Levels of fidelity can be described 

based on the work of Robinson and Martin (NASA) [15.]. They breakdown identify 

levels from 0 to 4, ranging from simple empirical or analytical equations, to full 3D 

knowledge based methods. The method was originally developed for NASA’s 
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System Analysis Project (SAP), which aimed to standardize definitions of design 

fidelity, and was adopted for hypersonic vehicle design. 

There are numerous examples of these design environments. Among the first ones 

are General Dynamic’s SYNAC (Synthesis of Aircraft) 1967, NASA’s ACSYNT 

(Aircraft Synthesis) 1987, Northrop’s CDS (Conceptual Design Synthesis) and Delft’s 

Aircraft Design and Analysis System (preceded by the Delft Interfaculty CAD 

Installation, ICI). From the more modern ones, NASA’s Integrated Design and 

Engineering Analysis (IDEA) [16.] environment uses the Adaptive Modeling 

Language as its underlying framework. It integrates a higher fidelity method to 

evaluate geometry, configuration, propulsion, aerothermodynamics, trajectory and 

structural analysis. An earlier effort from NASA was the Advanced Engineering 

Environment (AEE)[17.], part of the Next Generation Launch Technology program. It 

uses an Oracle database to link the modules together, and uses code developed 

independently in various NASA centres. 

Multidisciplinary Integrated Conceptual Aircraft Design and Optimization (MICADO) 

[18.] developed by Aachen University, is aimed to conduct fast parameter studies 

with minimal user input using an .xml interface to couple various software together. It 

has a modular architecture, allowing different analysis software (FEA, CFD, etc.) to 

be integrated in the environment, but also use low fidelity methods such as Digital 

DATCOM [19.]. The method it uses for the design synthesis is unknown. Another 

example Darcorporation’s Advanced Aircraft Analysis [20.] program represents a 

lower fidelity procedure based on Roskam’s methodology. Raymer also has a design 

environment based on his methodology, Conceptual Design Corporation’s RDS [21.]. 

CEASIOM [22.] is a free engineering environment utilizing various design 

methodologies, for example its weight estimation module incorporates Howe’s, 

Torenbeek’s, Ramer’s, USAF, and Cessna methods, from which the user can select 

the appropriate. Desktop Aeronautics develops Program for Aircraft Synthesis 

Studies (PASS) [23.]. It is suited for conventional subsonic layouts, but has capability 

to analyze supersonic business jets or oblique wings. It does not state what 

methodology is used for its modules. Hypersonic Aerospace Sizing Analysis (HASA) 

[24.] was developed by NASA, it focuses on hypersonic transports and single stage 

to orbit vehicles, and for validation, compares the methods to existing designs and 

concepts. For a longer list, Chudoba [25.] list a summary of 86 aerospace vehicle 

synthesis systems in his book. Kesseler and Guenov [26.] present an excellent 

compilation of the current state of multidisciplinary design and optimization, with 

case studies and real world examples.  

What is important to note is that due to their ability to handle high fidelity models and 

methods, these design environments naturally lend themselves to conduct more 

detailed analysis than just conceptual design. As such these programs are usually 

used to synthesize designs up to preliminary design level. In addition to being 

beyond the scope of the research, the next level of design has further implications. 

Due to its increased fidelity, these analysis procedures require more resources, in 
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terms of computing power, required commercial (or in house) programs and time. In 

case the design method is to yield an optimized solution, the program that performs 

the design synthesis step determines the whole process. Should a detailed CFD 

method be used to evaluate aerodynamic properties, it might take up to a few hours 

just to evaluate one design point, which means only a handful of design points can 

be synthesized per day. On the contrary, a simple analytical or empirical tool might 

only take seconds or minutes to complete an iteration. At the conceptual design 

level, it is more beneficial to discover a wider part of the design space rather than to 

increase the accuracy of the estimation above an accepted level. 

As we have seen there are many design environments are based on one of the 

classic aircraft design methodologies. While these are proven methods to generate 

successful design concepts, they were not necessarily created with the use of 

computers in mind. As a result, they might not be the most convenient to adapt for 

computer use, as the workings of a computer and a human brain is fundamentally 

different. This does not say that the classic approaches are not right, but might 

require alteration to suit a highly computer dependent design methodology. 

3.3 Overview of optimization processes and methods 

From the above description it is clear, that another very important part of the 

program is a built-in optimizer. The use of optimizers is not new in aerospace, there 

are many applications and studies regarding the multidisciplinary, multivariable, multi 

objective optimization process. Actually, multidisciplinary optimization today is a 

separate science on its own, with a broad range of applications, such as automotive, 

food industry or architecture. Some people claim that it is more an art than actual 

science, and to successfully implement an optimization method for a given problem 

sometimes require more intuition (or even luck) from the analyst, than scientific 

approach. 

In formal terms, a single objective optimization problem can be stated as: 

 Minimize: 𝑓(�̅�) 

 Subject to: 

o 𝑔𝑗(�̅�) ≤ 0 𝑓𝑜𝑟 𝑗 = 1,2, … 𝐽 

o ℎ𝑘(�̅�) = 0 𝑓𝑜𝑟 𝑘 = 1,2, …𝐾 

o 𝑥𝑖
(𝐿) ≤ 𝑥𝑖 ≤ 𝑥𝑖

(𝑈)  𝑓𝑜𝑟 𝑖 = 1,2, …𝑁 

Where: 

 �̅� is the array of optimization input variables, dimension of N 

 𝑓(�̅�) is the objective function, scalar (for multi objective optimization it is an 

array of dimension M) 

 𝑔𝑗(�̅�) are the inequality constraints, J in total 

 ℎ𝑘(�̅�) are the equality constraints, in practical terms |ℎ𝑘(�̅�)| <  휀, where 휀 is a 

small positive number, K in total 
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 𝑥𝑖
(𝐿) and 𝑥𝑖

(𝑈) are the respective lower and upper bounds for variables. 

Depending on the process, the variables can be unbounded 

According to Raymer [27.] and Hammond [12.] the most common optimization 

methods in aerospace design are the following: 

 Calculus based (gradient, finite difference, Lagrange multiplier, sequential 

quadratic programming, general reduced gradient, implicit function theorem): 

very good and efficient if a continuous parameter space is present. Usually 

struggles with singularities, and local extremities. 

 Response surfaces: computationally less costly to evaluate than calculus 

based, but it uses approximation which can be undesirable.  

 Expert system: designed to replicate the problem solving capability of human 

expert systems. It can be used for higher level problems, such as selecting 

the constraints and the optimizer algorithm itself (and conduct the actual 

numeric function optimization if required). 

 Evolutionary algorithm: based on Darwin’s evolution model, ensuring that the 

“fittest” survives with the highest probability. Each point design can be 

considered as an individual, with its parameters stored in its “genes” as a set 

of “alleles”, as inspired by nature and the DNA. The various methods utilize a 

selection process from the “gene pool”, then combining these genes 

(“mating”), and/or randomly changing parts of it (“mutating”), to produce a new 

generation of individuals (“offspring”). The art is in determining the criteria for 

the selection process and the extent of mating and mutation and also the way 

constraints are captured (“penalty”, “death”, etc.). These parameters are 

usually unique for each optimization task. They can be used on non-smooth 

parameter spaces, and should have less trouble around local extremities than 

gradient based, but they cannot be relied on to find the actual 

minima/maxima. Depending on the criteria used, genetic methods can take 

very long time to converge on solutions. 

 Hybrid methods: usually a combination of genetic and gradient based 

methods, the first method (genetic) quickly zooms in to the area near the 

global extremity, where the process is switched to calculus based to more 

effectively find the correct minimum/maximum. 

 Simulated annealing: replicates the annealing process in metals, where the 

solid eventually reaches energy minimum. It does not rely on gradients, 

allowing it to be used on a wider range of problems, also it is easy to 

implement and robust. Its drawback is that it requires the evaluation of many 

points in the design space. Choosing the optimization parameters is important 

to avoid finding local extrema instead of the global solution. 

 Neural networks: not really an optimization method, they are usually used to 

efficiently compute massively parallel dynamic systems. How it connects to 

MDO, some of the optimization problems can be described as a dynamic 

system, which can be efficiently solved by neural networks. 



15 

 

 Monte Carlo: random probability function evaluates a huge number of 

potential design, which are compared, and the “best” is chosen. Due to its 

randomness, it is generally cannot be relied on to find global extrema, but it is 

good at finding substantially “better” solutions than the first estimate. 

These different methods all have advantages and disadvantages, one is more 

suitable for an application than the rest, but would underperform when used for a 

different problem. This theory, “no-free-lunch” was coined by Wolpert and Macready 

[28.], essentially stating that an algorithm’s superior performance in one class of 

problems is exactly paid for in performance in another class. More simply put, there 

is no best optimizer suitable for all the problems. 

No matter what optimization method is chosen, it is the users responsibility do define 

at least two, most important settings: the constraints and target function. Constraints 

must be reasonably set up by the user. These can be based on requirements, such 

as, in the case of aircraft, maximum wingspan or ground pressure. But the way the 

constraints are enforced can significantly affect the result or the speed of 

convergence, for example in the case of a stochastic method, such as the 

evolutionary, an offspring can easily end up outside the constrained space. If the 

constraints are softly enforced, it might be selected as a parent in the next round of 

mating and provide an offspring which is within the constraints, and is actually an 

optimal solution. If a strict enforcement is in use, such as a “death penalty”, the 

individual outside the constraints will be excluded from the gene pool, and as a 

result, the offspring leading to the optimal solution might be never produced. Being 

too soft on the constraints on the other hand could lead to significantly increased 

computational costs. 

The other issue is the evaluation of the target function. In different algorithms it has 

different names such as temperature in simulated annealing, fitness in genetic 

algorithms or simply the “goodness” of the design. In the case of an aircraft, it is not 

obvious how to evaluate the goodness. Most of the available conceptual studies for 

Space Launchers aim to minimize cost of 1kg to orbit, while transports tend to be 

optimized for minimum mass. Both of these are fair assumptions, but they are not 

the only ones. As it was described, turnaround time, low maintenance, reliability, 

availability are all factors. And these are just the options when focusing on the 

vehicle itself. When looking at a space/global transportation as a system, additional 

characteristics can be included, such as noise footprint or convenience of travel. 

Imagine, what would be the use of a system that could reach from Los Angeles to 

New York in 35 minutes if hours have to be spent travelling to a remote location 

where the spaceports are located due to noise and safety restrictions? Also, when 

looking at return of investment, rather than pure cost, it might be more beneficial to 

develop a vehicle faster using lower tech components and having a slightly higher 

cost/seat or cost/kg, than to create a higher tech, cheaper to operate craft, and miss 

out the early market possibilities due to slower development. 
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The results of an optimization process also require some discussion. Many times 

people refer to their designs as “optimum” solutions, generated by an optimizer. 

Theoretically (and realistically) however there is no guarantee that the solution found 

is truly the optimum, or in other words the best, for any but the simplest of problems. 

For this reason it is better to think of the outcome of an optimization process, as a 

“design suggestion” that will be likely to improve our initial estimates, rather than to 

present it as the best possible solution achievable ever. Looking from a different 

perspective, an optimizer is a tool to find good quality solutions without evaluating 

every single possible point in the design space. 

Multivariable optimization is even more complicated, as there is not a single vehicle 

deemed the “best”, rather a set of solutions, called a Pareto surface. The Pareto 

surface is a group of solutions, from which none objective can be further improved 

without degrading some other characteristics. They are also called Pareto optimal, 

Pareto efficient or non-dominated. From this set it is up to the designer to evaluate 

the designs, and choose the appropriate ones for further development. At this point 

however, some other principle takes over the decision process; it is no longer a 

mathematical problem, rather than a mixture of personal preference, corporate 

identity, political agenda, fashion or any other analytically not describable factors. 

No matter the optimization process, it is important to introduce and discuss Cayley’s 

paradigm. Cayley’s paradigm basically states that the combination of optimized 

subsystems will lead to an optimum system as a whole. Although Sir Cayley has 

developed this paradigm in relation with aircraft design, it is not a universally true 

statement. Cayley’s paradigm is only valid for weakly and linearly coupled 

subsystems, but it will lose its validity when applied to a complex, nonlinear system 

with strong coupling. For example the paradigm could be used for the design of 

general aviation aircraft, but in the case of spacecraft, or hypersonic vehicles for that 

matter, the sum of the optimum subsystems does not necessarily yield an optimum 

system. There are various other examples outside the engineering world, such as 

human societies for example. It is important to keep in mind Cayley’s paradigm and 

its validity when an optimization process is applied to a complex problem such as 

aircraft design. 

There is a large list of optimizers available today. The table below shows a selection 

of the most popular and successful methods and codes used by today’s commercial 

systems [29.]. 

This research project uses a design methodology for which the use of an optimizer is 

an intrinsic requirement. Thus the success of the method depends partially on the 

optimizers. Two optimizers were integrated into the design framework, the 

commercial LSGRG2 and the self-programmed PDGenetic. Although technically one 

optimizer, in theory, should be able to solve almost all problems, as we’ve seen there 

are some more suitable for a given task then others.  



17 

 

Table 3-3: Popular optimization methodologies 

Optimizer name Abbreviation Type Reference 
Nonlinear Programming 
by Quadratic Lagrangian  

NLPQL Quadratic programming [30.] 

Modified Method of 
Feasible Directions 

MMFD Gradient based [31.] 

Large-Scale Generalized 
Reduced Gradient 

LSGRG Gradient based [32.] 

Hooke-Jeeves Direct 
Search 

- Pattern search [33.] 

Nealder & Mead Downhill 
Simplex 

- Pattern search [34.] 

Adaptive Simulated 
Annealing 

ASA Simulated annealing [35.] 

Multi-Island Genetic 
Algorithm 

MIGA Evolutionary algorithm [36.] 

Multifunction Optimization 
System Tool MOST 

Hybrid: 

 Quadratic programming 

 Pattern search 

[37.] 

Tabu search TABU Pattern search [38.] 

Pointer Automatic 
Optimizer 

POINTER 

Hybrid: 

 Evolutionary algorithm 

 Pattern search 

 Quadratic programming 

 Gradient based 

[39.] 

Non-dominating Sorting 
Algorithm 

NSGA-II 
Multi-objective 

Evolutionary algorithm 
[40.] 

Neighborhood Cultivation 
Genetic Algorithm 

NCGA 
Multi-objective 

Evolutionary algorithm 
[41.] 

Archive-based Micro 
Genetic Algorithm 

AMGA Evolutionary algorithm [42.] 

3.3.1 LSGRG2 

The LSGRG (Large-Scale Generalized Reduced Gradient) is the method used by 

the Solver plug-in in Microsoft Excel, which makes it one of the most widespread of 

optimizers.  It is a gradient based method, which is very robust, able to handle 

nonlinearities and discontinuous functions to some extent. The one currently used is 

a 1997 version standalone program, written in Fortran[43.]. It uses manual memory 

allocation, and by default is set to handle 51 variables and constraints, however with 

the memory capacity of modern computers this number can be significantly 

increased. A modern version of the Solver can handle up to 12000 variables and 

12000 constraints.    

LSGRG2 solves in two steps: 

1. Finds a feasible (satisfies all constraints) starting point 

2. Uses gradient based search to improve the solution 

Based on experience, it is very good at performing the second step, it efficiently finds 

the (probably local) optimum point reachable from the starting point. Howevert what 

the code can sometimes struggle with is finding the starting point. The more 
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nonlinearities and discontinuities the problem has, the less likely it is to find a good 

starting location. If no starting point is found, the second step is not performed. 

3.3.2 PDGenetic 

In order to counter the starting point drawback, it is a logical step, to have another 

optimizer that works on a different principle than the LSGRG2 to find those hard to 

reach initial points, and act as a backup if required. Of the available methods, an 

evolutionary algorithm was chosen. Evolutionary methods, as it was mentioned, are 

very good in exploring the design space, and finding solutions which can be further 

improved, however unless they have additional algorithms to guide a local search, 

they do not have the performance of gradient methods to home in on the optimum 

solution, and as it supposed to be a random process, evolutionary algorithms are not 

guaranteed to find extrema at all. 

As there was a requirement to preferably use freely available methods (see next 

chapter), purchasing a commercial, high performance evolutionary optimizer was out 

of question for this project. Thus the two option remaining were obtaining a free 

optimizer (GNU or other GPL for example), or developing one for the project. After 

evaluating the various available free codes, it can be concluded, that none of them 

were universal, most of them relied on specific settings for specific problems to solve 

properly. The problem with that is two-fold: firstly, one has to understand what is the 

effect of a given setting, then by predicting for what problem it will be applied to, 

come up with values that would lead to efficient solving. Furthermore, most of these 

free codes are poorly documented, and even if they aren’t there are usually no 

explanations behind the settings, rather just values that were found to be producing 

good results. Effectively to use an optimizer like this, one would have to delve deep 

into the details of the code to try to figure out how it works, and modify it if required. 

After attempting to do this for a specific application, it was clear, that for comparable 

effort, a similar performing optimizer could be created, that could be tailored to the 

specific application and furthermore, its inner workings would be perfectly 

understood. This is the logic behind the creation of the PDGenetic optimizer. 

The optimizer was created as a native JAVA application. There is no theoretical limit 

set to the number of variables, constraints of objectives, it can handle as many as 

the CPU and memory in the computer is able to, although it was not tested for very 

large scale problems. Also, in the current configuration it is set up to work as a 

multivariable, single objective, constrained evolutionary optimization algorithm, with 

real double precision genetic encoding. The process puts more emphasis towards 

finding a feasible (all constraints satisfied) individual rather than to attempt to find 

local extrema. This yields a perfect starting position for the LSGRG2 (or any other) 

gradient based methods. 

The optimizer has various methods built in for the different phases of the 

evolutionary process, and which one is used is controlled by user set probabilities, 

so there is very high exploration potential, as compared to a gradient based method 
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where same inputs will result in the same results. These probabilities are currently 

set to the values that provide acceptable performance for an aircraft design problem. 

In terms of settings the aim is to have an optimizer that explores as much of the 

design space at the early stages, and as the steps progress, change the focus from 

global exploration to local improvements, and thus find the optimum. It has to be 

noted that exploration and finding extrema are opposing processes, thus focusing on 

one would hinder the other. In evolutionary algorithms, one can allow a few slots in 

the gene pool just to explore and thus provide fresh genes, making the process less 

probable to get stuck at a local optimum and more probable to find the global. 

The first step in evolutionary algorithms is the creation of a gene pool. This contains 

individuals, with various genes. Each individual corresponds to one iteration of a 

design, for example one set of parameters to define an aerospace vehicle. After 

setting the initial to its first generation, a set process is repeated (each iteration is 

referred to as a generation) until the process has converged to a suitable individual 

or a set number of generations is reached. Although evolutionary algorithms can 

vary in details, but the general process is usually similar. A summary of the generic 

steps, and their respective available methods in PDGenetic are listed, and briefly 

described below. For more details on how evolutionary methods work please refer to 

Goldberg [44.]. 

0. Set initial population: usually the gene pool is either filled up with random 

genes to facilitate exploration, or contain specifically set individuals 

considered for further improvements. 

1. Selection: Select individuals to have a chance to be passed on to the next 

generation and/or act as parents for individuals in the next generation. 

Selection process is usually based on the fitness of an individual. Selection 

processes are usually characterized by the ratio of new individuals created to 

the ones carried over from previous generations. Having low number of new 

genes inhibit exploration, having too many could lead to convergence 

problems. For comparisons of different selection methods, refer to Goldberg 

and Kalyanmoy [45.] or Blicke and Thiele [46.].  

a. Elitist: best individual, or top p percentage of the population is carried 

over between populations. Can be set to zero, but non-elitism is an 

almost guaranteed recipe for convergence problems, thus almost all 

selection methods are elitist. 

b. Roulette selection: a method where individuals represent an area 

proportional to their fitness on a round table. Then a random point is 

chosen on the table (representing the ball on a roulette table), and the 

corresponding individual is selected. Classic roulette selection has 

problems if one individual has outstanding fitness levels, as that 

individual would dominate the “roulette” game, and the rest have very 

low chance to be selected, which could lead to premature convergence 

and local optimum solutions instead of global. 
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c. Rank roulette: an improvement compared to the original roulette 

selection, where individuals represent an area proportional to their 

rank. The area distribution can be members from an arithmetic or 

geometric series, which can be controlled by a parameter. 

d. Random selection (not fully implemented) is usually used to select two 

(or more) individuals randomly and simulate a “fight for survival” 

(tournament) where the individual with the highest fitness wins and 

progresses into the next generation. This selection aids exploration, as 

due to the random selection, low fitness individuals usually have higher 

chances than the other described methods to reach the next 

generations.  

2. Crossover: new individuals (offspring) are produced with some combination of 

parent individual’s genes 

a. Simple mixer: The offspring’s alleles gets the average of the two parent 

allele values 

b. Simplex: The offspring gets the allele values based on a simplex 

(triangle in this case) formed by three parents, and scaled by a set 

epsilon. For more details on real simplex crossover refer to Tsutusi et 

al [47.], for the original simplex method (pattern search) refer to Nelder 

and Mead [48.]. 

c. Random mixer: The offspring’s alleles are set at a random point 

between the  two parents’ allele values 

3. Mutation: random changes (usually small) applied to selected individual’s 

genes. Hybrid and pattern search methods usually utilize controlled mutation, 

where the randomness is biased to move the individual towards a required 

direction in the design space. 

a. Random mutation: an allele in selected individual’s gene is changed by 

a random value with probability P. The magnitude of mutation starts 

high, but reduces as generations progress, switching from exploration 

to local search. 

4. Evaluation: evaluate the objective functions and constraints for each 

individual: this is the connection to aerospace vehicle design methods.  

Assign fitness values to new population, depending on methods, apply 

penalties to individuals with violated constraints, fitness scaling, rank 

individuals, etc. 

a. Death penalty: if an individual violates constraints it is removed from 

the gene pool. This ensures that all remaining individuals are “feasible” 

(no constraints are violated). For aircraft design type problems, based 

on the author’s experience this is not a good method, as the actual 

feasible design space can be very small and hard to locate. It is usual 

to not have any feasible solutions for many generations. Death penalty 

is a good approach when the feasible design space is large compared 

to the overall, or switching to this approach at later generations, where 

it is desired to have only feasible solutions. 
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b. Adaptive penalty: this approach allows an individual to violate 

constraints, but applies a penalty to its fitness. This ensures that 

solutions with very good objective function values, but slightly outside 

the feasible space still have a chance to be selected as these 

individuals often lead to the optimum solutions. The key question, and 

where various methods differ is the amount of penalty applied. Ideally 

at early generations, the penalty for violation should be kept low to 

encourage exploration, but at later generations it should become more 

severe to ensure that feasible solutions are selected. PDGenetic uses 

a self adaptive penalty function based on Tessema and Yen [49.] and 

Barbosa and Lemonge [50.] and Jardaan et al. [51.]. 

5. Check for convergence, time or iteration limits. Repeat the process from 1st 

step, adjust control parameters and switch methods as required. 

By its nature, a genetic algorithm lends itself to parallel-execution, which can 

significantly speed up an optimization process. The challenge however is to 

parallelize the code used for evaluation. While most modern programming languages 

support parallel execution in one form or another, legacy codes are very unlikely to 

do so, thus they can present a bottleneck in computing performance. Parallel 

execution is not a feature in PDGenetic in this initial version, but the possibility to 

implement is available.  

The optimizer was tested using a selection of test functions from Koziel and 

Michalewicz [52.] and Professor Howard Smith’s Concept Benchmark code. No 

quantitative results were collected, but quantitatively the following conclusion can be 

drawn: 

 The optimizer is able to function with arbitrary number of inputs and 

constraints 

 The single objective function can be minimized or maximized 

 The optimizer was tuned to achieve feasible solutions foremost, and thus not 

always converges on the exact solution, but usually within close proximity 

 The optimizer takes more time to return solutions than other performance 

optimized codes 

The conclusions listed above show, that although the optimizer cannot compete with 

commercial or high performance research codes in terms of performance, it is able 

to provide capability to the design environment. In the future it can either be 

improved by future researchers, to provide some hands-on experience for 

optimization, or if pure performance is desired, replaced by a more capable code. 

Retrospectively, in the author’s opinion, coding an optimizer from scratch might not 

be the best option to choose, especially when other parts of the design environment 

is to be developed. However seeing the mechanism of these codes enables 

designers to gain much deeper understanding and more use out of the software, 
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than just to consider them as “black boxes”, which in the author’s opinion, is 

essential. 

Finally, to round off the discussion, a comparison is shown in Figure 3-3 between the 

LSGRG2 and the PDGenetic, solving a real optimisation problem in this research. 

 

 

Figure 3-3: Optimizer example performance; LSGRG2 (top) and PDGenetic (bottom) 

What can be seen is that the evolutionary optimizer due to its explorative nature can 

start off very close to the actual optimum, but it would struggle more to zoom in, as it 

relies on chance to guide it in the correct direction. Also, keep in mind that every 

iteration step requires the evaluation of the whole gene pool, so more than one 

design point, so it’s computationally expensive. The gradient based however starts 

off at the specified initial point, but gradually moves towards the optimum. Where it 

can go wrong, is if there are discontinuities, etc. what it can’t jump through, and 

would get stuck, or misled towards a local extremum. 

3.4 The GENUS Aircraft Design Environment 

3.4.1 Introduction 

As it was mentioned, all aerospace vehicle design methods tend to gravitate towards 

computer integrated design environments. Design environments enable modular 

implementation of the aircraft design process, which has two main benefits. First of 

all, it enables specialists to develop methods covering their field in detail, without the 
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need to understand and know everything else in the process. Second, but perhaps 

even more important, that it enables the reuse of methods, thus takes away the need 

to “re-invent the wheel” over and over again. This proves to be a particular problem 

at university level, as often students spend most of their available time developing 

methods, and have very little chance to actually understand the outcome, or analyse 

special features in more detail. An example to put this more into perspective, every 

time a new aircraft design process is started, methods are developed to represent 

geometry. Ultimately however, all these methods converge to a fairly similar solution, 

especially for conventional aircraft shapes. Although there is academic value in 

understanding this process, it could take away weeks or months from the available 

project time, so if the focus of the project is not geometry related, it is definitely not 

beneficial. To overcome this issue, it was decided, that part of this doctoral research 

is the development of a design environment that will enable future students and 

researchers to benefit from the work done by the author, and to reuse as many 

features as possible; thus the GENUS Aircraft Design Environment was born. 

The word genus comes from either the Latin term genus (descent or family) or the 

Greek genos (race, kin). It is used by biologists as a taxonomic rank to classify 

organisms; Genus is positioned above the rank of species and below the rank of 

family in the hierarchy. For us, the name signifies the connection between the 

various “species” of aerospace vehicles, and the design environment’s ability to 

encompass the design methods for all of them. 

 

Figure 3-4: Taxonomy of organisms (source: [53.]) 

The GENUS environment was envisioned by Professor Howard Smith, head of the 

Aircraft Design Group. The high level requirements for the software were collected 

based on his experience as an aircraft designer. These requirements are the 

following: 
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The aircraft design program has to be: 

 Modular 

 Expandable 

 Flexible 

 Independent 

 Sustainable 

 Able to perform 

The modularity requirement means, that the various disciplines of aircraft design 

have to be contained in their independent, well separated blocks of code, or 

modules. This will enable the users to put together an aircraft design method, based 

on available modules. For example one can have various ways to predict 

aerodynamic coefficients, one modules could use empirical methods, and another 

could rely on a panel method or full Navier-Stokes CFD simulation, and so on. It is 

up to the user of the environment to choose an existing, modify or create a new 

method to suit their requirements. So for example if the user wishes to develop a 

new aerodynamic estimation method, he creates his own module, but reuses all the 

other modules already available for other aspects of the design, such as propulsion, 

mass breakdown, etc. and can concentrate on developing his methodology. Most of 

the object oriented programming languages support some form of modularity. 

Expandable means, that there should be no (software) limit to how many different 

modules or methods the code can use, and how detailed those methods can be. 

There is no reason why the modules have to stop at conceptual level approaches 

within the programming framework; it could be possible to develop methods meant 

for detailed aircraft design (subject to computational power of course). Most of the 

today’s programing languages handle dynamic memory allocation for the programs, 

thus provide theoretically infinite expandability as opposed to legacy languages such 

as Fortran 77, where the whole program has to be loaded into the memory before 

execution. 

Flexible is perhaps the most challenging of all the requirements, as this means that it 

should be possible to design any type of aerospace vehicle using any (appropriate) 

methodology by a knowledgeable user. This requires high levels of abstraction 

towards representation and implementation. For example one cannot simply refer to 

an aircraft wing in a method, as that would constrain the GENUS framework to work 

only for aircraft that actually have wings. As an implication it would be impossible to 

use the framework for the design rockets, lighter than air vehicles, space capsules, 

helicopters and so on, thus restricting the exploration of the genus of aerospace 

vehicles. Programming languages that support abstraction and polymorphism can be 

used to achieve sufficient flexibility. 

Independence and sustainability are important for the future of the GENUS 

environment. It should not be dependent on any specific software to run (such as 
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Matlab), as this would require the purchase of (potentially very expensive) software 

for each individual wishing to work with the program, and could also mean that it 

could be prohibitively expensive to use, which might make the program unsuitable 

for funded research. Furthermore if the software is ever discontinued, it will also 

make the framework obsolete. For this reason it is also important to use a 

programming language that is well established, has future potential, and either freely 

available or at a sufficiently low cost. 

Some minimum performance requirements are also in place. Computer programs 

created by students without coding experience are likely not to provide as high 

performance as in the case of commercial software, but a user should be able to run 

the program on conventional desktop/laptop computers within a reasonable time 

frame. Although today’s computers have tremendous computing power, they 

resources can quickly be consumed by running optimization tasks that could perform 

hundreds (or thousands, even millions) of iterations. To achieve this, ideally the 

programing language should be of compiled type, rather than interpreter. 

3.4.2 Programming languages 

Regarding programing languages, there is a wide range of them available to a 

designer. The two main categories are compiler and interpreter languages. A 

compiler language is a language, where the typed instructions are compiled (and 

assembled and linked) by a program, which is then turned into machine code, what 

the computer can execute. Interpreter languages on the other hand don’t compile 

into code, rather rely on an interpreter program (sometimes referred to as a virtual 

machine) to interpret and execute the commands one after the other. Generally 

compiled languages tend to run faster, as they can be directly executed and do not 

have the “interpretation overhead”. 

There are thousands of languages available these days, even excluding outdated, 

purpose made, complicated and esoteric programming languages (such as Arnold C, 

Malebolge, Single instruction programming languages and so on) there are many 

languages to choose from. The following table shows the IEEE’s top 10 

programming languages (based on popularity) for 2014 [54.]. 
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Table 3-4: List of top 10 programming languages as of 2014 

Rank Name Properties Introduction 

1 JAVA 
Compiler (Bytecode) 

General purpose, concurrent, class-based, object oriented 
1995 

2 C 
Compiler 

General purpose, imperative 
1972 

3 C++ 
Compiler 

General purpose, with imperative, object oriented and 
generic features 

1983 

4 C# 

Compiler (Bytecode) 
Multi-paradigm programming, encompasses strong typing, 
imperative declarative, functional, generic, object-oriented 

(class-based) and component oriented features 

2000 

5 PYTHON 
Interpreter 

High level, general purpose, object oriented, imperative, 
functional 

1991 

6 
JAVA 

SCRIPT 
Interpreter 

Dynamic language, mainly used as part of web browsers 
1995 

7 PHP 
Interpreter 

Primarily server-side scripting language, but is also used 
for general purpose 

1995 

8 RUBY 
Interpreter 

Dynamic, reflective, object-oriented, general purpose 
1995 

9 SQL 
Special purpose 

Database management system 
1974 

10 MATLAB 
Interpreter 

Multi paradigm numerical computing environment 
1984 

 

It is interesting to note that although generally regarded as the language of technical 

computing, Fortran is only 24th on this popularity list for general programming. This is 

partly due to the fact that computing is much more widespread these days, and 

many more user programs, games, web applications, etc. are created for the 

consumers than technical software, but also because of the ease of use and 

flexibility of other languages compared to Fortran. Nevertheless for technical work, 

the Fortran language (especially Fortran 77) or at least a language that can interface 

with Fortran is essential, as there are scores of legacy programs available for the 

user, for example from NASA or U.S. Air Force all written in Fortran. 

Considering several options, for the GENUS framework, the chosen language was 

Java. The main factors behind the choice are the following: 

 General purpose programming language 

 Easy to learn 

 Active and very popular language that is likely to stay 

 Interfaces with many common languages, such as Python, C/C++/C#, and 

through C with Fortran 

 Wide range of resources and help available from programming communities 

 Ideally platform independent 



27 

 

 Good performance: although not a compiler language in the strictest sense, 

but is considerably faster than interpreter languages 

 Object oriented and has dynamic memory allocation 

 Supports abstraction and polymorphism 

 Free to use 

Although there can always be arguments for and against the programming language 

chosen, unless world class peak performance is desired, there is no right or wrong 

choice, as long as a language is chosen, that enables the successful implementation 

of the design methodologies; and JAVA ticks all the boxes. 

3.4.3 The overview of GENUS 

As it is the aim of the GENUS design environment to provide a modular, flexible 

framework both for designers to use existing, and for researchers to develop new 

methods for aerospace vehicle design. After evaluating various design systems, 

methodologies and approaches, 9 (+1) essential modules were identified, that are 

required to synthesize and analyse most aerospace vehicle concepts. These 

modules, intentionally in this specific order, are the following: 

0. Geometry 

1. Mission specification 

2. Propulsion specification 

3. Mass breakdown 

4. Aerodynamics 

5. Propulsion 

6. Packaging and CG 

7. Performance 

8. Stability and control 

The +1 module is an Atmospheric module, which although not essential, it is good 

practice for all modules to use the same properties, as although most of the 

atmospheric models are very close to each other, it could still lead to inconsistent 

results if different ones are utilized. Furthermore, by containing all atmospheric (and 

planetary) properties in one module, it would be easy to expand the environment to 

handle extra-terrestrial vehicles on planets such as Mars or Jupiter. The Atmosphere 

implemented for general use is the 1976 US Standard Atmosphere[55.]. 

In addition to the essential modules, the design program can have any number of 

additional “special modules” loaded. These modules are meant to provide special 

features, that are specific to and unique type of aircraft, such as calculating solar 

radiation intensity for solar powered aircraft, but are not required for the design of 

any other aerospace vehicles. 

The following pages will describe the architecture of the framework, the connection 

between the modules, how the GUI and the optimizer is integrated. The outline of the 

GENUS framework is shown in the image below. 
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Figure 3-5: Genus Design Framework 

Essentially the Framework provides the connection between the modules in the 

Design Program, enables the user to input and extract values through the GUI, and 

to set up optimization processes, where the same design program is run, with 

varying internal variables, being controlled by the optimizer, based on the objective 

and the constraints. In the context of this framework, “Internal variables” are the ones 

that the optimizer is allowed to change, and “External variables” are the ones that the 

user has to input (or use pre-set defaults) but the optimizer is not allowed to change. 

For example wingspan or sweep of a wing could be an internal variable, but the 

construction type of an aircraft structure, whether its skin-stringer, mass boom, etc. 

are typically external ones. 

3.4.4 The design program 

In the beginning of Chapter 3, the aim of the design process was investigated, the 

rest of this chapter will describe how it is achieved within the GENUS environment. It 

is also important to introduce the terminology used in the design environment, as 

words with similar meaning could refer to significantly different features. The 

following terms are used regarding data in the environment: 

 Internal variables: double precision numbers that are selected as variables for 

the optimization process. These numbers are the only features that the 

optimizer can affect in the design program. 

 External variables: all other values that the user can use to interact with the 

design program. Whether a variable is internal or external, the user can 

change between optimization runs. 
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 Inputs: collective term for the objects that one module of the design program 

accepts to control its behaviour. In the current version, the following types of 

inputs are used: 

o Integers: used for number of passengers, powerplants, etc. 

o Double precision real numbers: these can be Internal variables, used to 

input most of the variables 

o Lists: a choice between pre-defined options, such as wing construction 

type, materials and so on 

 Outputs: double precision numbers that can be used by the optimizer, either 

as the objective function or as constraints. 

 Results: any form of output a module is capable of producing, could be 

numbers, text, images, videos, etc. The results are meant for human 

consumption, and unlike the outputs can have no effect on the optimization 

process. Naturally, a module can write out its Outputs as part of its Results. 

 Model: the actual code that is contained within a module. A model can be 

anything from a few lines of code to tens of thousands of lines, but also 

methods that call some external program, or perhaps a blank module, where it 

actually doesn’t calculate anything (subject to other modules not relying on 

the results of this one!). 

It is worth mentioning, that a model might not need direct input from the user or 

optimizer, and it is also possible that a module does not provide outputs or results at 

all. For example an aerodynamics module using an estimation method that uses 

empirical equations purely based on geometry and needs no special settings would 

not have inputs. On the other hand, while having outputs or results would be 

acceptable, but in that case the user will have no information at all about the given 

module, which unless that module is created purely to support the function of 

another module, is not necessarily desirable. 

The policy on module making is the following: it is essential to preserve modularity, 

and reusability. This means, that a new module should only be created, if more than 

one module would rely on its workings. And if it is created, it has to be ensured, that 

the module is able to provide results to any applicable module, not just for one 

specific. If the module would just serve one specific application, then it should be 

self-contained in that module instead. An example of one of these extra modules is 

the Solar radiation module. Although it is primarily used at the moment to calculate 

data required to evaluate available power for solar powered aircraft, it can also be 

utilized by other modules, for example to calculate heat input by radiation to size 

Environmental Control Systems (ECS). 
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Figure 3-6: Design program essential structure 

Figure 3-6 shows the structure of the design program, with the 9 essential modules. 

The colouring is consistent with the figure above, to ease identification of where it fits 

into the framework. The arrows shown represent the direction of information flow 

within the design program, and the significant coupling between the modules. The 

aim of the design program is to produce a single instance of aerospace vehicle 

design based on a current set of inputs (both internal and external). The program 

has to be very robust, as it has to be able to produce a design for all foreseeable 

input combinations.  

As it was mentioned before, design is by definition an inverse process, as the 

desired outcome is known, but not the inputs. The main challenge is, that it is often 

very hard or perhaps outright impossible to reverse engineer designs as unless all 

the functions between the inputs and results are injective, or in simple terms no two 

different inputs produce the same output, there is no distinct connection between a 

desired output and a required input. While human creativity usually overcomes this 

issue by using engineering judgement, ‘rule of thumb’, wild guesses or something 

similar, a computer is not constructed to solve problems this way. 

Where a computer excels, is the ability to perform tremendous amount of simple 

operations, without tiring, and without making errors. Modern personal computers, 

for example one with an Intel i7-4770K 3500GHz 4 core CPU using Haswell 
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architecture, depending on application, can perform about 177 GFOPS (177 ∙ 109 

Floating Point Operations per Second)[56.]. But even with this capacity a computer is 

not able to decide, unless specifically instructed how to. As a result, to fully utilize a 

computer’s capacity, it should be used in design processes in a fundamentally 

different way than humans. The chosen method of operation is assume, synthesize, 

evaluate, and then iterate by changing initial assumptions as opposed to a 

designer’s thinking process. The difference is illustrated in the image below. 

 

 

Figure 3-7: Computerized (top) and human design process (bottom) 

In this computerized design process, it is the optimizer’s task to iterate and prescribe 

the new inputs for the design program. The design program itself takes any inputs 

prescribed (within reasonable bounds set by the knowledgeable user), and produces 

as many outputs for the given single instance of design as possible. This is the point 

where the robustness has to come into play; these results must always be 

generated, regardless of circumstances, otherwise the optimizer will not be able to 

drive the process. To give an example, if an unfortunate input combination would 

result in an aircraft that is incapable of taking-off, the performance module must still 

produce a nominal take-off distance, which although is physically meaningless, it is 

used to carry the procedure further on. 

It is the task of the constraint analysis routines to decide whether a requirement 

(constraint) is met, or not, and if not, how far off is the calculated to the required 

value. For example designs for which calculated cruise range is 1 meter short to the 

prescribed range, would still be very good designs, potentially not far from the 

optimum solution, but one that violates the range constraint by a thousand nautical 

Assume inputs 
Synthesize single 

instance of design 
Evaluate outputs 

Desired results Thought process Derived inputs 

Iterate 
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miles, would have to be evaluated as a worse solution. In the GENUS environment 

the constraints are always described as the following: 

𝐶𝑜𝑛𝑠𝑡𝑟𝑎𝑖𝑛𝑡𝑖 =
𝑉𝑎𝑙𝑢𝑒𝑡𝑎𝑟𝑔𝑒𝑡;𝑖 − 𝑉𝑎𝑙𝑢𝑒𝑐𝑎𝑙𝑐𝑢𝑙𝑎𝑡𝑒𝑑;𝑖

𝑉𝑎𝑙𝑢𝑒𝑡𝑎𝑟𝑔𝑒𝑡;𝑖
 1 

 

This description scales the constraints, which is important in the optimization 

process, as an assumed and predicted mass difference could perhaps be 100,000 

(kg) for a set of inputs and another output such as a drag coefficient should be 

accurate up to the 5th decimal, these numbers shouldn’t be directly compared to 

each other when for example allocating penalties, etc. Most good optimizers have 

some form of built-in scaling procedures, but in the most general case, the 

optimizers see the design program as a “black box”, they cannot have knowledge 

about the intended magnitudes and precision of a given constraint.  

3.4.5 The GENUS GUI 

The framework program was created with a Java native Swing GUI. This is where 

the user can select the modules, set the inputs, select internal variables, objective 

and constraints. Single and optimization runs can also be started from this interface, 

and results viewed in text format. The following images show examples of the main 

parts of the GUI. 

 

Figure 3-8: Module selection in GENUS 
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Figure 3-9: Setting inputs in GENUS 

 

Figure 3-10: Outputs in GENUS 
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Figure 3-11: Typical optimization process setup and results graph in GENUS with example Mass 

Breakdown outputs  



35 

 

3.4.6 The GENUS Data Flow 

This part of the thesis describes the flow of information between the various 

components of the program. 

Each module has to provide methods to fill up an array of inputs to send and read 

from another array to receive input data to/from the GUI. This standard format 

ensures, that all the modules work with the GENUS framework, and the 

programmers of new modules don’t have to spend time implementing these features 

again. The method to write the inputs to be displayed in the GUI is called 

writeInputArray, while setting the module from the GUI inputs is called setModule. 

It is very important to note once more, that what a module uses as its inputs only 

depends on the programmer, the structure of the model inside the module is 

independent of the items displayed in the GUI. However it must be ensured, that 

whatever input is set in the GUI, the models inside the modules are clearly defined, 

as the optimizer must call these methods in rapid succession, without any human 

intervention. 

During a single instance of design, the modules can be executed, to perform its 

function. For example an aerodynamics module could be executed to generate 

coefficients based on the geometry specified. Not all modules need to be executed, 

for example a propulsion specification module might only contain information about 

the powerplant used, and has nothing to calculate, nor would it produce any outputs. 

In this case it does not need to be executed, all the changes to the model happens 

when the module is set from the GUI. Both execution and setting follows a strict 

order in this version of GENUS, always in the order in which the models are placed 

in the selectedModules array. For the 9 essential modules, this order is identical to 

the number of the module (0 for Geometry for example), and the special modules are 

numbered consecutively in the order of addition. Figure 3-12 shows the described 

procedure, including the link to the optimizer process. 
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Figure 3-12: GENUS data flow 

In addition to the methods mentioned, each module must also have the following 

properties set up: 

 Name: identifier for the user, to choose the appropriate model, does not have 

to be unique 

 ID: numerical identifier, denoting the position of the module in the 

selectedModules array, has to be unique and conform with the numbering for 

the essential modules 

 hasInputs: Boolean, describing whether the GUI has to display and set inputs 

for this module 

 hasOutputs: Boolean, describing whether the module has any outputs to be 

used by the optimizer 

 hasResults: Boolean, describing whether the module has any text result for 

the user 

 isExecutable: Boolean, describing whether the module has to be executed 

during a single instance of design 

 constructor: every module must be initiated with starting values, and default 

inputs/outputs generated in its standard no-input constructor. For more 

information on constructors, refer to JAVA documentary  
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4 Hypersonic Design 

4.1 Introduction 

The concept of hypersonic flight is not new. The earliest design for a hypersonic 

vehicle was conceived in the late 1930s by Eugene Sänger in Germany. This vehicle 

was called the Silbervogel [57.] (Silver bird), and it was intended to be an antipodal 

bomber, able to deliver a payload of bombs to the United States, and land safely in 

Japan. The project was cancelled by the Reich Air Ministry in 1941, but Sänger 

continued his dream project nevertheless, coming up with advanced versions of his 

design.  

 

Figure 4-1: Sänger Silbervogel (souce: [58.]) 

Despite this early start, up until now, no fully reusable hypersonic vehicle has been 

produced. The reason behind this is a complicated mixture of lack of available 

technology, funding and design issues, and also politics. 

The term hypersonic relate to the high speeds achieved by the vehicles, high above 

the speed of sound. There is no exact boundary of hypersonic flight, however as a 

general consensus, the hypersonic regime is considered from Mach 5 and above. 

Why this number, and more exact definition of the hypersonic flow regime is 

discussed in Chapter 4.2.5.2 Hypersonic flow. 

There is significant difference between the utilization of the two classes of 

hypersonic vehicles being investigated. The Space Launcher’s aim is to accelerate a 

given payload into space, and return safely to the atmosphere; the closest example 

to mention is the Space Shuttle. On the other hand the Hypersonic Transport 

achieves, and sustains a cruising speed, at which it will travel to its destination, 

similar in many respect to today’s airliners. Due to the difference in their utilization, 

their design requirements, and solutions are significantly different; fundamental 
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difference in shapes, preferred propulsion systems, and so on. These differences are 

further investigated and discussed in the following chapters of this thesis. 

4.1.1 Historical, present and future vehicle concepts 

The first step in the conceptual level design of hypersonic vehicles is to get 

familiarized with the historical, present and possible future hypersonic concepts 

available. In this study, over 300 different designs were investigated in detail. Most of 

these concepts have never left the drawing table, yet they can provide us with useful 

knowledge: the reason why the concept was unfeasible or undesirable. Design of 

hypersonic vehicles was (and still is) heavily intertwined with politics, which up to this 

day is one of the greatest factors in the selection of supported and cancelled 

projects. As a result sometimes the political agenda got ahead of reason, which had 

a negative effect on the development of hypersonic craft. 

The sources for these concepts are varied; most are from trusted sources, such as 

NASA, AIAA and other scientific papers, or the designer’s website, such as Energia 

(Buran). However some concepts were acquired from websites such as 

Encyclopedia Astronautica[59.], non-reviewed journals or books, blogs, news sites 

and other similar media. Although the reliability of these sources could be 

questionable, the data acquired serves as a guide to gain an overall perspective of 

the classes of vehicles under investigation. The concepts thus investigated were 

compiled into a hypersonic vehicle database. In order for a design to be included in 

the database, it had to fulfil the following requirements: 

 Able to reach either: 

o Mach 5 

o 100 km altitude 

 At least partially reusable 

Mach 5 as it was mentioned is the consensual lower boundary of the hypersonic 

flight regime. 100 km, is also a generally accepted boundary of space. The Kármán 

line can be placed roughly at this altitude; the line above which aerodynamic lift can’t 

be achieved without travelling at or above the orbital speed at that altitude. In 

practice this means, that conventional lifting flight is impossible above this line. This 

is not the only accepted boundary of space however. Due to the use of imperial 

units, many researchers in the USA (including NASA) uses a defined edge of space 

at 122 km. This corresponds to a nice round 400,000 ft altitude. A third, different limit 

was historically used by the United States Department of Defense: in the 1960s 

pilots who have reached an altitude of 80 km (50 miles) were awarded astronaut 

wings, as opposed to the now standard 100 km. In this thesis, the 100 km definition 

is used, except when comparing data to sources using the 122 km limit. 

The reusability criterion is included to focus the research on more aircraft-like 

operation as opposed to investigating the “conventional” rocket type launchers. 

While there are many benefits of the rocket, the fact that the vehicle is lost after each 
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launch, considering both monetary and technical implications, a reusable space 

launcher is highly desirable. There are additional pros and cons to both reusable 

vehicles and expendable launchers, which will be discussed in the relevant chapters 

of the thesis. Transport operations intrinsically assume the reusability of the vehicle. 

For each concept investigated, the following data was recorded in the database: 

 Name of the design 

 Status: Concept, Cancelled, In development, Retired, Unknown 

 Designer/Owner 

 Type/Stages 

 Mission type 

 AUM 

 Payload: LEO for launchers 

 Launch and landing 

 Predecessors 

 Begin date, First flight, Number of flights, Cancellation date: as applicable 

 Owning country 

 Powerplant(s): type and number 

 Fuel system(s) 

 Thermal Protection System 

 Cost: per unit mass or flight 

For a list of current hypersonic vehicles and programs, refer to Appendix C - List of 

current hypersonic vehicles. An additional list of vehicles investigated during the 

research, but not introduced to the database can be found in Appendix D - Extended 

list of hypersonic vehicles. 

4.1.2 Requirements definition 

To begin with the conceptual design, it is important to pose reasonable requirements 

toward the design. A hypersonic transport or launch vehicle usually has one primary 

role to achieve; deliver a payload, either to orbit or to some faraway part of Earth. 

This payload can range from scientific equipment, supplies to human cargo or 

weapons. At the conceptual level, this usually simplifies to one measure: the mass of 

the payload. 

Based on the database generated, the payload ratios (mass of payload divided by 

the AUM) can be calculated. Figure 4-2 shows the frequency distribution, and the 

cumulated frequency distributions of the payload ratios. It can be seen, that 92% of 

the designs assume a payload ratio of 5% or less. At this range however the designs 

show a roughly even distribution. The higher the payload ratio, the higher the level of 

technology required and higher is the risk involved. Furthermore, too high ratios 

usually result in infeasible concepts.  
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Figure 4-2: Payload ratio frequency distribution 

An additional database was generated, capturing the “mass flow” into space. NASA’s 

National Space Science Data Center (NSSDC) [60.] maintains a database on all 

spacecraft launched. From this database, the payload mass, launch vehicle, launch 

base and target orbit could be acquired. These payloads could then be plotted as 

frequency and time distributions from the launches to gain some insight on the 

payload launch requirements.  

 

Figure 4-3: Launched payload mass distribution in 2011 
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Figure 4-3 shows the mass distribution of launched payload masses in 2011, plotted 

against time. What can be seen is that there is no apparent seasonal change in the 

launch operation. This is mainly due to the global nature of the launch business; also 

the best launch sites are situated near the equator.  

 

Figure 4-4: Launched payload mass frequency distribution in 2011 

Similarly to the payload ratios, the frequency distribution, and cumulated frequency 

distribution of the launched payloads is shown in Figure 4-4. Based on the frequency 

distribution it can be derived that over half of the payload launched is in the range of 

1000 to 7500 kg. Also, around 20 percent of the global market is under 500 kg. In 

order to design a successful launcher, it has to be ensured that they payload range 

is appropriate for the market. As a historical example, the Space Shuttle was 

designed to carry a wide range of payload, basically whatever NASA could ever think 

of. Its maximum payload was 24.4 tons, corresponding to an AUM of 2041 tons, 

resulting in a 1.19% payload fraction, and 100% market coverage. Should NASA 

have aimed for a lower coverage however, maybe a higher fraction and more 

efficient Shuttle could have been designed. NASA have learnt from this past mistake 

however, and realised that instead of relying only one launcher, multiple options 

should be present. The largest of payloads should be carried by expendable rockets 

to orbit, as even with their theoretical higher cost per launch, developing a reusable 

launcher to carry massive payloads (100 ton magnitude), would be much more 

expensive than a rocket, and the number of intended launches do not justify the 

development cost. Whatever space planes would be designed in the future, NASA is 

developing the Space Launch System to carry super heavy (100 ton+) payloads. 
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Figure 4-5: Cumulated frequency of launched mass 

The practical use of the launched mass frequency diagram is demonstrated with an 

example. Let us assume a scenario that the design should be capable of handling up 

to 50% of the payload mass currently launched. Reading off Figure 4-5, 50% market 

coverage (cumulated frequency) corresponds to 1985 kg, roughly 2 tons of payload. 

Assuming 2.5% payload fraction, this estimates an AUM of 80 tons. This would give 

the designer a reasonable starting point for the conceptual design process. From this 

starting location, the exploration of the design space can begin, generating point 

designs. It is imperative to possess the latest up to date launch data, and available 

predictions in order to get the requirements right.  

A word of advice, this data has to be used with caution when working out the market. 

For example in 2011, Hutchison[96.] of Skylon Enterprise Limited estimated a market 

potential of 75 launches per year. According to the NASA database a total of 106 

payloads were launched, which is a significant 43% difference compared to his 

estimation. More discussion on the macro trends of launch demands is discussed in 

chapter 4.2.2.4 Market for hypersonic vehicles. 

4.2 Hypersonic design modules 

In this section, the various modules of the conceptual hypersonic aircraft design 

process is described. The modules discussed in this study are the following: 

 Geometry 

 Mission specification 

 Propulsion 

 Mass estimation 

 Aerothermodynamics 

 Packaging and CG 

 Performance 

 Stability and control 

 Systems 

 Environmental considerations 

 Certification 

 Flight testing and prediction 

 Reliability 

 Maintainability 

 Manufacturing 

 Operational cost 
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4.2.1 Geometry 

4.2.1.1 Introduction 

In this thesis, geometry refers to the configuration and external dimensions of the 

vehicle. Generally on an aerospace vehicle, components can be divided into two 

major categories, those that generate lift, referred to as lifting surfaces, and those 

which main purpose is not lift generation, referred to as bodies. For more discussion, 

and further description of these, please refer to Appendix A -  GENUS MODULES. 

This part of the thesis will contain the specifics of geometry. 

In order to design an aircraft it must be understood what each component of the 

vehicle is responsible for. The ‘classic’ aerospace vehicle shape is the conventional 

aircraft configuration: 

• Wing, usually with some sweep and taper 

• Body, generally a slender, cylindrical body 

• Vertical tail, with moderate amount of sweep 

• Horizontal tail, also with moderate amount of sweep 

• Nacelles, 2 or 4 usually under the wing 

 

Figure 4-6: Conventional aircraft geometry (source: [61.]) 

Wings on aircraft are used to provide sufficient aerodynamic lift in various flight 

conditions. About 90-95% of the lift is generated by the wings in a conventional 

aircraft configuration. For some flight conditions, such as take-off, landing or climbing 

large wing area is desired to provide high lift, however transports and airliners spend 

most of their time cruising, where the lift required is not so high, so a smaller wing is 
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enough. This contradiction is resolved by installing high lit devices on the leading 

and/or trailing edges, to augment the lift capacity when required. Generally high lift 

devices increase both wing area and effective camber. For turbofan powered aircraft 

wings are usually positioned low to improve safety during crash landing or ditching, 

while turbopropeller powered aircraft would have high wings to provide sufficient 

propeller clearance. 

The body, or fuselage, on most conventional aircraft is long, slender, cylindrical 

shapes. As most aircraft are pressurised, the fuselage is technically a pressure 

vessel, for which circular cross-sections are good for low stress, thus light 

constructions. Also for the same cross-sectional area, the circle has the lowest 

possible perimeter length, translating into the lowest wetted area for friction drag. 

While the shape with the minimum surface area for a given volume would be a 

sphere, it is not ideal to keep the flow attached, and separated flow usually results in 

much higher drag, than what could be won by reducing wetted area. On conventional 

aircraft, the fuselage contains the payload and/or passengers and most of the aircraft 

systems. 

Vertical tails provide directional stability for the aircraft, their control surfaces can be 

used to provide yaw control and counter asymmetric thrust due to engine failure. The 

sizing condition for vertical tails is usually low speed (take-off or landing) engine 

failure cases, resulting in an oversized tail in all the other flight conditions. 

Horizontal tails are providing longitudinal stability to the aircraft. Most cambered wing 

aerofoils used on airliners tend to produce a nose-down pitching moment, which is 

often countered by a downward force generated by the horizontal tail. A canard 

configuration uses horizontal surfaces at the front of the aircraft, which are 

generating lift rather downforce, so the aircraft would be more efficient, however the 

downwash from the canard can have undesired effects on the wing lift, and they are 

generally more difficult to design, than conventional tails. Stability of the aircraft is 

discussed in more detail in the Stability chapter. 

Nacelles contain the powerplants providing primary power on the aircraft, and its 

auxiliary systems, generators, engine intakes and thrust reversers if applicable. Their 

shape tends to be cylindrical for airliners and other conventional aircraft. 

4.2.1.2 Hypersonic vehicle configurations 

In the case of an aerospace vehicle travelling at hypersonic speeds, there are some 

deviations to from the conventional aircraft shape. It is important to see, that 

although they all operate in the hypersonic flow regime, vehicles can have 

significantly different shapes based on their purpose. These shapes can be grouped 

in the following categories: 

 Non-lifting shapes: 

o Space capsules 

o Expendable launchers 
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 Lifting shapes 

o Launchers 

o Transports  

Following is the description of each category, along with explanations and example 

aircraft. 

4.2.1.2.1 Non-lifting shapes 

Non-lifting shapes or ballistic shapes or (re-)entry shapes are the shapes used on 

today’s space capsules, usually a truncated cone body, with a parabolic or other 

curved, blunt base. 

 

Figure 4-7: Typical space capsule; Apollo 14 Command Module at Kennedy Space Center (source: [62.]) 

These shapes are designed to resist the pressure and thermal loads during 

atmospheric re-entry from space. There are no lifting surfaces attached to these 

shapes, but they are not even required as they fly ballistic trajectories as opposed to 

lifting flight and stability is achieved by rotation around its axis of revolution and/or 

CG offset. These shapes cannot sustain flight, their sole purpose is to return the 

payload to Earth. Most of the capsule designs are for a single mission only. 

Non-lifting shapes also include the cylindrical expendable launch vehicles (rockets).  
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Figure 4-8: Expendable Launch Vehicle; Saturn V (source: [63.]) 

Rockets are essentially enormous cylindrical fuel tanks, one or more, with the 

engines and payload attached. Their design criteria is to launch object into orbit as 

efficiently as possible by minimizing aerodynamic and gravity losses. They do not 

rely on aerodynamic lift for flight, rather on the enormous amount of thrust produced 

by the engines. According to Griffin [14.], to minimize overall fuel burn, rocket 

trajectories are very close to the gravity turn (ballistic) trajectory. As it can be seen in 

the figure above, rockets can have control surfaces to aid stability in during the low 

altitude parts of their ascent, while at higher altitudes they are usually stabilized by 

adapting a slow roll rate. Due to the fairly quick ascent, relatively small control 

surfaces are used, as at high altitudes they are just additional mass with no use. 

Rockets are designed to lift other objects, thus they are capable of flight Most of 

today’s designs are expendable. 

4.2.1.2.2 Lifting shapes 

The two types of lifting configurations are designed with different philosophies in 

mind. Launchers are fairly blunt shapes, as they have to survive the high heating 

loads during atmospheric re-entry. Their shapes are either fuselages with delta (or 

double delta) wings or lifting bodies. The images below show an example of each. 
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Figure 4-9: Lifting launcher with double delta wings; Space Shuttle (source: [64.] ) 

 

Figure 4-10: Lifting launcher with lifting body; BOR-2 technology demonstrator (source: [65.]) 

It has to be noted, that there are no fully reusable launchers in operation today, 

including the two examples provided. Compared to the conventional aircraft designs, 

both concepts have the same benefits for hypersonic flight. Their blunt shapes 

generate high drag, so deceleration of the vehicle can begin at higher altitudes, 

which has beneficial effects on peak heat loads and decelerations. Also both shapes 

have low aspect ratio, resulting in an efficient and light structure to carry the pressure 

loads, especially the lifting body. Furthermore delta wings shapes stall at higher 
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angles than their conventional wing equivalents. Longitudinal stability in the 

atmosphere can be provided by special aerofoils (reflex) or body flaps. At high 

altitudes, stability is achieved by reaction control, while stability can be provided by 

spinning. Horizontal tails or canards are not popular choices on the designs, as they 

would be relatively heavy structures due to the high pressure loads. Although the 

Reaction Engines Skylon vehicle has canards and wings, it is more of a ballistic 

shape than lifting. 

 

Figure 4-11: Launcher with canard; Skylon Spaceplane (source: [66.]) 

Lateral stability is provided by either vertical tails or winglets at low speeds and in the 

atmosphere. At high (re-entry) speeds lateral stability is provided by dihedral. At high 

altitudes reaction control is used. 

Transports are designed with a different philosophy in mind. First, they do not reach 

the extreme speeds experienced by the space launchers, and also instead of 

maximizing high speed drag, they are designed to minimize it. Thus transport shapes 

have sharp features, with thin surfaces, opposed to the blunt and thick shapes of 

launchers. 

As there is no distinct boundary between high supersonic speeds and low 

hypersonic ones, it is no surprising, that some hypersonic concepts share the same 

shape as supersonic vehicles. The limitation to these more conventional shapes is 

usually aerodynamic heating and structural stiffness requirements. Also other 

configurations provide more benefit than the conventional ones. Examples of these 

shapes are the SR-71 or XB-70 Valkyrie, although these are high supersonic 

vehicles rather than hypersonic. The features of these vehicles include low aspect 

ratio, highly swept delta wings, fuselages shapes by the Seers-Haack area rule to 

minimize wave drag, and small or non-existing horizontal surfaces. 
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Figure 4-12: High supersonic speed aircraft: SR-71 (left) XB-70 (right) (source: [67.][68.]) 

The waverider concept was discovered by Nonweiler in the 1950s. It was 

recognized, that the high static pressure produced after the shock waves generated 

by a vehicle can be used to provide additional lift, provided the vehicle is shaped to 

do so. This is the concept behind the waverider shapes. The general shapes of 

these vehicles are either caret wings, simpler trapezoidal planforms or conical 

shapes. Typical examples of these shapes are the X-51 Waverider and X-43 Hyper-

X. These are not the only shapes that are able to harness the power of these 

shockwaves; however the XB-70 Valkyrie also utilized compression lift with its high 

negative dihedral wing ends. 

 

Figure 4-13: Boeing X-51 Waverider (left) and various caret configurations (right) (source: [70.][71.]) 

It is worth noting, that the choice propulsion system for most of these vehicles is the 

scramjet, and the vehicle forebody acts as an extended intake for the propulsion 

systems, in addition to providing lift. The X-51 is a technology demonstrator vehicle, 

and as such is carried to its launch altitude, but in the case of a hypersonic vehicle in 

operation, additional propulsion systems would be required as scramjet do not 

generate thrust up to about Mach 4 or 5. For more information on waveriders refer to 

Nonweiler [69.], Townend [71.], Cooke [72.], Corda and Anderson [73.]. 
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4.2.1.3 Geometry in conceptual design 

It is important to specify what is the aim of geometry definition in conceptual design, 

and what level of detail is required. At this conceptual level geometry of the aircraft is 

used for the following: 

 Estimate aerodynamic coefficients, including stability 

 Check for ground clearances, accessibility, etc. 

 Estimate internal volume, position and fit of major components 

In terms of details, there is not too much point defining more, than the estimation or 

check methods can cope with. The parameters identified to fully specify the common 

aerospace shapes are described in Appendix A - 0 Geometry, and will not be 

repeated here. It is worth noting, that at conceptual level it is always the aim to 

describe a “clean” configuration. Additional features on the surfaces, such as wing 

fences and vortex generators are almost never a conceptual design feature, rather 

usually a late fix due to miss-predicted flow patterns and are required to achieve the 

envisaged aerodynamic performance, but they always result in addition drag 

compared to a clean configuration, and as such should not be intentionally designed, 

unless it is an absolutely essential feature of the concept. At hypersonic speeds 

clean configurations are essential, as any protruding feature would experience very 

high pressure and heat loads. Figure 4-14 shows an example of vortex generators. 

 

Figure 4-14: Gloster Javelin with vortex generators (source: [74.]) 

In the GENUS environment, arbitrary vehicle shapes can be described, but it is up to 

the designer of the geometry module to restrict some options to ensure that the 

vehicle specified can be analysed by the methods and won’t end up outside their 

range of validity. For this reason, the following restrictions are imposed for launchers 

and transports respectively: 

 Launcher: 

o 1 pair of wings 



51 

 

o 1 central fuselage 

o 1 vertical surface, which can be: 

 Single vertical tail 

 Double vertical tail 

 Winglets 

o Optionally up to 1 horizontal surface, which can be 

 T-tail (with either single or double vertical tail) 

 Canard 

 Conventional horizontal surface 

o One optional external tank 

o Arbitrary number of engine pods 

 Transport: 

o 1 wing-body, described as wing, with hexagonal aerofoil 

o 1 underbody rectangular engine pod for the scramjets 

o One optional external tank 

o Arbitrary number of engine pods 

Example shapes that can be generated with these options are shown in Figure 4-15 

and Figure 4-16. The visualization was done by exporting the geometric information 

to a format that can be processed with a Visual Basic macro to generate points and 

curves in CATIA. 

 

Figure 4-15: Space Shuttle surface model generated by GENUS 
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Figure 4-16: Skylon surface model generated by GENUS 

 

In the case of a hypersonic transport, the vehicle shape is defined as a factor of its 

cruising (or other reference) Mach number. For the intake to maximally utilize the 

compression effect, as a qualitative description, the shockwave generated by the 

forebody should end up on the lip of the propulsion module. This phenomena is 

shown in Figure 4-17. 

 

Figure 4-17: Shock wave shape on hypersonic vehicle cross-section (source: [75.]) 

To estimate the shape of the intake, the following process is used: 

1. Reference flight Mach number, 𝑀0 has to be assumed. For a transport, this 

would be a cruise Mach number, for a launcher, this would be a speed that 
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would minimize either the time of ascent or the total fuel usage, similar to the 

design altitude of rocket engines. 

2. The distance from the FRL to the bottom of the propulsion module, 𝐻0 also 

has to be defined. This can be estimated based on packaging requirements, 

and to keep the aspect ratio of the central aerofoil in desired limits. The width 

of the central section is calculated to provide the total capture area that gives 

the required mass flow at the reference condition. 

3. The intake length also has to be estimated. Recommendations can be made 

to the ratio of various parts of the vehicle, based on existing designs, such as 

the X-43 Hyper-X. For the description of the lengths, refer to   

 

Figure 4-18: X-43 Hyper-X geometric regions (based on: [76.]) 

4. Based on the dimensions of the vehicle, the following ratios can be specified: 

a. 
𝐿𝑚𝑜𝑑𝑢𝑙𝑒

𝐿𝑖𝑛𝑡𝑎𝑘𝑒
= 0.456 

b. 
𝐿𝑒𝑥ℎ𝑎𝑢𝑠𝑡

𝐿𝑖𝑛𝑡𝑎𝑘𝑒
= 0.680 

5. Thus by assuming the total vehicle length, and these ratios, the shape of the 

lower side of the vehicle can be specified. 

6. To calculate the rest of the intake shape, the shock angle, 𝜃 is calculated as: 

𝜃 = atan (
𝐻0

𝐿𝑖𝑛
) 2 

7. From the shock angle, the original ramp angle 𝛿 can be calculated using the 

equation below. Note, that there is no closed form solution for calculating 

shock angles from the ramp angle, so the steps of this process can’t be varied 

unless iterative calculation steps are added. 

tan 𝛿 =
2 cot 𝜃 (𝑀0

2 sin2 𝜃 − 1)

2 + 𝑀0
2(𝛾 + 1 − 2 sin2 𝜃)

 3 

8. The rest of the hexagonal aerofoil shape is defined using ratios for the upper 

surface, similar to the lower side. As during hypersonic flight, the upper 

surface is always shadowed from the flow, there are less high speed 

aerodynamic restrictions to define the shape, so the main driving factor is 

packaging, and potentially low speed performance. 

𝐿𝑖𝑛𝑡𝑎𝑘𝑒 𝐿𝑚𝑜𝑑𝑢𝑙𝑒 𝐿𝑒𝑥ℎ𝑎𝑢𝑠𝑡 
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9. Based on Rudd’s [77.] work, a simple caret shaped waverider’s wing sweep 

and dihedral (anhedral) can be specified using the following equations 

(adapted to the nomenclature of this thesis): 

tanΛ =
2𝐿𝑖𝑛𝑡𝑎𝑘𝑒 tan 𝜃

𝑏𝑤𝑖𝑛𝑔
 4 

tan Γ =
𝑏𝑤𝑖𝑛𝑔

2𝐿𝑖𝑛𝑡𝑎𝑘𝑒 (tan 𝜃 − tan 𝛿) 
 5 

10. The caret-type waverider shape generated with this technique is shown in 

Figure 4-19. 

 

Figure 4-19: Caret type waverider model generated by GENUS 

4.2.1.4 Geometry formats 

There are various parts of the design methodology that would require the vehicle 

geometry to be specified in different formats. Perfect example is the concept of the 

“equivalent straight tapered trapezoidal wing” used by many aerodynamics 

estimation methods. Refer to Appendix A - 0 Geometry for more information on the 

generic concept of the geometric formats. 

The various formats that are utilized in this study are the following: 

4.2.1.4.1 Equivalent wing 

Equivalent wing (and other surfaces for that matter) shapes for an aerospace vehicle 

can be defined in many different ways, such as using the mean geometric chord 

instead of the mean aerodynamic, and similar relatively small but important 

differences. To avoid confusion, and to make sure the equivalent wing generated 

would work for a wide range of methods, the process from ESDU 10023 was 

adopted [78.]. 
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4.2.1.4.2 Datcom format 

The format used by the USAF Datcom [79.] covers a wide range of vehicle shapes, 

from low supersonic up to hypersonic speeds for some configurations. Its 

computerized version, the Digital Datcom [19.] only handles a sub-section of these 

configurations, and requires a very specific format to input the shapes. Essentially in 

whole aircraft shape analysis Digital Datcom is limited to one fuselage, one pair of 

wings, one pair of horizontal tail (which can be canards) and one vertical tail. The 

surfaces are input as an equivalent wing with maximum one kink (to analyse shapes 

such as the double delta wing of the space shuttle), and the fuselage is input as 

maximum 20 cross sections as equivalent circular cross sections. More on the 

workings of Digital Datcom in 4.2.5 Aerothermodynamics. 

4.2.1.4.3 LAWGS format 

LAWGS stands for NASA Langley Wireframe Geometry Standard [80.]. Their high 

speed aerodynamics code, SHABP requires input in this format, and there are many 

more legacy codes, that work with the same format. The LAWGS format defines the 

actual geometry as a series of cross-sections, with the actual cross-section shapes 

generated by a number of points. The big advantage of the format is that it can 

handle arbitrary shapes, with any number of bodies and lifting surfaces, and by 

increasing the number of cross-sections, theoretically there is no limit to the 

precision of the geometry. In practice there are memory and CPU limits, also the 

method using the specified geometry might not actually get more accurate with more 

definition. 
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4.2.2 Mission specification 

4.2.2.1 Introduction 

Mission specification is the part of the design, when the experience and knowledge 

of the designer matters the most. While using optimizers one can come up with a 

good vehicle shape for example, it is not necessarily possible for a computer to 

understand what the vehicle is required to, and thus the involvement and sound 

decisions of the designer are crucial. Specifying the mission for the vehicle, can be 

also thought as the requirements list of a product, if looking at the problem from a 

pure design point of view. 

4.2.2.2 Mission profiles 

One of the most significant differences between the Space Launchers and 

Hypersonic Transports is the mission they perform. Launchers are designed to 

launch the vehicle into orbit using its main propulsion systems. The orbits achieved 

by these vehicles are always Low Earth Orbit (100km to about 2000km), but it is rare 

that any concept achieves more than 400 km (the ISS’s orbit). Once in orbit, the 

vehicle performs the orbital part of the mission: deploy the payload, rendezvous with 

other objects, repair, recover, etc. Either the same main propulsion systems or a 

dedicated Orbital Manoeuvring System (OMS) is used for orbit adjustments, as 

required by the mission, then finally to deorbit. Once the vehicle has re-entered 

Earth’s atmosphere, it can land as a glider or use its propulsion system to reach the 

landing site, as applicable by the concept. Powered landing concepts are rare as it 

would involve launching additional mass into space. Also fuel during re-entry is a 

safety hazard. Due to the fact, that the main propulsion systems are principally 

utilized to reach the required speed and altitude, this class of hypersonic vehicles are 

often referred to as ‘accelerators’. 

Once the vehicle is in orbit, it follows the same laws, regardless of its shape, whether 

it has wings or not, etc. Thus the orbital parts can be estimated like any other 

spacecraft, for which excellent design books and methods are available. However 

from the perspective of a launcher design, the whole orbital part of the mission can 

be represented by: the time spent in orbit, and the total ∆𝑉 required to perform all the 

requirements and deorbit. As such, this study does not delve into the orbital parts of 

the mission in more detail. 

Similar to rockets, Space Launcher concepts can be built up from more than one 

vehicle, or stages. The holy grail of launcher technology, the Single Stage To Orbit 

(SSTO) vehicle could provide true aircraft-like operations, but is also the most 

challenging, mainly due to the very high fuel fraction required for such a vehicle. 

Typical example is the Reaction Engines Skylon. Two Stage To Orbit (TSTO) or 

Multiple Stage To Orbit (MSTO) concepts have an accelerator lower stage, which 

takes-off carrying the upper stage(s) reaches sufficient altitude and speed for 

separation, where the upper stage launches to orbit, and the carrier returns to the 

spaceport. These concepts allow the orbital upper stage to be much lighter, than a 
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SSTO. Typical example for TSTO is the Virgin Galactic Space Ship One (and Two). 

Many concepts are envisioned using existing aircraft, such as Boeing 747 or the 

Antonov An-225 based designs with enhanced propulsion. The MSTO category is 

quite scarcely populated, with only a handful of concepts. Among these are the HLS 

FTD and PDV designs from DARPA, part of the Horizontal Launch Program. These 

are four stage to orbit vehicles, while an example of a three stage to orbit is the 

Soviet “Spiral”[81.] program. There are other concepts to launch vehicles to orbit, 

usually relying on some infrastructure, such as maglev rail, ramp or railgun launch, 

or something similar. These concepts usually have low TRL, and they require 

significant infrastructure investment, which can only be justified by the economy of 

scale: launching tens of thousands of tons into orbit. Due to this, most of these 

concepts are not economically feasible based on today’s market demands. 

See Appendix C -  and Appendix D -  for more examples. 

In contrast to the Space Launcher, the Hypersonic Transport operates in a different 

way. The first part of the mission is similar, as an acceleration phase is used to attain 

the required speed and altitude: as a general consent, hypersonic speeds are Mach 

5 and above, while cruise altitudes are usually 80000 feet and above, to avoid 

excessive heat build-up due to skin friction. Once this set cruise condition is 

achieved, the vehicle operates as a conventional airliner, albeit much faster. 

Contrary to the launcher, where once in orbit there is no perceptible drag, unless 

significant amount of time (months) is spent in orbit, the transport has to provide 

thrust throughout the cruise to sustain these high speeds: thus they are also known 

as ‘sustainers’. It can be seen however, that there is no reason why a transport could 

not reach such speeds and altitudes where it is able to enter orbit, and does not 

need to exert thrust throughout the cruise. There are indeed many concepts 

following this approach, either making a single orbital insertion and deorbit (the 

process of a single insertion and deorbit is often referred as a “jump” or “boost”) or 

multiple shorter jumps. The latter is often referred to as a “boost-glide” vehicle, 

prominent example is Sänger’s original concept. It is arguable whether these 

vehicles truly belong to the Hypersonic Transport category, as they basically perform 

the function of a Space Launcher. 

Unlike the operation of a conventional airliner, hypersonic vehicles, especially Space 

Launchers are significantly affected by the location of the airport (spaceport or 

launch site). This is due to the fact that an object on the Earth’s surface moves with a 

speed equivalent to the tangential velocity of that latitude due to the Earth’s rotation. 

As a result, vehicles launched from the equator require considerably less energy to 

achieve specific orbits than the ones launched from the poles for example, due to 

this “bonus” starting velocity provided by the planet. Obviously this is not always 

beneficial; in the case of high inclination, polar and retrograde orbits this bonus 

becomes a penalty. However for many applications this can be used to significantly 

reduce the amount of fuel and the size of the vehicles; it is not surprising that many 
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launch sites are capitalizing on this. The table below shows some major launch sites 

and prospective spaceports with their corresponding latitudes. 

Table 4-1: Major launch sites and spaceports 

Owner Launch sites Location Latitude 
China Xichang China 28.2º N 

ESA Kourou French Guyana 5.2º N 

India Sriharikota India 13.9º N 

International Sea Launch – Ocean Odyssey Pacific Ocean Various 

Japan Tanegashima Japan 30.2º N 

Russia Baikonur Kazahstan 45.6º N 

Russia Plesetsk Russia 62.8º N 

Sweden Esrange Space Center; Spaceport Sweden Sweden 67.9º N 

USA Spaceport America 
New Mexico, 

USA 
33.0º N 

USA Cape Canaveral (Kennedy Space Center) Florida, USA 28.5º N 

USA Vandenberg Air Force Base California, USA 34.7º N 

 

Contrary to expandable launch vehicles, many hypersonic concepts, especially two 

stage to orbit configurations have the potential to reach different latitudes before the 

orbital boost phase: this could increase flexibility in terms of the possible orbits 

achievable for a given configuration from a given spaceport and also enable the use 

of not so well positioned launch sites to be used as bases of operation.  

In terms of take-off and landing, the concepts can be grouped into 5 categories: 

 HTHL: Horizontal take-off, horizontal landing 

 HTVL: Horizontal take-off, vertical landing 

 VTHL: Vertical take-off, horizontal landing 

 VTVL: Vertical take-off, vertical landing 

 Other 

Horizontal take-off and landing represents vehicles with aircraft-like operations. This 

is one of the most desirable options, provided they can utilize existing infrastructure. 

A possible advantage for these vehicles is the fact aerodynamic lift requires 

considerably less force (subject to L/D larger than unity), than rocket powered lift, 

and as such, propulsion systems could be made smaller for take-off, further reducing 

overall vehicle size. The drawback is the need for this large amount of subsonic lift, 

which requires the addition of lifting surfaces, which can be disadvantageous in other 

flight stages, such as at atmospheric re-entry. Also, this configuration requires strong 

and heavy landing gears to support the enormous AUM of the craft, but after take-off 

they only present a weight penalty. Provided the vehicles are to use existing airport 

architecture, wingspan and tyre surface pressure are also limited, giving further 

constraints for the design. Typical examples are the Skylon and the SpaceShipOne. 
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Horizontal take-off, vertical landing represents the strangest of categories. Only the 

Hyperion [82.] concept from Douglas Missile and Space Systems (1964) ever 

considered this design. The advantages of this configuration are not obviously stated 

in the concept description. 

Vertical take-off, horizontal landing includes all the rocket launched concepts, but 

they require some kind of lifting surface to fly back. A typical example is the Space 

Shuttle. The advantage of the configuration compared to horizontal take-off is the 

fact, that the vehicle leaves the atmosphere by the quickest path possible, 

minimizing aerodynamic and gravitational losses, which can offset the drawback 

from the heavy engines to provide the large amount of thrust required. 

Vertical take-off, vertical landing is similar to VTHL, but does not require lifting 

surfaces, rather retrorockets are fired to slow down the vehicle before landing. The 

most famous vehicle of this class is the Delta Clipper Experimental, or DC-X [83.]. 

McDonnel Douglas conducted tests with the configuration in the 1990s, intending on 

demonstrating the feasibility of the technology, in which they succeeded, as the 

vehicle was able to perform a vertical touchdown after the suborbital flights.  

The last category contains the more exotic launch and touchdown methods, such as 

sea (or even submarine launch/landing, parachute or parafoil landing, rail or maglev 

boost, even balloon drop. The following aerospacecraft can be listed as examples: 

sea launch and landing: Aerojet Sea Dragon [84.] (fully reusable rocket, also 

qualifies for the second highest AUM in the database, with 18000 tons). Parafoil 

landing (along with submarine launch) was planned for the US Navy Space Cruiser. 

[85.] Rail assisted launch for Sänger’s concepts, and the only balloon launched 

concept is the suborbital Wild Fire spaceplane [86.], originally intended for space 

tourism. 

4.2.2.3 Structure mass fraction 

In the case of a vehicle designed for space access it is vital to keep the total mass as 

low as possible. According to Tsiolkovsky’s rocket equation, additional weight of the 

vehicle raises the all up mass exponentially. On the other hand, the maximum mass 

fraction of a vehicle is limited by the specific impulse of its propulsion system. This 

means, that in order for the size of the spacecraft not to escalate, the structural 

weight must be kept as low as possible. It is also worth noting, that the payload 

fraction is significantly lower than the vehicle mass fraction as shown in Table 4-2. 

The vehicle mass fraction includes the payload mass fraction, and the remainder of 

the all up mass is fuel. 
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Table 4-2: Payload and vehicle mass fractions 

Vehicle 
name 

Payload 
mass [t] 

Vehicle mass 
(including payload) [t] 

All up 
mass [t] 

Payload mass 
fraction [%] 

Vehicle mass 
fraction [%] 

X-37B – Atlas 
V 

No Data 4.4 334 No Data 1.32 

Skylon 15 68 345 4.35 19.71 

Dream 
Chaser – 
Atlas V 

1.75 
(7 crew) 

11.3 334 0.50 3.38 

Lynx-II 
(Sub-orbital) 

.28 No Data 5.2 5.38 No Data 

Space Shuttle 24.4 123 2041 1.20 6.03 

Buran 30 105 2375 1.26 4.42 

Saturn V – 
LEO 

118 301.6 2970 3.97 10.15 

Saturn V – 
Apollo 11 

45.7 229.3 2970 1.54 7.72 

Delta IV 
Heavy – LEO 

23 105.7 733 3.14 14.40 

Soyuz – LEO 7.8 32 308 2.53 10.39 

 

4.2.2.4 Market for hypersonic vehicles 

The greatest challenge in defining a market for hypersonic vehicles is the fact, that 

apart from the Space Shuttle, none of the existing concepts were ever operated. 

Estimates are available, the latest document published by the FAA [87.] predicts that 

up to 2022, about 30 new satellites will be launched each year, with an average 

mass about 4500 kg. For distribution, and prediction of total mass to orbit see Figure 

4-20 and Figure 4-21. 

 

Figure 4-20: Combined 2013 GSO and NGSO Historical Launches and Launch Forecasts (source: [87.]) 
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Figure 4-21: Total Satellite Mass Launched per Year and Average Mass per Satellite (source: [87.]) 

There are two approaches these hypersonic craft could follow. The first would be a 

more economic version of today’s expendable launch vehicles. By developing 

vehicles, which can be reused after launching the payload to orbit, would significantly 

reduce the recurring cost of launches, as a new vehicle wouldn’t be built for each 

occasion. However this raises the question, whether a large and complex hypersonic 

craft, including the design and testing costs would truly cost less, than a very simple, 

less efficient, but inexpensive expendable launch vehicle. Also there is a trend to 

launch smaller, less complex thus cheaper, but more numerous objects into space, 

which could possibly be launched more economically with several smaller cheap 

launchers, than a single large reusable one requiring expensive orbital manoeuvres. 

Using reusable vehicles instead of expendable ones not only reduces manufacturing 

cost, but turnaround times as well, however maintenance has to be factored in to 

determine commercial feasibility. 

The alternative approach to hypersonic vehicles is to provide capabilities that do not 

yet exist, and would be impossible or very disadvantageous to achieve with 

expendable launch vehicles. These capabilities include responsiveness, quick 

turnaround time and operational flexibility. The USAF Operationally Responsive 

Space program is aiming to develop spacecraft and infrastructure which could 

achieve this goal. The USAF realised that these days both the military and civil 

sectors are highly dependent on orbital infrastructure (for example the GPS), and 

thus crippling a hostile nations access to satellites while protecting their own, even 

replacing lost communications satellites on a short notice could be a massive 

advantage, justifying even a higher overall cost of a complex reusable launch 

vehicle. This is especially important since some nations already possess the 

capability to destroy space objects. [88.] 

Also included in this category is the emerging sector of space tourism. Both 

governmental agencies (NASA [89.] in 2011) and commercial companies (Futron 

[90.]) produced market studies for space tourism, with optimistic forecasts (Futron) of 
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16,000 suborbital passengers by 2020. NASA however predicts only 143 space 

tourist flights due to the current lack of crew transportation systems, high cost 

involved and the current lack of destination other than the International Space 

Station. Historically in the first decade of 2000, only 8 space tourist flights were ever 

made. Transports type aircraft can also provide capabilities, previously unavailable. 

These would be very similar to the hypersonic equivalent of the Concorde or Tu-144, 

both in terms of benefits and issues. These design issues related to the design of a 

supersonic vehicles were earlier summarised by Smith [91.], many of them 

applicable to hypersonic vehicles as well. Further regarding sub-orbital activity, the 

Tauri Group published an FAA funded report into sub-orbital reusable vehicles. 

Based on their survey, these vehicles can perform the following activities: 

 Commercial human spaceflight 

 Basic and applied research 

 Aerospace technology test and demonstration 

 Media and public relations 

 Education 

 Satellite deployment 

 Remote sensing 

 Point-to-point transportation 

The estimated trends, assuming a conservative, baseline and optimistic scenario are 

shown in the figure below. 

 

Figure 4-22: 10-year SRV demand forecast (source: [92.]) 
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4.2.3 Propulsion 

4.2.3.1 Introduction 

Propulsion is one of the most important aspects of hypersonic design. The 

performance and thus the success of a design heavily rely upon the propulsion 

system selected, and is usually the main limiting factor for a successful design. 

Contrary to today’s civil airliners, which are primarily driven by high bypass ratio 

turbofan engines or turboprops, hypersonic vehicles are usually designed with either 

rocket or low bypass ratio turbofan derived engine or a hybrid of these two. Due to 

the high operating speeds turboprops and piston engines are not considered as 

viable choices. 

The measure of an engine’s performance is mainly characterised by two values: its 

thrust (sea level for jet engines, vacuum value for rockets, etc.) and its specific 

impulse. Specific impulse is a measure of efficiency for the propulsion, the ratio of 

thrust generated divided by the flow of fuel, either in weight/sec or mass/sec. If the 

weight/sec definition is considered so the dimension is [s], it could be best described 

as the amount of time, 1kg of fuel can provide 1 N of thrust. When dividing with mass 

flow, the dimension of specific impulse will be [N∙s/kg]. As it can be seen from the 

definition, the higher specific impulse is the better. The image below shows a 

comparison of the specific impulse of various propulsion systems as a function of 

Mach number. 

 

Figure 4-23: Isp as a function of Mach number for various propulsion systems [93.] 
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It can be seen, that although rockets provide thrust throughout the whole Mach 

number range, they specific impulse is lower compared to the airbreathing engines. 

The explanation for this comes from the operational principles, as the airbreathers 

utilise the reaction force of large amounts of air propelled backwards, while only 

consuming a small amount of fuel. For a rocket engine all the reaction mass has to 

be carried on board and expelled, thus the small ratio. It can also be seen, that 

Hydrogen fuel provides a higher specific impulse for a rocket than hydrocarbon fuels. 

Specific impulse is inversely proportional to thrust specific fuel consumption (SFC). 

In addition to the specific impulse, another very important aspect of rocket engines is 

the available thrust. Having high specific impulse doesn’t mean that the propulsion 

system is also capable of providing high thrust. For example, a propulsion system 

with a very high specific impulse is the ion-propulsion utilised for spacecraft. Their 

specific impulse is in the magnitude of 6-10000 s, some claiming even 20000s but 

the thrust provided is in the 0.05-3 N range. This means, that they are very efficient 

means to accelerate a spacecraft over long period of time, but they are unable to 

produce the required thrust to lift-off from the ground or even manoeuvre. As a 

comparison, the Rolls-Royce/Snecma Olympus engines powering the Concorde had 

an Isp of 3000, and a (wet) maximum thrust of 169 kN. 

As it was mentioned, air breathing propulsion systems usually exhibit very large 

specific impulses. The reason for this is the fact that they only have to provide the 

fuel mass flow, as the oxidizer, oxygen from air, is readily available from the 

atmosphere. This is one of their drawbacks at the same time, as they cannot be 

operated in vacuum. Also the efficiency of their thermal cycles depends on the flight 

condition, and there is a speed range above (and below) which they cannot be 

operated. This means that it is impossible to reach orbit using only air breathing 

system. 

4.2.3.1.1 Airbreathing engines  

 Turbojet: Turbojets offer the highest specific impulse due to the large amount 

of air moved. While pure turbojets offer the highest thrust, turbofans offer a 

higher efficiency. Military supersonic aircraft are usually powered by low 

bypass ratio turbofans with afterburners. These systems can be used to take-

off and propel the vehicle to low supersonic speeds. Due to their nature, 

unducted configurations, such as turboprop or propfan are not promising 

choices for a hypersonic vehicle. 

 Ramjet: A ramjet utilises the high speed of the aircraft to compress the air at 

the inlet of the engine, and as such do not require rotating compressor or 

turbine parts, greatly reducing the complexity compared to a conventional jet. 

However due to the way compression occurs, they are incapable of providing 

thrust at low Mach numbers, and they also have an upper limit around M 5.5. 

One of the definitions of hypersonic speeds is the limit, where ramjets stop 

generating thrust. 
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 Scramjet: Scramjet is an abbreviation of supersonic combustion ramjet. The 

working principle is the same as a ramjet, but the combustion occurs at 

supersonic speeds, which enables the engine to operate above the Mach limit 

of normal Ramjets, in theory they can provide thrust efficiently up to the range 

of Mach 20+. Scramjet engines are still under development, some aircraft 

successfully flown with scramjets are the X-43 Hyper-X [95.], the Russian 

AJAX, or the Australian HyShot [94.] test program. 

 Turboramjet: a potential solution to solve the problem of the lack of low 

speed thrust from the ramjet engines. It is built up from an inner turbojet with 

an outer ring of ramjet duct. At low speeds an internal turbojet is utilized to 

accelerate while at high speeds, an outer ramjet is used to generate the high 

thrust required. They were used in design studies on the Cranfield SL-86 two-

stage space launcher [7.] 

4.2.3.1.2 Rocket based 

 Rocket: The rocket carries both fuel and oxidiser on board, so it doesn’t rely 

on atmospheric oxygen, which enables it to operate outside the atmosphere. 

They produce a constant amount of specific impulse, but their thrust depend 

on altitude because the exhaust nozzle is optimised to one expansion ratio 

and thus one altitude. Usually adaptable nozzles induce additional weight and 

complexity which do not justify the performance gained. Another subtype of 

rockets with altitude compensating nozzles is the airspike engine. These use 

an inverted approach to bell nozzles, and such use a spike at the centre of 

flow and the atmospheric air as the outer boundary of the exhaust plume. 

They were proposed for the X-33 and Venture Star designs but as of today 

there are no aerospike engines in operation. 

4.2.3.1.3 Hybrid/Combined cycles 

Hybrid designs integrate different thermo-cycles in the same propulsion unit. 

Depending on the flight speed, they can be used in different modes, ensuring that 

the system can optimally provide thrust over a wide speed range. 

 Air augmented/ducted rocket: Their working principle is somewhat akin to 

the turbofan concept. They utilise an additional duct around the main rocket, 

which collects ram air, and the exhaust gases from the rocket further 

compress the outer flow and utilise this additional reaction mass. It is a hybrid 

of a ramjet and conventional rocket 

 Turborocket: usually consists of a gas generator, which provides 

compressed air for the combustion chamber. At higher speeds and altitudes, 

on board oxygen supply can be used to operate the system in rocket mode. 

 Rocket Based Combined Cycle: uses rocket thrust to accelerate from 

launch and switches to airbreathing mode, usually scramjet mode[98.], at 

higher speed. 
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 Detonation engine: the following types of detonation engine exist: standing 

detonation, pulse detonation, continuous detonation. Their working principle 

utilizes fuel and air injected into the combustion chamber, where unlike 

classical rockets or airbreathers, it does not burn, rather detonate. 

Compressed air can either be gathered through an inlet or carried on-board. It 

is claimed[99.] that continuous detonation engines are usable from Mach 0.3 

up to Mach 5.  

 Turboramjet: a potential solution to solve the problem of the lack of low 

speed thrust from the ramjet engines. It is built up from an inner turbojet with 

an outer ring of ramjet duct. At low speeds an internal turbojet is utilized to 

accelerate while at high speeds, an outer ramjet is used to generate the high 

thrust required. 

 Turbine Based Combined Cycle: A combined system, which relies on a 

turbojet or low bypass ratio turbofan at speeds up to about Mach 3, after 

which a ramjet takes over to provide thrust. One example is the Lockheed 

Martin SR-72 currently under development. Figure 4-24 shows the concept of 

the combined cycle system of the SR-72. 

 

 

Figure 4-24: SR-72 Turbine-based combined cycle propulsion (source: [100.]) 

4.2.3.1.4 Additional methods 

There are some additional methods, which can increase the performance of a 

propulsion system or reduce the drag, some achieve both at the same time. They 

are discussed in this chapter, and they can be combined with most of the main 

propulsion systems. 
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 In flight air collection: a method to significantly reduce the AUM of a 

hypersonic vehicle is avoid taking off with full tanks, rather collect the oxygen 

from air to use as an oxidizer once the vehicle leaves the atmosphere. One of 

the solutions to store this oxidizer is the utilization of a Liquid Air Cycle Engine 

(LACE) such as the SABRE [101.] engine used by the Skylon. 

 External supersonic burning: Recent investigations [102.] uncovered a 

potentionally drag reducing phenomena, when hydrogen is burned externally 

of the vehicle in addition to the normal propulsion system. The concept is still 

under exploration, but preliminary studies indicate that the inviscid drag may 

be reduced up to 55 percent compared to the baseline configuration. 

 Precooled jet: all of the airbreather designs could benefit from additional 

performance, when utilizing precooling. According to Taguchi et al.[103.] a 

pre-cooled turbojet could propel a hypersonic transport at the speed of Mach 

5. The Skylon’s SABRE engine also uses a form of pre-cooling in airbreather 

mode. 

 Magnetohydrodynamic assist: MHD bypass [104.] could be utilised to add 

additional performance to an airbreather engine. It was originally proposed by 

the Russian AJAX [105.] scramjet demonstrator.  

 Thrust augmented nozzle: also known as afterburning nozzle, part of the 

propellant flow is combusted in the rocket’s nozzle [106.]. The afterburning is 

activated at sea level, and turned off at higher altitudes. 

 Altitude compensating nozzle: this type of nozzle is able to alter the 

exhaust flow as the rocket changes altitude, ensuring that the propulsion 

system is always working at its design expansion ratio, thus reducing thrust 

losses. It can be done by variable geometry, but these designs tend to impair 

a considerable mass penalty on the vehicle, so the thrust recovered has to be 

high enough to justify their use. A special version of the altitude compensating 

nozzle is the aerospike nozzle [107.]. These nozzles use a central “spike” or 

“plug” to which the exhaust gases attach themselves, and their outer 

boundary is the atmosphere, effectively generating an “inverted” bell nozzle. 

They supposed to facilitate altitude compensation with much lower mass than 

variable geometry nozzles. 

 Reformed fuel: the Russian AJAX [108.] concept utilizes the reformation of 

hydrocarbon fuels, which are claimed to have superior ignition quality 

compared to pure hydrogen. This also acts as a heat sink for thermal 

protection. 

 “Spikes”: According to investigations, a slender body protruding from the 

nose of the aircraft can provide drag reduction and even thermal protection for 

the airframe. The various types of spikes are: “plain” [109.], “flame”, “laser” 

and “counter flow” [108.] Some designs have claimed to reduce the sonic 

signature of the vehicle [110.]. A selection of spike geometries is shown in 

Figure 4-25. 
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Figure 4-25: Schlieren flowfield photographs and surface temperature distributions (source: [108.]) 

4.2.3.2 Fuel types 

Traditional aircraft designs rely on airbreathing engines, where the oxidizer is 

atmospheric oxygen, and most often are fuelled by hydrocarbon fuels, most 

commonly kerosene for jet engines and aviation gasoline (avgas) for piston engines. 

Avgas is an isooctane based mixture with high octane numbers (usually 97 and 

above) comes in many grades. Traditionally lead was used to reduce knocking of the 

piston engines using these fuels, but due to environmental regulations, it has been 

replaced by more benign compounds to raise the octane number of the fuels. Avgas 

is not examined in detail in this thesis, as piston engines can’t provide the high thrust 

required for either Space Launchers or Hypersonic Transports. 

Kerosene, also referred to as paraffin, is a collective term used for mixtures of fuel, 

mostly based on alkane hydrocarbons, usually C12-C15 chains, and is the most 

common fuel used for aviation today. Most airliners use Jet A or Jet A-1 (or their 

equivalents according to national standards), while high performance military aircraft 

usually require higher quality fuel, with more additives. These additives can be 

corrosion inhibitors, stability enhancers, additives to increase the lash point or 

reduce the freezing point, and so on. The main limitation to the use of fuel in jet 

engines is usually the blocking of injectors, either by frozen fuel or other solid 

particles. Although the grade of fuel affects the possible operations, and the 

operating costs, the various additives do not have a significant effect on the 

performance, thus at conceptual level, as long as the required fuel is available, there 

is usually no need to distinguish between the different types of kerosene. Rocket 

engines can also be run on hydrocarbons, such as RP-1 (mainly US launchers) or 

syntin (cинтин, old Soviet launchers). 
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There are also hydrocarbons available for aviation use, but at the low carbon chain 

end, such as methane, ethane. Naturally these fuels are in gaseous form, but can be 

liquefied at low temperatures, which are referred to as LNG (liquefied natural gas). 

Based on studies [111.], LNG powered jet engines have the potential to reduce fuel 

consumption, while also emitting less carbon pollutants, as methane has 75% 

carbon content as compared to the 85% for kerosene. As rocket fuel, cryogenic 

methane or ethane provides higher specific impulse (equivalent of lower SFC), again 

due to the higher proportion of low molecular mass hydrogen. Methanol and ethanol 

is also a choice for rocket fuels, but they use is not common. They were used in 

World War II German rocket designs, and by hobbyists in either small rockets or 

pulse-jet engines these days due to their availability. 

The non-hydrocarbon fuel of choice for many rockets and aircraft concepts is 

hydrogen. The advantages of hydrogen are mainly due to its very low molecular 

weight, resulting in very high specific impulse, thus low specific fuel consumption. 

Also, the lower heating value (LHV) of hydrogen is about 120 MJ/kg, while jet fuel is 

at the magnitude of 43 MJ/kg, which means for the same energy spend, less mass is 

required thus the vehicle can potentially be lighter using hydrogen. The drawbacks of 

hydrogen are the low density and storage issues. The density of (liquid) hydrogen is 

70.85 kg/m3 as opposed to 810 kg/m3 for kerosene, which means, that considering 

the ratio of LHVs, for the same energy content, the volume of hydrogen is about 3.8 

times as much as for kerosene. As the wave drag component of the aerodynamic 

drag of aerospace vehicles at supersonic speed is proportional to their volumes and 

not to their mass, it is not evident whether hydrogen is a superior fuel choice over 

kerosene. Also skin friction drag is proportional to surface area, which has closer 

connection to volume than to mass.  

Storage of hydrogen is also an issue, as liquid hydrogen must be kept at cryogenic 

temperatures, around 20 K (-253 degC). Hydrogen in its compressed gas form is 

usually not considered for aerospace use due to its high storage pressure. The last 

alternative form is slush hydrogen, wher hydrogen is stored at its triple point, which is 

at slightly lower temperature (-259 degC or 14 K), but results in increased density, 

thus could reduce overall volume of the vehicle. In any case, a second issue with 

hydrogen storage is due to its very small molecular size (1 proton and 1 electron only 

for a hydrogen atom) which allows hydrogen molecules to penetrate the crystal 

structure of the container material and leak or actually be absorbed by the material. 

Leakage is a major safety concern, as hydrogen is odourless, colourless, and burns 

with transparent flame, thus it is very hard to identify leakage and stop accidents. 

Absorption into the crystal structure for metals, especially high strength nickel based 

steels, would lead to the phenomenon called hydrogen embrittlement, which 

drastically reduce the toughness of the alloy, which combined with the low 

temperatures, rapidly lead to cracks and/or failure. Present day cryogenic fuel tanks 

are made out of composites, which do not suffer from the hydrogen embrittlement 

issue. 
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Tri-propellant vehicle concepts envision the use of more than one fuel and/or 

oxidizer for use in the same propulsion system. Classic tri-propellant example is 

liquid hydrogen, RP-1 and liquid oxygen. This hybrid approach supposed to 

overcome the drawbacks of the individual fuels, while keeping parts of their benefits. 

The propellants do not necessarily have to be used at the same, time, for example 

hydrogen can be scheduled after using up the hydrocarbons. Tri-propellant concepts 

exist in other combinations, such as mixing metals with propellants presented by 

Zurawski [112.]. 

The sections above discussed all the fuels that can be used by airbreathing systems. 

In the following, additional fuels, appropriate only to rocket type engines are listed. 

Hydrazine and its compounds are a popular choice for rocket designers. Pure 

hydrazine can be used as a monopropellant, as it is fairly unstable, and decomposes 

by an exothermic reaction in the presence of a catalyst. It is generally used in low 

thrust rockets, such as reaction control systems. It is also used in APUs of military 

aircraft to provide emergency power. Other forms of hydrazine are 

monomethylhydrazine (MMH) or unsymmetrical dymethilhydrazine (UDMH). Both of 

these fuels are hypergolic, thus react in the presence of the oxidizer without a need 

to ignite the reaction, which increases the reliability of the propulsion systems 

compared to one that needs starting, and make throttling and restarting easier. 

Typical oxidizers are nitrogen tetroxide (N2O4) or hydrogen peroxide (H2O2). 

Although hydrazine compounds are poisonous and carcinogenic, MMH and UDMH is 

very stable, and can be stored easily for long time, and at low fuel system mass, 

while also having good specific impulse (about 300s). 

Other monopropellants include high concentration hydrogen peroxide, nitromethane 

or hydroxilammonium nitrate. Hydrogen peroxide over 90% concentration can be 

used as a propellant at high temperatures or when a catalyst is present. 

Nitromethane is a compound of carbon, hydrogen, nitrogen, and oxygen. Although it 

has lower LHV than conventional hydrocarbons, it contains oxygen, thus needs 

significantly less air to burn. This effect is utilized used by hobby space rockets and 

drag racers, as an additive to gasoline to burn more fuel, often just referred to as 

“nitro”. As it contains oxygen, nitromethane can be used as a monopropellant in the 

presence of a catalyst. Hydroxylammonium nitrate was developed by NASA to 

provide a less toxic alternative to hydrazine, while possibly increased performance 

as well. Jankovsky found that the specific impulse is slightly higher than hydrazine 

(about 220 s), possible as high as 270 s [113.].  

For applications where low thrust and specific impulse is enough, cold gas thrusters 

can be used for a reliable and simple system. Such applications are reaction control 

for small objects or the thrusters on EVA units. The most popular cold gases are: 

hydrogen, helium, methane, nitrogen, air, argon and krypton. Their use is not 

appropriate as a propulsion system for a hypersonic vehicle, but they are worth 

mentioning for the sake of completeness. 
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Further advantage of monopropellant, hypergolic and cold gas thrusters is the fact 

that they don’t require ignition, except catalysts, as opposed to liquid or solid rockets. 

Ignition of a rocket thruster is a complicated process and considerably lowers the 

reliability of powerplant, and is avoided if possible. Ascent propulsion systems, and 

OMS usually rely on powerful engines that require ignition, and as such their use are 

limited to a few firings, 1 in the case of the ascent system. The other systems are 

usually utilized as RCS, where many, precise small thrusts are required. 

There are concepts to develop high energy density fuels by the addition of metals 

(and their salts), such as boron gel fuel [114.], but they can be seriously harmful 

towards the environment, (something which is often not mentioned in the research 

papers), and thus do not present a widespread, sustainable solution for the future. 

Other options to develop high-energy density hydrocarbons are to reform the 

chemical bonds between the molecules, usually using a catalyst and isomerization. 

These fuels can provide very high energy densities, but for some technology is not 

available to produce in industrial quantities. Chung et al provide an excellent 

overview of high energy density fuels [115.]. 

Another different type of fuel is for a slightly different type of propulsion system: solid 

rockets. As opposed to carrying the fuel as liquids, these rocket motors have the fuel 

and oxidizer stored in solid form, usually held in the required shape by some form of 

polymer, and can also contain additives to aid storage or to boost thrust. The issue 

of solid rockets is that once they are ignited it’s impossible, or at least very difficult to 

stop or throttle them. For this reason, solid fuel rockets use shaped propellant cross 

sections, so that as they are consumed, the surface area changes according to the 

planned required thrust. This cross section design is often referred to as grain 

design. Most of the time grains are designed to reduce the reaction area, as both the 

rocket’s mass and atmospheric drag tends to reduce with time, thus lower thrust is 

required for the same acceleration. The image below shows some typical grain 

designs used by NASA. 
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Figure 4-26: Typical boost-sustaining grain configurations (source: [116.]) 

Due to the fact that solid rockets are difficult to throttle, and that they require more 

difficult refuelling than “just” filling up the fuel tanks, they are often not considered as 

a promising option for hypersonic launchers or transports. 

Hybrid rockets combine the advantages of both solid and liquid fuelled rockets, 

however their systems are usually more complex than the individual ones. Throttling 

is no longer an issue, as the amount of liquid entering the combustion chamber can 

be easily regulated, and the solid propellant can only burn in the presence of the 

liquid.  However, the same drawback applies to them as to solid rockets, that 

refuelling solid propellants is not a simple task.  

The following table shows a summary of the typical properties of the most common 

propellants applicable to a hypersonic vehicle. 
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Table 4-3: Hypersonic propulsion fuel properties 

Fuel Oxidizer 
Tcombustion 

[K] 
Lowest 

starting M 
Isp vacuum 

[s] 
Oxidizer / 

Fuel ratio [-] 
Density 
[kg/m

3
] 

Monopropellants 

Hydrogen 
Peroxide 

- 950  188 - 1450/- 

Hydrazine - 1719  218 - 1021/- 

Nitromethane - 2670  282 - 1137/- 

Cold gas thrusters 

Hydrogen -   296  0.02/- 

Helium -   179  0.04/- 

Methane -   114  0.19/- 

Nitrogen -   80  0.28/- 

Argon -   57  0.44/- 

Krypton -   39  1.08/- 

Bipropellants 

Liquid H2 Liquid O2 3304  455 6.00 71/1141 

Slush H2 Liquid O2 3304  455 6.00 85/1141 

RP1 Liquid O2 3500  329 2.40 800/1141 

Methane Liquid O2 3379  329 2.33 0.7/1141 

Methanol Liquid O2 3214  297 1.15 792/1141 

Liquid H2 N2O4 2973  349 11.50 71/1440 

Hydrazine H2O2 2630  304 2.04 1021/1450 

Hydrazine N2O4 3415  312 2.25 1021/1440 

UDMH N2O4 3415  319 1.23 790/1440 

Airbreathing fuel 

Liquid H2 Air 845 5.50   71/- 

Liquid 
Methane 

Air 810 5.35   422/- 

Liquid Ethane Air 745 5.00   544/- 

JP-7 Air 518 4.35   900/- 

JP-10 Air 514 4.30   806/- 

Hexane Air 498 4.30   655/- 

Octane Air 479 4.25   703/- 

 

Note: 

 Isp are typical values for existing designs 

 Oxidizer to fuel ratio is not the stoichiometric, rather an empirical value to 

minimize mass of the overall system, taking into account losses, unusable 

fuel, tank and insulation mass, and so on 

 Lowest starting Mach number refers to use in scramjets 

 Cold gas thruster densities are for 241 bar storage pressure 

As it was shown, the fuel fraction of a space launcher is usually very high compared 

to more traditional aircraft. Because of this, features of the vehicle have to be sized 

to enable lift-off at these very high fuel masses. This results in powerful and heavy 

engines and/or large wings in the case of a horizontal take-off vehicle. There are 

concepts to reduce the mass of these components by not loading all the fuel on-

board the vehicle on the ground. One example is the use of aerial refuelling, such as 

the USAF Black Horse [117.]. Although the idea does reduce the vehicle mass, the 
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actual refuelling manoeuvre is often very challenging, due to the large volumes of 

fuel that have to be transferred in a fairly short amount of time. Also, adding the cost 

associated with the tanker significantly reduces the economic benefits of these 

vehicles. Another candidate concept is in-flight air collection. Although fuel would still 

be required, but the oxidizer would be extracted from the atmosphere during ascent, 

usually cooled to cryogenic temperatures and stored as liquefied air/oxygen, 

meaning the overall vehicle size can be reduced. For more information refer to 

Vandenkerckhove and Czysz [118.] Saint-Mard and Hendrick [119.], Bizzari et al. 

[120.], Maurice et al. [121.] or Balepin et al. [122.]. 

4.2.3.3 Propulsion in conceptual design 

The previous parts of this chapter discussed the various types of propulsion 

systems, thrust increase (or drag reduction) methods, and the various fuel types 

available. This last part discusses the role of propulsion in conceptual design, and 

the modelling approach appropriate to hypersonic vehicles. 

The question to ask during conceptual design, is how much thrust an engine can 

provide for the aerospace vehicle, and at how much fuel (and potentially oxidizer) 

does it consume at that thrust level. Ideally this information should be available at 

any flight condition, but often it is only specified for very specific flight conditions, 

such as cruise and take-off in the case of a jet engine, or vacuum thrust in the case 

of a rocket engine. All the other conditions are usually estimated using empirical 

formulas, to scale the specified thrust and fuel consumption values. 

For an aerospace vehicle concept, the type, number and size of the propulsion 

system, potentially systems, has to be specified, along with the propellant used, and 

if applicable the oxidizer. There are two ways to specify engine sizes, first is to use 

an existing powerplant. The benefits of this approach is that there is usually 

performance data available for the engine, so its performance in the new vehicle 

concept can be more accurately predicted. Also, if it is possible to use an existing 

engine, then immense amount of time and cost can be saved as opposed to 

developing a new engine for the given application. 

Sometimes however an existing engine will just not work. This might be because the 

vehicle has very specific thrust and weight requirements, or perhaps the specified 

powerplant is yet to be developed. In these cases the performance has to be 

estimated based on existing designs or theoretical models. If similar powerplants 

exist, the properties of a new design can be established using rubber scaling. These 

methods usually scale the dimensions, mass and SFC of an existing baseline engine 

in proportion to some power of the required to baseline thrust, or similar functions. 

Alternatively, empirical equations can be developed by analysing, and curve fitting 

data from existing designs. 
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In this research the following powerplants are considered for conceptual use: 

 Turbojet/Turbofan 

 Ramjet/Scramjet 

 Liquid Rocket 

The reason for the selection of these powerplants is that these are the most 

common, baseline powerplants that are used in aerospace design. All the others 

mentioned in this chapter are some derivatives or combinations of these, thus they 

can’t be reasonably modelled without first specifying these. Second, the other 

powerplants tend to have some special feature, and their accurate modelling could 

constitute a doctoral research on its own. Featuring models without at least 

estimating the physical phenomena behind their behaviour or over-simplifying the 

models is not acceptable in the authors opinion, even for conceptual design, thus 

work was concentrated on the above mentioned systems. 

All the equations developed assume perfect gas, uses average values for gas 

dynamic coefficients such as specific heats (Cp, Cv), ratio of specific heats (𝛾) and so 

on. Atmospheric properties are acquired from the atmospheric module described. 

4.2.3.3.1 Turbojets, Turbofans 

The turbofan engine performance model used in this research is based on Howe’s 

method[3.]. For this method the following parameters have to be specified: 

 𝑇0: Sea level static dry thrust [N] 

 
𝑇𝑊𝑒𝑡

𝑇𝐷𝑟𝑦
: Ratio of afterburning to static thrust [-] 

 𝑅: Bypass ratio [-] 

 𝑀: Design Mach number [-] 

 𝐻: Design altitude [m] 

As this model was developed for subsonic and low supersonic (up to M 2.2) aircraft 

using hydrocarbon fuels, the methodology has to be extended with the following 

parameters: 

 Fuel type 

 Limit Mach number 

Howe’s equations give the available operating thrust T for any flight condition using 

the following equations: 

𝑇 = 𝜏 ∙ 𝑇0 6 
Where 𝜏 for 0 < M < 0.9 is 

𝜏 = 𝐹𝜏[𝐾1𝜏 + 𝐾2𝜏𝑅 + (𝐾3𝜏 + 𝐾4𝜏𝑅)𝑀𝑁]𝜎𝑆 7 
And for M > 0.9 
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𝜏 = 𝐹𝜏[𝐾1𝜏 + 𝐾2𝜏𝑅 + (𝐾3𝜏 + 𝐾4𝜏𝑅)(𝑀𝑁 − 0.9)]𝜎𝑆 8 
 

Where 𝐾𝑖𝜏 (i = 1..4) and S are empirical constants depending on bypass ratio and 

Mach number, and 𝐹𝜏 is to take afterburning into account. 

Thrust specific fuel consumption can be estimated using the following empirical 

equations for dry and afterburning. 

𝑐 = 𝑐′(1 − 0.15𝑅0.65)[1 + 0.28(1 + 0.063𝑅2)𝑀𝑁]𝜎0.08 9 

𝑐 = 1.05 (
𝑇𝑊

𝑇𝐷
) [1 + 0.17𝑀𝑁]𝜎0.08 10 

 

The Limit Mach number has to be introduced to deal with the high speed flight cases. 

Usually turbofans don’t operate at speeds much beyond Mach 3, this is due to inlet 

surge and heating and dynamic pressure limits on the fan and compressor blades. 

The fastest (afterburning) turbojet up to today is the Pratt & Whitney J58 used on the 

SR-71 Blackbird, capable of flight up to about Mach 3, but even this powerplant has 

elements of a ramjet incorporated in the design. There is ongoing research on 

hypersonic turbojets, but these engines rely on pre-coolers. Examples are the 

Reaction Engines SABRE and SCIMITAR engines or JAXA’s experimental engine 

for the HYTEX test vehicle [123.] 

In terms of fuel types, turbofans generally operate on hydrocarbons or hydrogen. 

Most of the conceptual design books would provide equations for classic kerosene 

based engines, but there is little information on hydrogen powered turbojets. This is 

partly due to the fact that these engines are not in use today. There are studies 

available from NACA [124.][125.], and concepts such as the Cryoplane 

[126.][127.][128.]. Without going into too much detail about hydrogen powered 

turbofans, the following can be concluded for conceptual level designs: 

 Operationally there is no significant difference between hydrocarbon or 

hydrogen powered turbojets, same thrust can be achieved under similar 

conditions with similar engine size and mass 

 Hydrogen fuelled turbojets can either: 

o Run colder for the same amount of thrust as kerosene burning ones. 

This has beneficial effects on engine life, and extends maintenance 

intervals. 

o Could be reduced in size for the same turbine entry temperature (TET). 

This could result in further weight saving for the aircraft. 

 As hydrogen has lower molecular mass, lower density and higher LHV, its 

overall efficiency is higher than hydrocarbon fuelled equivalents. Based on the 

investigated documents, for engines producing similar thrust, the ratio of SFC 

of kerosene to hydrogen fuelled powerplants is between 2.75 to 2.909, on 

average 2.83. 
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For the purposes of this research, hydrogen fuelled turbofans also use Howe’s 

equations to predict thrust available, but their SFC is scaled by 2.83 as compared to 

hydrocarbon powered ones. Example turbofan thrust and SFC graphs, generated by 

the GENUS design environment using the methodology described, are shown in the 

graphs below. The powerplant is assumed to be: 

 Afterburning LH2 fuelled turbofan 

 Sea level static thrust of 120kN 

 Wet over dry thrust ratio: 1.25 

 Bypass ratio: 2 

 Design Mach number: 2.5 

 Design altitude: 15000 m 

 Mach limit: 3.5 

 

Figure 4-27: LH2 Powered Turbofan Available Thrust at Various Altitudes 
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Figure 4-28: LH2 Turbofan Thrust Specific Fuel Consumption at Maximum Available Thrust at Various 

Altitudes 

4.2.3.3.2 Ramjets, Scramjets 

Although there is a difference between ramjets and scramjets in terms of technology 

and the challenges associated with engine development, for conceptual design 

purposes, they can be treated similarly. Both require a specific minimum speed to 

function, which is roughly Mach 1 for ramjets, and somewhere over Mach 4 for 

scramjets, the exact starting number depends on fuel type. Ramjets stop generating 

thrust at around Mach 5, because at these speeds due to the shocks generated by 

slowing down the airflow to subsonic speeds for combustion, the static temperature 

of the air increases to a point where heat addition to the fuel is no longer possible 

due to structural reasons. Scramjets do not have this limitation, as the combustion is 

supersonic (hence their name), so they can provide thrust even above Mach 5. The 

limits to scramjet performance are also due to combustor material temperature limits. 

As ramjets and scramjets have no moving or intricate parts such as the turbine 

blades, their combustor temperature can be fairly high, on the order of 3000 K. 

In this research, ramjets and scramjets are modelled based on stream thrust 

analysis. For detailed description of stream thrust analysis refer to Heiser and Pratt 

[129.]. 

1.00E-05

1.20E-05

1.40E-05

1.60E-05

1.80E-05

2.00E-05

2.20E-05

2.40E-05

0 0.5 1 1.5 2 2.5 3 3.5 4 4.5

SF
C

 [
kg

/s
/N

] 

Flight Mach number [-] 

LH2 Turbofan Thrust Specific Fuel Consumption at Maximum 
Available Thrust at Various Altitudes 

0 5000 10000 15000 25000 30000



79 

 

 

Figure 4-29: Airbreathing engine reference station numbers and related terminology (source: [129.]) 

For conceptual design purposes the following procedure is used to model a ramjet or 

scramjet engine: 

1. Engine is sized for cruise condition, thus Mcruise, Hcruise and nominal cruise 

thrust Tcruise has to be specified. 

2. The following equations can be used to evaluate performance of a ramjet or 

scramjet engine: 

a. Thrust: 

𝑇 =  𝐴0(𝑝10 − 𝑝0) + [(1 + 𝑓)𝑢10 − 𝑢0]�̇�0 11 
b. Fuel fraction: 
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𝑓 =  

𝑇4

𝑇0
− (1 +

𝛾 − 1
2 𝑀0

2)

𝑄𝑅

𝐶𝑃𝑇0
−

𝑇4

𝑇0

 12 

c. Exhaust velocity: 

𝑢10 = 
√

𝑇4

𝑇0

√1 +
𝛾 − 1

2 𝑀0
2

𝑢0 13 

3. For conceptual level purposes, it is assumed, that throttling of the engine can 

be achieved by varying the amount of fuel flow, and thus 𝑇4 temperature. The 

actual feasibility of the given throttle setting is not investigated in this model; it 

is assumed that between the minimum and maximum operating Mach 

number, at any altitude, any throttle settings are possible. To rigorously 

evaluate throttling capabilities, many more engine parameters would be 

required, which are not necessarily available for an aircraft designer at 

conceptual level. The parameter 𝑠 =  √
𝑇4

𝑇0
 is introduced, and maximum 

combustor temperature, 𝑇4𝑙𝑖𝑚𝑖𝑡 is specified. 

4. Intake area can be sized using cruise conditions, assuming: 

a. perfect expansion 

b. maximum 𝑇4 is reached during cruise 

𝑓𝑚𝑎𝑥,𝐶𝑟𝑢𝑖𝑠𝑒 =

𝑇4𝑙𝑖𝑚𝑖𝑡

𝑇0,𝐶𝑟𝑢𝑖𝑠𝑒 𝑎𝑙𝑡𝑖𝑡𝑢𝑑𝑒
− (1 +

𝛾 − 1
2 𝑀0

2)

𝑄𝑅

𝐶𝑃𝑇0,𝐶𝑟𝑢𝑖𝑠𝑒 𝑎𝑙𝑡𝑖𝑡𝑢𝑑𝑒
−

𝑇4𝑙𝑖𝑚𝑖𝑡

𝑇0,𝐶𝑟𝑢𝑖𝑠𝑒 𝑎𝑙𝑡𝑖𝑡𝑢𝑑𝑒

 14 

𝑢0,𝑐𝑟𝑢𝑖𝑠𝑒 = 𝑀𝑐𝑟𝑢𝑖𝑠𝑒𝑎𝑐𝑟𝑢𝑖𝑠𝑒 15 

𝑢10,𝑐𝑟𝑢𝑖𝑠𝑒 =
√

𝑇4𝑙𝑖𝑚𝑖𝑡

𝑇0,𝐶𝑟𝑢𝑖𝑠𝑒 𝑎𝑙𝑡𝑖𝑡𝑢𝑑𝑒

√1 +
𝛾 − 1

2 𝑀0
2

𝑢0,𝑐𝑟𝑢𝑖𝑠𝑒 16 

�̇�0,𝐶𝑟𝑢𝑖𝑠𝑒 =
𝑇𝑐𝑟𝑢𝑖𝑠𝑒

(1 + 𝑓𝑚𝑎𝑥,𝐶𝑟𝑢𝑖𝑠𝑒)𝑢10 − 𝑢1

 17 

𝐴0 =
�̇�0,𝐶𝑟𝑢𝑖𝑠𝑒

𝜌𝐶𝑟𝑢𝑖𝑠𝑒𝑢1
 18 

5. The following equations yield the available thrust in a given flight condition. 

Substituting equations 12 and 13 into 11, using the parameter s, and 

introducing 

𝑐1 =
𝑇

𝑚0𝑢0
+ 1 19 

𝑐2 = √1 +
𝛾 − 1

2
𝑀0

2 20 
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𝑐3 =
𝑄𝑅

𝐶𝑃𝑇0
 21 

 

Yields the following equation: 

𝑐1𝑐2 = 𝑠 (1 +
𝑠2 − 𝑐2

2

𝑐3 − 𝑠2
) 22 

Which can be rearranged to get s 

𝑠 =

−
𝑐3 − 𝑐2

2

𝑐1𝑐2
± √(

𝑐3 − 𝑐2
2

𝑐1𝑐2
)
2

+ 4𝑐3

2
 

23 

 

From which only the positive root has physical meaning, thus the negative is 

ignored. This equation gives s, which can be used to get the combustor 

temperature required to provide the requested T thrust at the given flight 

condition. 

6. The required 𝑇4 can be calculated from s and the flight condition:  

𝑇4𝑐𝑎𝑙𝑐𝑢𝑙𝑎𝑡𝑒𝑑 = 𝑇0𝑠
2 24 

7. 𝑇4 calculated has to be compared to 𝑇4𝑙𝑖𝑚𝑖𝑡. The actual 𝑇4 used in that flight 

condition will be: 

𝑇4 = 𝑀𝑎𝑥(𝑇4𝑐𝑎𝑙𝑐𝑢𝑙𝑎𝑡𝑒𝑑, 𝑇4𝑙𝑖𝑚𝑖𝑡) 25 
8. 𝑇4 can be inserted into equations 11,12 and 13 to get thrust and fuel flow at 

cruise conditions. Most scramjet concepts tend to incorporate some form of 

altitude compensating nozzle, thus the pressure component of thrust can be 

assumed to be close to 0 for conceptual design purposes. SFC at the flight 

condition, at the calculated thrust setting is: 

𝑆𝐹𝐶 =
𝑓�̇�0

𝑇
 26 

Outside the operating range, thrust is assumed to be 0. For starting Mach numbers 

for different fuels, refer to Table 4-3: Hypersonic propulsion fuel properties. 

The figures below show thrust and SFC characteristics at various flight conditions, at 

varied Mach numbers and altitudes for a scramjet with: 

 LH2 fuel 

 Cruise altitude of 40000 m 

 Cruise Mach number of 6 

 3000 K T4 limit 

 300000 N design cruise thrust 

 Starting Mach number of 4.5 
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Figure 4-30: LH2 Scramjet Available Thrust at Various Altitudes 

 

Figure 4-31: LH2 Scramjet SFC at Maximum Available Thrust at Various Altitudes 

4.2.3.3.3 Liquid Rockets 

There is a significant difference in the operation of a rocket and an airbreather 

engine, the fact that rockets don’t rely on atmospheric oxygen to provide thrust. This 

can be looked on as an advantage, as it can provide thrust at any flight condition, in 
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or outside the atmosphere, but is also a drawback, as oxidizer has to be carried 

onboard the vehicle to operate the engine. The principle of how the rocket engine 

works is shown in the image below. 

 

Figure 4-32: Liquid rocket operating principle (source: [130.]) 

Liquid rockets operate by burning a mixture of fuel and oxidizer in the combustion 

chamber, and converting the thermal energy into kinetic energy of the gas flow, 

which is expelled, and the reaction force propels the rocket forward. To specify a 

rocket as an engine for a vehicle at conceptual level the following parameters are 

required: 

 Fuel and oxidizer types, and the mixture ratio. Similar to a petrol engine or 

gas turbine, the optimum mixture might not be the stoichiometric, other 

aspects have to be taken into account, such as tank and insulation mass, 

non-perfect and finite speed combustion, cooling requirements on the nozzle, 

and so on. 

 Chamber pressure: higher chamber pressures lead to more efficient rockets, 

and larger mass flow, in the nozzle. Temperatures in the chamber are usually 

set by the combustion process and the structural limitations, but pressure can 

be varied according to requirements. Higher pressure also results in more 

complex and heavier systems. For reference, the Space Shuttle Main Engines 
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have an internal pressure of 205 bar (2100000 N thrust), while the Orbital 

Manoeuvring System operates at only 8.62 bar (26700 N thrust).  

 Vacuum Thrust: the theoretical amount of thrust the engine provides when 

atmospheric pressure drops to 0. As a guideline for launchers, almost all 

historical designs have a lift-off sea-level T/W ratio of 1.5 [131.]. Higher T/W 

results in lower gravity losses. 

 Vacuum Isp: The theoretical specific impulse at 0 ambient pressures. This is a 

measure of the efficiency of the rocket, the knowledgeable user has to justify 

the value chosen, as too high specific impulse would result in an infeasible, or 

prohibitively expensive rocket engine. Reference values are shown in Table 

4-3: Hypersonic propulsion fuel properties. 

 Design altitude: Nozzles are designed to provide optimum expansion, and 

thus highest thrust coefficient (highest thrust for a given throat area and 

chamber pressure) at a certain altitude. Below this altitude, the atmospheric 

pressure is higher than the expanded gas pressure, thus the flow is over-

expanded. Over-expanded flows lower the available thrust considerably, and 

below a certain altitude could cause shockwaves to form in the nozzle. The 

effects of this are described later in this chapter. Above the design altitude, 

when atmospheric pressure drops below the flow exit pressure, the exhaust 

gas is under-expanded, also reducing the best achievable thrust. As a rule of 

thumb, an efficient design altitude is 2/3 of stage altitude for a launcher, and 

cruise altitude for a transport. Note design altitude is specified instead of 

expansion ratio, as there is no closed form equation to acquire pressures from 

expansion ratios, but it is a simple calculation the other way around. 

 Nozzle half angle: real nozzles reduce the efficiency of the propulsion system, 

as due to their expansion angle, the gas flow will acquire radial speed, which 

reduces the available axial speed and thus thrust for a given amount of 

energy. Small angles are efficient, but result in longer nozzles, thus additional 

mass. Nozzle half-angles are usually around 15deg to maximize performance 

(efficiency of 98.30%). 

 Throttling: During its mission, the thrust requirements of the rocket changes. 

This is due to the large changes in drag, mass and manoeuvres performed. 

Throttling of the rockets is usually done by varying the mass flow of 

propellants, which is most often achieved by varying the pressure of the 

injector nozzles. The amount of throttling is limited by combustion instability, 

which sets a limit on pressure drop, generally 
∆𝑝𝑖𝑛

𝑝𝑐
⁄ has to be between 5% 

and 25% [132.]. As a rough guide, Kimura et al measured about 10% drop for 

a throttle setting of 30% on their test rocket [133.]. 

Using the parameter specified above, a rocket engine model can be constructed for 

any inputs. The process is the following: 

1. Set rocket parameters based on inputs: 
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a. Set nozzle efficiency: 

𝜂𝑛𝑜𝑧𝑧𝑙𝑒 =
1

2
(1 + cos(𝜃𝑛𝑜𝑧𝑧𝑙𝑒 ℎ𝑎𝑙𝑓 𝑎𝑛𝑔𝑙𝑒)) 27 

b. Calculate throat static temperature and pressure: 

𝑇𝑡 = 𝑇𝑐 (1 +
𝛾 − 1

2
)

−1

 28 

𝑝𝑡 = 𝑝𝑐 (1 +
𝛾 − 1

2
)
−

𝛾
𝛾−1

 29 

c. Calculate mass flow for required thrust and Isp: 

�̇� =
𝐹𝑣𝑎𝑐

𝐼𝑠𝑝 𝑣𝑎𝑐𝑔0
 30 

d. Calculate throat area: 

𝐴𝑡 =
�̇�

𝑝𝑡

√𝑅𝑀

𝑇𝑡

𝛾
 31 

e. Calculate exit area: 

𝐴𝑒 =
𝐴𝑡

(
𝛾 + 1

2 )

1
𝛾−1

(
𝑝𝑒

𝑝𝑐
)

1
𝛾 √𝛾 + 1

𝛾 − 1 (1 −
𝑝𝑒

𝑝𝑐
)

𝛾−1
𝛾

 
32 

f. Calculate exhaust speed (using vacuum conditions): 

𝑢𝑒 = 𝐼𝑠𝑝 𝑣𝑎𝑐𝑔0 −
𝑝𝑒𝐴𝑒

�̇�
 33 

2. To calculate if the requested thrust is available and at what SFC, the following 

process can be used: 

a. It is assumed that 𝑢𝑒 is constant regardless of throttling. This can be 

seen as follows:  

𝑢𝑒 = 𝑀𝑒√𝛾𝑅𝑇𝑒 34 

𝑢𝑒

√𝑇𝑡

= 𝑀𝑒√𝛾𝑅
𝑇𝑒

𝑇𝑡
 35 

Where the right hand side of the equation is purely a function of 𝑀𝑒 as for an 

isentropic nozzle with fixed geometry, provided flow is still choked at the throat, only 

depends on geometry:  

𝐴𝑒

𝐴𝑡
=

1

𝑀𝑒

√(
1 +

𝛾 − 1
2 𝑀𝑒

2

1 +
𝛾 − 1

2 12
)

𝛾+1
𝛾−1

 36 

and: 
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𝑇𝑒

𝑇𝑡
=

1 +
𝛾 − 1

2 12

1 +
𝛾 − 1

2 𝑀𝑒
2

 37 

Furthermore if 𝑇𝑐 is assumed constant as it is only the function of the fuel-oxidizer 

mixture:  

√𝑇𝑡 = √
𝑇𝑐

1 +
𝛾 − 1

2

 38 

 

So from 35, 36, 37 and 38, it can be assumed that 𝑢𝑒 is constant for a chamber 

pressure type throttling. 

b. To calculate what chamber pressure one requires for the given thrust, 

one can write the ideal rocket thrust equation: 

𝐹 = �̇�𝑢𝑒 + (𝑝𝑒 − 𝑝𝑎)𝐴𝑒 39 
And for a choked flow, 𝑝𝑒 can be written as: 

𝑝𝑒 =
 𝑝𝑒

𝑝𝑐
𝑝𝑐 = (1 +

𝛾 − 1

2
𝑀𝑒

2)

𝛾
𝛾−1

𝑝𝑐 40 

So 
𝑝𝑒

𝑝𝑐
 is constant for the given flow condition, so equation 39 can be written as: 

𝐹 = 𝛾√(
2

𝛾 + 1
)

𝛾+1
𝛾−1 𝐴𝑡𝑝𝑐

√𝛾𝑅𝑇𝑐

𝑢𝑒 + ((1 +
𝛾 − 1

2
𝑀𝑒

2)

𝛾
𝛾−1

𝑝𝑐 − 𝑝𝑎)𝐴𝑒 41 

From which 𝑝𝑐 𝑟𝑒𝑞𝑢𝑖𝑟𝑒𝑑 for a given level of desired thrust can be expressed.  

c. If 𝑝𝑐 𝑟𝑒𝑞𝑢𝑖𝑟𝑒𝑑 < 𝑝𝑐𝐷𝑒𝑠𝑖𝑔𝑛𝑀𝑖𝑛𝑇ℎ𝑟𝑜𝑡𝑡𝑙𝑒𝑆𝑒𝑡𝑡𝑖𝑛𝑔 then the rocket cannot 

function, as combustion instability would damage or even destroy the 

rocket. If 𝑝𝑐 𝑟𝑒𝑞𝑢𝑖𝑟𝑒𝑑 > 𝑝𝑐𝐷𝑒𝑠𝑖𝑔𝑛(or perhaps a few percent emergency 

power can be allowed as on the SSME, which can be throttled up to 

104%), then 𝑝𝑐 has to be set to 𝑝𝑐𝐷𝑒𝑠𝑖𝑔𝑛. Between these values, the 

calculated 𝑝𝑐 𝑟𝑒𝑞𝑢𝑖𝑟𝑒𝑑 can be used to calculate new mass flow, exhaust 

pressure, and eventually the available thrust and corresponding SFC. 

d. In the case of over-expanded flow, below a certain altitude, 

shockwaves appear in the nozzle, technically constricting the flow, thus 

reducing the amount of over-expansion, thus as an overall effect, 

increasing available thrust as compared to equation 39. According to 

Summerfield [134.] and Oates [135.], shockwaves generally appear 

when: 

𝑝𝑎

𝑝𝑒
≥ 𝐾 42 
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Where K is the Summerfield/Oates coefficient, which is an empirical 

constant and its value is 2.75. In this case, a shockwave forms, where 

the pressure in the nozzle reaches 𝑝𝑠 =
𝑝𝑎

𝐾
. With this pressure, the 

Mach number just before the shockwave can be calculated using the 

isentropic nozzle equation: 

𝑀𝑠 = √
2

𝛾 − 1
[(

𝑝𝑐

𝑝𝑠
)

𝛾−1
𝛾

− 1] 43 

And an effective exit area can be calculated based on the shockwave 

properties: 

𝐴𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 = 𝐴𝑒

1

𝑀𝑠

√[
2

𝛾 + 1
 (1 +

𝛾 − 1

2
𝑀𝑒

2)]

𝛾+1
𝛾−1

 44 

Finally, the thrust can be calculated as: 

𝑇 = �̇�𝑢𝑒 + (
𝑝𝑎

𝐾
− 𝑝𝑎)𝐴𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 45 

 

The following graphs show an example rocket engine model, based on the SSME. 

This engine can be described with the following: 

 Fuel: Liquid hydrogen 

 Oxidizer: Liquid oxygen 

 𝐼𝑠𝑝 𝑣𝑎𝑐𝑢𝑢𝑚= 446.4 s 

 𝑇𝑣𝑎𝑐𝑢𝑢𝑚 = 2100000 N 

 𝜃𝑛𝑜𝑧𝑧𝑙𝑒 ℎ𝑎𝑙𝑓 𝑎𝑛𝑔𝑙𝑒 about 15deg 

 Design altitude = 32000 m (to give the desired expansion ratio of 77.5) 

 Minimum throttle: 67% 

 Chamber pressure: 204.8 bar 

Note: thrust and SFC is independent of speed. 
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Figure 4-33: LH2/LOX Rocket Available Thrust 

 

Figure 4-34: LH2/LOX Rocket SFC at Maximum Available Thrust 

4.2.3.3.4 Thrust distribution 

As hypersonic vehicles can have more than one propulsion systems on-board, it is 

important to find an optimal distribution of thrust between these systems at every 

flight condition. 

How to distribute the required thrust between the propulsion systems is not a trivial 

problem. The objective to be achieved by the distribution is to provide the required 

thrust with the minimum amount of fuel burn. The main issue arises from the fact that 

the best efficiency for the vehicle cannot be found by evaluating the best efficiencies 

of the individual propulsion systems. 
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Figure 4-35: Thrust available at 5000 m altitude for various engines 

 

Figure 4-36: SFC at 5000 m altitude for various engines 

Figure 4-35 and Figure 4-36 shows the available thrust and corresponding SFC 

values for various powerplants at varying fractions of total thrust requested from 

each powerplant. As it can be seen, different powerplants can behave differently, for 

example rockets usually have a throttling limit, while turbojets generally don’t provide 

as much thrust as ramjets or rockets, but can usually provide that thrust at better fuel 

consumption. So the problem can be defined as: how to choose the distribution of 

the requested thrust between the various propulsion systems to provide the available 

thrust at the lowest total fuel burn. 
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Before the proposed algorithm is described, it is worth discussing the logic behind 

the procedure, or in other words, is it always the best choice to consume the least 

amount of fuel? One can imagine a case, when a special powerplant can provide 

thrust only in a narrow range, but would do that at very high efficiency, thus low SFC. 

So to utilize this powerplant to the maximum, it might be beneficial to burn more fuel 

initially, to provide the specific conditions to use the high efficiency powerplant at 

later stages. This is however, not a problem of the propulsion distribution process, 

this is a problem of fuel and powerplant scheduling and thus should be handled in 

the Performance modules. It is also worth noting, that problems like the one 

described very rarely have deterministic solution, and usually solved by different 

optimizers or Monte-Carlo simulations. As far as the propulsion module is 

concerned, it is always the target to provide the required thrust with minimum total 

fuel burn. 

The algorithm developed is a recursive procedure, sweeping through the various 

powerplants, applicable to arbitrary number of propulsion systems. The performance 

of powerplants are evaluated at integer number of divisions, the actual number can 

be set by the user. The default value is 10, so the powerplants’ performance are 

evaluated at 10%, 20% … 100% requested thrust.  

 

Figure 4-37: Recursive propulsion system thrust allocation process 
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Figure 4-37 shows the process for an arbitrary number of power plants. The division 

of thrust is N, and the sum of i, j, … l must add up to N, to ensure that the total thrust 

is distributed. In the following an example is shown for a vehicle with 2 propulsion 

systems. From this example the case with higher number of propulsion systems can 

be extrapolated, however above 3 systems it is difficult to visualize or imagine the 

process. Also, it is worth noting that the computational effort required scales 

exponentially with the number of different systems used. 

The example shows a vehicle with 2 propulsion systems, a high speed turbojet and a 

SSME derived rocket. The flight condition is Mach 5 at 10000 m, with an arbitrary 

selected 100000 N of thrust required. The thrust and SFC values are shown in 

Figure 4-35 and Figure 4-36, series Turbojet 1 and Rocket respectively. 

 

Figure 4-38: 2 Propulsion system thrust division example – Thrust available 

Figure 4-38 shows the possible distribution of thrust with 10% resolution. It can be 

seen, that in order to provide the required thrust, the turbojet-rocket thrust ratio has 

to be 40-60 or higher in favour of the rocket propulsion system. The calculated 

maximum thrust in this flight condition according to the turbojet model is 47785 N, 

which shows that the minimal thrust contribution from the rocket has to be at least 

52.5% as opposed to the 60% from the current run. This error can be increased by 

finer discretisation, however at conceptual level, even 10% accuracy is completely 

acceptable. Also it is very unlikely, that real life powerplant performance can be 

predicted to the accuracy of single Newtons. If the number of propulsion systems 

were 3, this line graph would be a surface, and at higher numbers, their higher 

dimension equivalents. 

So the problem simplifies into, which of the 4 possible distributions offer the lowest 

fuel burn. Note if none of the distributions would have reached the required 100kN, 

then the highest available thrust distribution would have been selected. The actual 
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implemented code has some inbuilt tolerance band between the requested and 

available thrust, to avoid round-off and discretisation errors.  

Figure 4-39 shows the fuel flow in kg/s based on the calculated thrust and SFC 

values. As it can be seen, a rocket’s SFC is about 2 magnitudes higher than a 

turbojet’s, thus the more thrust its producing the higher the overall fuel consumption 

will be. Take note that the process does not take the difference in fuel types into 

account, it will produce the lowest total fuel mass flow. If fuel scheduling is important, 

the propulsion systems that the process can use must be restricted according to the 

requirements. From our example it can be seen, that to fly in this condition, the most 

economical solution, where the required thrust can be generated is at 40-60 

Turbojet-Rocket thrust division, with 15.583 kg/s fuel flow. 

 

Figure 4-39: 2 Propulsion system thrust division example – Fuel burn 
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4.2.4 Mass estimation 

4.2.4.1 Introduction 

Mass breakdown and estimation is the process, when the major aircraft components 

are given physical properties. Without the mass estimation, simply considering the 

aircraft as point mass, unrealistic concepts can be generated, as there would be no 

connection between the physical size and the mass of the vehicle. 

Mass estimation methods either rely on trends developed from databases compiled 

from historical aircraft data or use knowledge based engineering methods to size the 

actual structural components, and estimate data in a more accurate way. Usually the 

later methodology is used later in the design process, at preliminary design level or 

for vehicles where the loads, loadpaths and structure are well known and can be 

predicted easily. 

In the case of hypersonic vehicles, although many concepts were produced, 

extensive databases based on actual air(space)worthy vehicles are lacking. There is 

recent work by Rohrschneider [136.] along with legacy work done by NASA 

[24.][137.][138.][140.] estimating weight for a hypersonic craft, along with 

implications on structural strength, buckling, aeroelasticity, etc. The NASA 

documents were made using the technical level of the 60s, 70s, and 80s and thus 

they don’t contain the latest achievements in material technology. Rorhschneider 

compiled the mass estimation equations from a mixture of different sources, and 

where applicable compared them to the Space Shuttle design. As some of these 

methods were actually derived from the Space Shuttle mass breakdown data, it is no 

wonder that some methods provide perfect prediction for that shape, while others, 

those based on airbreathing vehicle concepts for example, can predict significantly 

different mass values. Unfortunately methods based on the Space Shuttle data were 

not validated on any other vehicle, as there hasn’t been any similar vehicle 

development available to the public since the Shuttle. 

It has to be noted, that usually during the development of a concept, the mass of the 

vehicle tends to increase. Chai and Wilhite [139.] investigated the mass growth of 

launch vehicles due to uncertainty. According to their findings, historical aerospace 

system show about 28.5% average mass growth (with a range of 7 – 53%). Due to 

this, although equations are available to estimate mass of components, they are 

more guides, than accurate predictions. Many times technology correction factors or 

growth factors are applied to take uncertainty into account. Considerable experience 

is required from the designer to justify the use of these factors in the conceptual 

design phase. 

4.2.4.2 Mass estimation in GENUS 

In the following the methods used in GENUS to estimate mass for various 

components of hypersonic vehicles are shown. The breakdown follows the grouping 

used by Rohrschneider. 
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Generally, the required constants are user inputs in GENUS, and the geometric 

inputs are automatically calculated based on the geometry entered in the Geometry 

module. In case, a mass group does not exist in the vehicle, for example in the case 

of a wingless vehicle (space capsule), no Wing mass group is generated. 

In terms of the implementation in GENUS, all parts of the vehicle included in the 

mass breakdown are instances of the MassComponent class, and in this module, the 

aim is to set as many properties of the components as possible. When a 

component’s position is known, for example the wings, fuselage, etc., it’s CG 

position is added to the MassComponent. Likewise objects, are linked to their 

containers, individual types of fuels to their fuel tanks, crew to the cockpit, and so on. 

Furthermore all MassComponents are allocated shapes, and if possible volumes 

and/or dimensions. For more details on the MassComponent class, review Appendix 

A - 3. 

4.2.4.2.1 Wing group 

The wing group mass estimation uses the equations developed from legacy aircraft 

and Space Shuttle data, presented by Rohrschneider. 

𝑀𝑤𝑖𝑛𝑔 =

[
 
 
 

𝑁𝑧𝑀𝐿𝑎𝑛𝑑

1 + 𝜂 (
𝑆𝑏𝑜𝑑𝑦

𝑆𝑒𝑥𝑝
)
]
 
 
 
0.386

(
𝑆𝑒𝑥𝑝

𝑡𝑟𝑜𝑜𝑡
)
0.572

[𝐾𝑤𝑖𝑛𝑔𝑏𝑠𝑡𝑟
0.572 + 𝐾𝑐𝑡𝑏𝑏𝑜𝑑𝑦

0.572] 46 

 

Where: 

 𝑀𝑤𝑖𝑛𝑔: Wing group mass, including carry through [lbm] 

 𝑁𝑧: Ultimate load factor (including 1.5 factor of safety) [-] 

 𝑀𝑙𝑎𝑛𝑑: Landing mass [lbm] Note that the Shuttle does not use its wings to 

take-off, in the case of horizontal take-off vehicle, the author used AUM as 

opposed to landing mass. However, the validity of this choice was not 

investigated. 

 𝜂: Wing-body efficiency factor [-] 

o 0.20 for conventional 

o 0.15 for control configured vehicle 

 𝑆𝑏𝑜𝑑𝑦: Body planform area [ft2] 

 𝑆𝑒𝑥𝑝: Exposed wing planform area (net wing area) [ft2] 

 𝑡𝑟𝑜𝑜𝑡: Wing thickness at root [ft] 

 𝐾𝑤𝑖𝑛𝑔: Exposed wing material and configuration constants: 

o 0.286: Aluminium skin/stringer, dry wing, no TPS included 

o 0.343: Aluminium skin/stringer, wet wing, no TPS included 

o 0.229: Metallic composite (boron aluminium) honeycomb, dry wing, no 

TPS included 
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o 0.263: Metallic composite (boron aluminium) honeycomb, wet wing, no 

TPS included 

o 0.214: Organic composite honeycomb, no TPS included 

o 0.453: Honeycomb dry wing super alloy hot structure, no TPS required 

 𝑏𝑠𝑡𝑟: Wing structural span along the half chord line [ft] 

 𝐾𝑐𝑡: Wing carry-through constants 

o 0.0267: Dry carry-through (integral) 

o 0.0347: Wet carry-through (integral) 

o 0.1000: Dry carry-through (conventional) 

o 0.1000: Wet carry-through (conventional) 

 𝑏𝑏𝑜𝑑𝑦: Maximum width of the body [ft] 

4.2.4.2.2 Tail group 

The tail group mass estimation uses the equations developed from legacy aircraft 

and Space Shuttle data, presented by Rohrschneider. 

𝑀𝑡𝑎𝑖𝑙 = 𝐾𝑡(𝑆𝑣𝑒𝑟𝑡)
1.24 47 

 

Where: 

 𝑀𝑡𝑎𝑖𝑙: Tail group mass [lbm] 

 𝐾𝑡: Tail construction constant: 

o 1.872: Aluminium skin/stringer, no TPS included 

o 1.108: Metallic composite structure, no TPS included 

o 1.000: Graphite epoxy composite structure, no TPS included 

 𝑆𝑣𝑒𝑟𝑡: Total planform area of vertical tail or wingtip fins [ft2] 

Note: In this study the same equation is used to predict mass of vertical tails, 

horizontal tails and winglets. 

4.2.4.2.3 Body group 

The body group mass estimation uses the equations developed from legacy aircraft 

and Space Shuttle data, presented by Rohrschneider, however only the equations 

for the actual body mass is retained, the rest are evaluated in different groups. 

𝑀𝑏𝑜𝑑𝑦 = 𝐾𝑏𝐴𝑏𝑜𝑑𝑦𝑁𝑧
1/3  48 

 

Where: 

 𝑀𝑏𝑜𝑑𝑦: Body group mass [lbm] 

 𝐾𝑏: Body construction constant 

o 2.72: Composite structure, no TPS included 

o 3.20: Aluminium structure, no composites, no TPS included 

o 3.40: Hot metallic Ti/Rene HC, no TPS required 
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o 4.43: Moldline tankage: tank, body structure, cryogenic insulation 

integrated 

 𝐴𝑏𝑜𝑑𝑦: Surface area of vehicle body [ft2] 

 𝑁𝑧: Ultimate load factor (including 1.5 factor of safety) [-] 

Note that in case of a flying wing vehicle, the program assumes the first Wing class 

GeometricPart’s innermost section (up to the first kink) as the vehicle’s body for 

mass estimation purposes. 

4.2.4.2.4 TPS group 

The equations to estimate the TPS group mass are from the database of historic 

aircraft and Space Shuttle, as presented by Rohrschneider. The equations are 

appropriate to a rocket vehicle with lifting re-entry: 

𝑀𝑡𝑝𝑠 = 𝐾𝑟 (
1

𝐾𝑡
)
0.302

(
𝑀𝑒𝑛𝑡𝑟𝑦 

(𝑆𝑏𝑜𝑑𝑦 + 𝑆𝑒𝑥𝑝)𝐶𝐿

)

𝐾𝑓𝑙𝑜𝑤

(𝐴𝑏𝑜𝑑𝑖𝑒𝑠 + 𝐴𝑠𝑢𝑟𝑓𝑎𝑐𝑒𝑠) 49 

 

Where: 

 𝑀𝑡𝑝𝑠: TPS group mass [lbm] 

 𝐾𝑟: TPS material constant: 

o 0.140: RSI Shuttle technology level 

o 0.110: RSI Advanced 

o 0.145: Metallic 

 𝐾𝑡: Support structure construction constant: 

o 0.100 Aluminium skin/stringer 

o 0.085 Titanium 

o 0.115 Graphite epoxy 

 𝑀𝑒𝑛𝑡𝑟𝑦: Mass of the vehicle at atmospheric entry [lbm] 

 𝑆𝑏𝑜𝑑𝑦: Planform area of vehicle body [ft2] 

 𝑆𝑒𝑥𝑝: Exposed (net) wing planform area [ft2] 

 𝐶𝐿: Average coefficient of lift from orbit to Mach 10; Shuttle reference: 0.65 

 𝐾𝑓𝑙𝑜𝑤: Flow constant in the range of: 

o 0.5: Pure laminar flow 

o 0.8: Pure turbulent flow 

 𝐴𝑏𝑜𝑑𝑖𝑒𝑠: Surface area of vehicle bodies [ft2] 

 𝐴𝑠𝑢𝑟𝑓𝑎𝑐𝑒𝑠: Surface area of vehicle lifting surfaces [ft2] 

Note that the equation is modified to include the actual wetted surface area of the 

lifting surfaces, as opposed to the approximate wetted area of the net wing. This is in 

order to take the effect of varying thickness and possible multiple lifting surfaces into 

account. 
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4.2.4.2.5 Landing gear group 

The landing gear group mass estimation uses the equations developed from legacy 

aircraft and Space Shuttle data, presented by Rohrschneider. The mass of the gears 

is divided between the nose and main landing gears assuming a 25:75 distribution 

respectively. 

𝑀𝑙𝑔 = 𝐾𝑙𝑔𝑀𝑙𝑎𝑛𝑑 50 
Where: 

 𝑀𝑙𝑔: Mass of landing gear group [lbm] 

 𝐾𝑙𝑔: Landing gear construction constant: 

o 0.033 Shuttle gear 

o 0.030 Advanced composite gear 

o 0.0255 Composite skid system with no brakes 

 𝑀𝑙𝑎𝑛𝑑: Landed mass of vehicle [lbm] 

Note that the equation does not assume that the vehicle might take-off horizontally, 

and thus might underpredict the landing gear mass for that class of vehicles. 

4.2.4.2.6 Propulsion group 

The mass estimation methods for the propulsion components use a mixture of 

methods from Raymer, Humble et al., and a mixture of available data on ramjets and 

scramjets. 

4.2.4.2.6.1 Turbojets and turbofans 

The engine mass estimation method presented by Raymer is used to estimate the 

mass of turbofan and turbojet powerplants of arbitrary size. His equation are: 

Table 4-4: Turbojet and turbofan sizing equations (source: [4.]) 

 AFTERBURNING NON-AFTERBURNING 

Weight [lbm] 0.063 𝑇1.1𝑀0.25𝑒−0.81𝐵𝑃𝑅 0.084 𝑇1.1𝑀0.25𝑒−0.045𝐵𝑃𝑅 

Length [in] 3.06 𝑇0.4𝑀0.2 2.22 𝑇0.4𝑀0.2 

Diameter [in] 0.288 𝑇0.5𝑒0.04𝐵𝑃𝑅 0.393 𝑇0.5𝑒0.04𝐵𝑃𝑅 

 

Where: 

 𝑇: Take-off static sea level thrust [lbf] 

 𝑀: Cruise Mach number [-] 

 𝐵𝑃𝑅: Bypass ratio [-] 

 Range of validity: 

o Afterburning: below Mach 2.5, BPR between 0 and 1 

o Non-afterburning: subsonic, BPR between 0 and 6 
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4.2.4.2.6.2 Ramjets and scramjets 

As ramjets and scramjets are not utilized on a wide range of aircraft, there are less 

information available for conceptual level sizing. The most common approach is to 

assume a thrust to weight ratio for these engines. According to Glatt [140.], a low 

volume ramjet has a thrust-to-weight ratio of about 100. Rohrschneider lists 

uninstalled thrust-to-weight ratio of 31.4 for ejector ramjets, and 29.0 for ejector 

scramjets. There are more options available, such as using DoE methods by 

Ferlemann et al. [141.], but these are more meant for conceptual sizing of the engine 

itself, rather than choosing an engine for a vehicle. 

In terms of dimensions, both ramjets and scramjets can utilize the forebody of the 

vehicle to act as an extension to the intake. Fry [142.] lists a compilation of ramjets 

and scramjets from the 1930 up to today (2011), from which the following graph is 

produced to estimate length over diameter values. The equivalent diameter can be 

calculated from the intake area, and the ratio used to size the length of the ramjet. 

As it can be seen most historical ramjets’ L/D ratio are within 10 to 15. 

 

Figure 4-40: Ramjet and scramjet L/D ratios (source of data: [142.]) 

4.2.4.2.6.3 Rockets 

Rocket engines can be sized using equations provided by Humble[131.]. He lists 

equations for both ascent and OMS type rockets, both mono- and bi-propellant for 

the latter. His eqations are listed below. F stands for vacuum thrust in Newtons. 

OMS mono-propellant: 

L [cm] 0.0075𝐹 + 2.2484 
D [cm] 0.0024𝐹 + 0.6392 

T/W −3.7405 10−10𝐹4 + 7.1685 10−7𝐹3 − 5.221 10−4𝐹2 + 0.18761𝐹 − 0.039763 
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OMS bi-propellant: 

L [cm] 0.00504𝐹 + 31.92 
D [cm] 0.00357𝐹 + 14.48 

T/W 0.0006098𝐹 + 13.44 

 

Ascent stage: 

L [cm] 3.042 10−5𝐹 + 327.7 

D [cm] 2.359 10−5𝐹 + 181.3 
T/W 25.2 log(𝐹) − 80.7 

 

Humble goes into more detailed rocket design, to size combustion chambers, tanks, 

fuel pumps, etc. It is deemed, that the overall dimensions of an engine is adequate 

for conceptual design. The detail he doesn’t go into is nozzle dimensions. For nozzle 

sizing, refer to Huzel and Huang [143.]. In their work, they present factors that can 

be applied to size rocket engines with other than conical nozzles. Their factors are 

for an conical area ratio of 36:1 (98.3% efficiency). 

Table 4-5: Liquid rocket nozzle size factors (source: [143.]) 

Nozzle Type Nozzle length Overall length Overall diameter 

Cone 1.000 1.000 1.000 

Bell 0.742 0.780 1.000 

Spike 0.414 0.510 1.050 

Expansion-
deflection 

0.414 0.510 1.025 

Reverse flow 0.249 0.210 1.300 

Horizontal flow 0.145 0.120 1.940 

 

In addition to the powerplant mass, the thrust structure mass is also added to each 

individual powerplant, based on the equation presented by Rohrschneider. 

𝑀𝑡ℎ𝑟𝑢𝑠𝑡 𝑠𝑡𝑟𝑢𝑐𝑡𝑢𝑟𝑒 = 𝐾𝑡𝐹𝑟𝑒𝑝 51 
 

Where: 

 𝑀𝑡ℎ𝑟𝑢𝑠𝑡 𝑠𝑡𝑟𝑢𝑐𝑡𝑢𝑟𝑒: Thrust structure mass for the given powerplant [lbm] 

 𝐾𝑡: Thrust structure material constant: 

o 0.0030: Aluminium thrust structure 

o 0.0024: Composite thrust structure 

 𝐹𝑟𝑒𝑝: Representative thrust of a powerplant [lbf] 

o Turbojet: Static sea level thrust 

o Ram/Scramjet: Cruise thrust 
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o Rocket: Vacuum thrust 

4.2.4.2.7 RCS group 

The RCS group mass estimation for Space Launchers uses the equations developed 

from legacy aircraft and Space Shuttle data, presented by Rohrschneider. For 

Hypersonic Transports, the equation developed by NASA MSFC 3rd generation 

launch vehicle office is used. 

𝑀𝑟𝑐𝑠,𝐿𝑎𝑢𝑛𝑐ℎ𝑒𝑟 = 𝐾𝑟𝑐𝑠𝑀𝑒𝑛𝑡𝑟𝑦𝐿 52 
Where: 

 𝑀𝑟𝑐𝑠,𝐿𝑎𝑢𝑛𝑐ℎ𝑒𝑟: RCS group mass for Space Launchers [lbm] 

 𝐾𝑟𝑐𝑠: RCS type constant: 

o 1.36E-4: Based on shuttle storable system 

o 1.51E-4: Based on advanced cryogenic system 

 𝑀𝑒𝑛𝑡𝑟𝑦: Mass of the vehicle at atmospheric entry [lbm] 

 𝐿: Total vehicle length [ft] 

𝑀𝑟𝑐𝑠,𝑇𝑟𝑎𝑛𝑠𝑝𝑜𝑟𝑡 = 1184 [((𝑀𝑑𝑟𝑦 + 𝑀𝑝𝑙 + 𝑀𝑟𝑒𝑠𝑖𝑑)/234948)
0.217

(
𝐿

205
)
0.434

] 53 

 

Where: 

 𝑀𝑟𝑐𝑠,𝐿𝑎𝑢𝑛𝑐ℎ𝑒𝑟: RCS group mass for Hypersonic Transports [lbm] 

 𝑀𝑑𝑟𝑦: Dry mass of vehicle [lbm] 

 𝑀𝑝𝑙: Mass of payload [lbm] 

 𝑀𝑟𝑒𝑠𝑖𝑖𝑑: Mass of residual propellants [lbm] 

 𝐿: Total vehicle length [ft] 

4.2.4.2.8 OMS group 

The mass of the various OMS powerplants are evaluated in the Propulsion group. 

4.2.4.2.9 Primary Power group 

The Primary Power group mass estimation uses the equations developed from 

legacy aircraft and Space Shuttle data, presented by Rohrschneider. 

𝑀𝑝𝑝 = 𝐾𝑝𝑐𝑆𝑡𝑜𝑡_𝑐𝑜𝑛𝑡 + 𝐾𝑝𝑒𝑇𝑣𝑎𝑐_𝑔𝑖𝑚𝑏 + 𝐾𝑝𝑏𝑀𝑎𝑣 54 
 

Where: 

 𝑀𝑝𝑝: Primary Power group mass [lbm] 

 𝐾𝑝𝑐: Hydraulic system constant: 

o 0.712: Standard system 

o 0.610: System with accumulators for peak loads 
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 𝑆𝑡𝑜𝑡_𝑐𝑜𝑛𝑡: Total planform area of all control surfaces [ft2] 

 𝐾𝑝𝑒: Engine gimbal power demand: 0.97E-4 

 𝑇𝑣𝑎𝑐_𝑔𝑖𝑚𝑏: Total vacuum thrust of gimballed engines [lbf] 

 𝐾𝑝𝑏: Battery power demand constant: 0.405 

 𝑀𝑎𝑣: Mass of avionics group (group 13) [lbm] 

4.2.4.2.10 Electrical Conversion & Distribution group 

The mass of the Electrical Conversion & Distribution system group is based on Dr 

Talay’s LaRC equations, presented by Rohrschneider. 

𝑀𝑒𝑐𝑑 = 0.062𝑀𝑑𝑟𝑦 55 
 

Where: 

 𝑀𝑒𝑐𝑑: Electrical Conversion & Distribution group mass [lbm] 

 𝑀𝑑𝑟𝑦: Dry mass of the vehicle [lbm] 

4.2.4.2.11 Hydraulic Systems group 

The Hydraulic Systems group mass estimation uses the equations developed from 

legacy aircraft and Space Shuttle data, presented by Rohrschneider. 

𝑀ℎ𝑦𝑑 = 𝐾ℎ𝑦𝑑𝑆𝑡𝑜𝑡_𝑐𝑜𝑛𝑡 + 𝐾𝑒𝑇𝑣𝑎𝑐_𝑔𝑖𝑚𝑏 56 
 

Where: 

 𝑀ℎ𝑦𝑑: Hydraulic System group mass [lbm] 

 𝐾ℎ𝑦𝑑: Control hydraulics system technology constant: 

o 2.10: Shuttle technology 

o 1.23: 5000 psi system 

 𝑆𝑡𝑜𝑡_𝑐𝑜𝑛𝑡: Total planform area of all control surfaces [ft2] 

 𝐾𝑒: Gimbal hydraulics system technology constant: 

o 3.00E-4: Shuttle gimbal technology 

o 1.68E-4: 5000 psi system 

 𝑇𝑣𝑎𝑐_𝑔𝑖𝑚𝑏: Gimballed engines (rockets) total thrust [lbf] 

4.2.4.2.12 Surface Control & Actuators group 

The Surface Control and Actuators group mass estimation uses the equations 

developed from legacy aircraft data, presented by Rohrschneider. 

𝑀𝑠𝑐𝑎 = 𝐾𝑓𝑐𝑓 (
𝑀𝑔𝑙𝑜𝑤

1000
)
0.581

 57 

 

Where: 
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 𝑀𝑠𝑐𝑎: Surface Control and Actuators group mass [lbm] 

 𝐾𝑓𝑐𝑓: Configuration factor: 

o 106: Airplanes with elevon control, no horizontal tail 

o 138: Airplanes with horizontal tail 

o 168: Airplanes with variable sweep wing 

 𝑀𝑔𝑙𝑜𝑤: Gross liftoff mass of vehicle [lbm] 

4.2.4.2.13 Avionics group 

The Surface Control and Actuators group mass estimation is based on the equations 

developed from legacy aircraft data, presented by Rohrschneider. 

𝑀𝑎𝑣 = 𝐾𝑎𝑣𝑀𝑑𝑟𝑦
0.125 58 

 

Where: 

 𝑀𝑎𝑣: Avionics group mass [lbm] 

 𝐾𝑎𝑣: Avionics technology constant, user input, recommendations: 

o 1350: 1978 tecnology level 

o 710: 1990 technology level 

 𝑀𝑑𝑟𝑦: Dry mass of vehicle [lbm] 

To estimate volumes, avionics equipment density, as a recommendation by 

Professor Howard Smith, can be taken as “similar to water”; around 1000 kg/m3. This 

number is consistent with recommended values from other sources, such as 0.04 

lb/in3 by Fleeman [143.]. 

4.2.4.2.14 Environmental Control and Life Support System group 

For Space Launchers, the equations were taken from Dr Talay’s LaRC, rocket based 

data. For Hypersonic Transports, mass estimating equations are from Alpha 

Technologies for airbreathing vehicles. Both equations can be found compiled by 

Rohrschneider. 

𝑀𝑒𝑐𝑙𝑠𝑠,𝐿𝑎𝑢𝑛𝑐ℎ𝑒𝑟 = 2652 + 54.1𝑁𝑐𝑟𝑒𝑤𝑁𝑑𝑎𝑦𝑠 59 
 

Where: 

 𝑀𝑒𝑐𝑙𝑠𝑠,𝐿𝑎𝑢𝑛𝑐ℎ𝑒𝑟: Environmental Control and Life Support Systems group mass 

for Space Launchers [lbm] 

 𝑁𝑐𝑟𝑒𝑤: Number of crew on board [-] 

 𝑁𝑑𝑎𝑦𝑠: Mission duration [days] 

𝑀𝑒𝑐𝑙𝑠𝑠,𝑇𝑟𝑎𝑛𝑠𝑝𝑜𝑟𝑡 = 1235 {1 + 0.27 (
𝐿

205
− 1) + 0.069 [(

𝐿

205
)
3

− 1]} 60 
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Where: 

 𝑀𝑒𝑐𝑙𝑠𝑠,𝑇𝑟𝑎𝑛𝑠𝑝𝑜𝑟𝑡: Environmental Control and Life Support Systems group mass 

for Hypersonic Transports [lbm] 

 𝐿: Total vehicle length [ft] 

4.2.4.2.15  Personnel Equipment group 

The Personnel Equipment group mass estimation uses the equations developed 

from legacy aircraft and Space Shuttle data, presented by Rohrschneider. 

𝑀𝑝𝑒 = 𝐾𝑓𝑤𝑤 + 𝐾𝑓𝑢𝑟𝑛𝑁𝑐𝑟𝑒𝑤 61 
 

Where: 

 𝑀𝑝𝑒: Personnel Equipment Group mass [lbm] 

 𝐾𝑓𝑤𝑤: Food, waste and water management system: for 1 to 4 crew (it is 

assumed that mass is multiplied by the number of crew present divided by 4, 

rounding up) 

o 0: For missions less than 24 hours 

o 353: For missions longer than 24 hours 

 𝐾𝑓𝑢𝑟𝑛: Seats and other pilot/crew related items: 167 

 𝑁𝑐𝑟𝑒𝑤: Number of crew [-] 

4.2.4.2.16  Dry Weight Margin 

Instead of a dry weight margin (recommendations in the range of 3-30%, with 

examples up to almost 60%), a Technology Reduction Factor is used, that can be 

used to adjust the mass of the items if required. Items such as fuel, payload and 

personnel are not scaled. 

4.2.4.2.17  Crew and Gear group 

The equations used are derived from airbreathing and rocket powered vehicle 

concepts, presented by Rohrschneider. 

𝑀𝑐𝑔 = 1176 + (311 + 23𝑁𝑑𝑎𝑦𝑠)𝑁𝑐𝑟𝑒𝑤 62 
Where: 

 𝑀𝑐𝑔: Crew and Gear group mass [lbm] 

 𝑁𝑑𝑎𝑦𝑠: Number of days in orbit [days] 

 𝑁𝑐𝑟𝑒𝑤: Number of crew [-] 

The volume allocated to the crew depends on the number of crew members sitting 

abreast. Based on Howe’s [3.] recommendation, a single pilot requires 0.7 m width 

while two abreast would only take 1.25 m. It is assumed that all crew are operating 

controls, thus the additional 0.2 m reduction is not employed. Based on this 
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numbers, following the same logic of “space saving”, the width [m] required to 

position N crew: 

𝑊 = 0.7𝑁𝑐𝑟𝑒𝑤 − 0.15(𝑁𝑐𝑟𝑒𝑤 − 1) 63 
 

Note the equation is not valid for unmanned vehicles, in which case crew 

compartment is not necessary anyways. The length of the crew compartment 

(assumed for 1 row of crew) is 1.3 m, while the height recommendation is 1.1 m. 

Based on these recommendation, the crew compartment, approximated as a box 

shape can be defined solely based on the number of crew, and the number of people 

abreast. 

As a reference the Space Shuttle has a habitable volume of 71.5m3 spread along 3 

decks including life support systems. 

4.2.4.2.18  Payload Provisions group 

It is assumed that all related mass is included in the payload mass (attachments, 

fluids, etc.) and thus no additional provision is made during mass estimation. 

4.2.4.2.19  Cargo (up and down) group 

See Miscellaneous group for treatment of cargo. 

4.2.4.2.20  Residual propellants group 

No additional provision is made for residual propellants, the Performance module is 

managing the fuel usage and looks after residual and reserve propellants. 

4.2.4.2.21 OMS/RCS Reserve Propellants group 

No additional provision is made for reserve propellants, the Performance module is 

managing the fuel usage and looks after residual and reserve propellants. 

4.2.4.2.22  RCS Entry Propellants group 

No additional provision is made for entry propellants, the Performance module is 

managing the fuel usage and looks after residual and reserve propellants. 

4.2.4.2.23  OMS/RCS On-Orbit Propellants group 

No additional provision is made for on-orbit propellants, the Performance module is 

managing the fuel usage and looks after the amount of ΔV that can be achieved by 

the propellants. 

4.2.4.2.24  Cargo Discharged group 

See Miscellaneous group for treatment of cargo. 

4.2.4.2.25  Ascent Reserve Propellants group 

No additional provision is made for on-orbit propellants, the Performance module is 

managing the fuel usage and looks after the amount of the propellants. 
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4.2.4.2.26  Inflight Losses & Vents group 

Losses and vents are not considered in the mass breakdown. 

4.2.4.2.27  Ascent propellants group 

The fuel fraction, and the distribution of propellants available for the various 

propulsion systems are specified in the Propulsion Specification module. Each 

propellant mass and volume is taken into account, and the masses of individual 

tanks are generated based on the fluid (fuel or oxidizer) types. The constants are 

based on the Space Shuttle tank mass and data presented by Rohrschneider. 

𝑀𝑡𝑎𝑛𝑘,𝑖 = (
𝑀𝑓𝑙𝑢𝑖𝑑,𝑖

𝜌𝑓𝑙𝑢𝑖𝑑,𝑖
)

𝐶𝑡𝑎𝑛𝑘

𝐾𝑡𝑎𝑛𝑘 64 

 

Where: 

 𝑀𝑡𝑎𝑛𝑘,𝑖: Tank mass containing the i. fluid (fuel or oxidizer) [kg] 

 𝑀𝑓𝑙𝑢𝑖𝑑,𝑖: Mass of the i. fluid [kg] 

 𝜌𝑓𝑙𝑢𝑖𝑑,𝑖: Density of the i. fluid [kg/m3] 

 𝑐𝑡𝑎𝑛𝑘: Tank power exponent: 

o 1.1 for Cryogenic tanks (not LH2) 

o 1 for everything else 

 𝐾𝑡𝑎𝑛𝑘: Tank constant: 

o 17.167: Cryogenic tanks (not LH2) 

o 16.843: LH2 tanks 

o 13.888: Non-cryogenic tanks 

4.2.4.2.28  Startup Losses group 

Startup losses are not considered in the mass breakdown. 

4.2.4.2.29 Miscellaneous group 

All the components that are not included in Rohrschneider’s mass breakdown 

compilation are listed here. The items still form individual MassComponents in 

GENUS. 

4.2.4.2.29.1  Payload and passengers 

Payload is divided into 3 categories: 

 Payload: which is carried during the whole mission duration. 

 Payload to drop: which can be removed from the vehicle at one point of the 

mission, for example, satellites to be deployed or weapons in the case of 

military vehicles 

 Payload to pick: which can be retrieved during the mission, for example 

science experiments or small satellites from space. 
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The payload bay is sized to accommodate the worst combination of the payloads. As 

a reference the Space Shuttle’s cargo bay has a cylindrical shape, 18.3 m long and 

4.57 m in diameter [145.]. 

When carrying passengers, the payload mass has to contain the necessary life 

support, equipment, and additional items for the mission duration. As a 

recommendation, conventional aircraft design assume 16 kg personal luggage per 

passenger. The density of this luggage is usually taken as 160 kg/m3, which 

corresponds to Howe’s [3.] freight density estimation of 130-160 kg/m3. The volume 

available for a single passenger has to be set by the user, Table 4-6 lists usual 

average values for conventional aircraft configurations. 

Table 4-6: Average volume per passenger for selected aircraft 

Aircraft B757-200 B707-320-C A310-300 

Volume/PAX [m3] 0.21 0.23 0.29 

 

Note that the crew are never counted in the number of passengers. 

4.2.4.2.29.2 Crew cabin 

The Crew cabin is sized based on equations derived from the Space Shuttle and 

legacy aircraft data, presented by Rohrschneider as part of the “Body” mass group.  

𝑀𝑐𝑎𝑏𝑖𝑛 = 𝐾𝑐𝑁𝑐𝑟𝑒𝑤
0.5 65 

 

Where: 

 𝑀𝑐𝑎𝑏𝑖𝑛: Crew cabin mass [lb] 

 𝐾𝑐: Crew cabin constant: 

o 2043: Full windshield aluminium construction 

o 1293: Aluminium construction with no windshield 

o 1740: Full windshield composite construction 

o 1140: Composite construction with no windshield 

 𝑁𝑐𝑟𝑒𝑤: Number of crew [-] 

4.2.4.3 Mass data comparison 

As a means of validating the mass breakdown methodology, an example set of mass 

breakdown data was generated in GENUS and was compared to available NASA 

data developed for earth-to-orbit transportation systems [146.]. The data is shown in 

Table 4-7. What can be seen, is that although there are differences in the way the 

aircraft mass is broken down into components, the total sum of the components are 

remarkably similar, and close to the Space Shuttle’s roughly 100 ton all up mass. Of 

course, one has to be aware, that most of the methods that are used to generate 

mass breakdown data for launchers and high speed transports are actually derived 

from the Space Shuttle data, thus good prediction is not surprising. 
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Table 4-7: GENUS and NASA mass breakdown method comparison 

 

  

NASA TM78661 Mass component Mass [kg] GENUS Mass component Mass [kg]

Wing 7102 Wing.0 11889

Tail 1321 VTail.0 3169

Body.0 13549

LH2.tank.internal 186

LO2.tank.internal 67

UDMH.tank.internal 61

N2O4.tank.internal 41

HYP_Rocket.0.thruststructure 1927

HYP_Rocket.1.thruststructure 16

Crew cabin 2270

Body 19033 Total 18118

TPS 11058 TPS 13656

Nose landing gear 594

Main landing gear 1783

Landing 3647 Total 2377

Propulsion 12791 HYP_Rocket.0.mass 8171

RCS 1276

OMS 1350 HYP_Rocket.1.mass 1797

Total 15417 Total 9968

Prime power 1374 Primary Power 660

Electrical conversion and distribution 3316 Electrical conversion and distribution 5397

Hydraulics 805 Hydraulic Systems 109

Surface controls 1186 Surface Control and Actuators 1102

Avionics 2727 Avionics 1473

Personnel provisions 463 Crew equipment 615

Environmental control systems 2390 Environmental control and life support systems 1939

Margin 348 Margin 0

Personnel 1197 Crew and gear 1693

Payload accomodation 729 Payload bay 0

Cargo returned 14515 Payload to pick 15000

Total 15244 Total 15000

Residual fluids 704 LH2 783

OMS+RCS reserves 35 LO2 3917

RCS entry propellant 376 UDMH 3468

ACPS consumables 6598 N2O4 4266

Ascent reserves 2020

Inflight losses 300

Ascent propellant 2361

Total 12394 Total 12435

Cargo discharged 14969 Payload to drop 15000

MTOM 98747 MTOM 99598

ZFM 86353 ZFM 87164

OEM 83778 OEM 84598

Dry Mass 70187 Dry Mass 70471
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4.2.5 Aerothermodynamics 

4.2.5.1 Introduction 

One of the greatest concerns with a hypersonic vehicle is the aerodynamic 

performance. Aerodynamics in aircraft design refers to the prediction of forces and 

moments acting on the vehicle at different points of its flight envelope. These forces 

and moments are usually non-dimensionalized into force and moment coefficients to 

use similarity laws during the estimation process. Due to the vast range of speeds 

the operational envelope covers, the designs have to fulfil several, often 

contradictory requirements. The main focus however is the reduction of drag during 

the ascent phase (and cruise for transports). Figure 4-41 shows a comparison 

between various aerospace vehicles’ maximum flight speed. 

 

Figure 4-41: Typical maximum flight speeds for various vehicles 

The flight envelope of a hypersonic vehicle can be divided into flight regimes based 

on the Mach number. These regimes are shown in Table 4-8. Note that the numbers 

are guidelines, the actual limit depends on the configuration, atmospheric properties, 

etc. 

Table 4-8: Aircraft flight speed regimes 

Regime name Lower limit M [-] Higher limit M[-] 

Subsonic 0 0.8 – 0.9 

Transonic 0.8 – 0.9 1.2 – 1.3 

Supersonic 1.2 – 1.3 5 

Hypersonic 5 No upper limit 

 

The subsonic region is where most of today’s aircraft operate. This characteristic of 

this region is approximately linear behaviour and negligible compression effects. This 

area of flight is well understood and researched today. 
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The transonic region starts where compressibility starts to have noticeable effects on 

the flow. It is characterized by large and sudden changes in coefficients, especially 

drag, and non-linearity. Research into transonic flows is still ongoing, and some 

phenomena are still not fully understood. Aircraft generally avoid flying in the 

transonic region, when accelerating it is crossed as quickly as possible. Some 

airliner concepts are pushing into the low transonic regions for faster flights. 

The supersonic region starts where M > 1 everywhere in the flow field surrounding 

the vehicle. The flow is characterized by non-smooth streamlines (step changes at 

shockwaves), and the fact that the flowfield in front of the first shockwaves, by 

definition, are not affected by the downstream conditions. There are linearized 

supersonic theories, providing good approximation, although the flow field itself has 

non-linear behaviour. 

The hypersonic flow regime, the main focus of this work is discussed in more detail 

in chapter 4.2.5.2. For more information about the other flow regimes, consult a 

relevant textbook. 

4.2.5.2 Hypersonic flow 

It is important to understand the hypersonic flow regime, in order to know the 

implication it has on aerodynamic design. As it was mentioned before, the boundary 

of hypersonic flight can be defined when the following effects become significant: 

 Shock-boundary interaction  

 Entropy layer 

 Gas dissociation, ionization 

 Finite speed reactions 

 Low-density effects (rarefied flow) 

 Mach number independence 

 Ramjets stop providing thrust 

As a general consensus, this boundary is usually taken as Mach 5. It is also worth 

noting that hypersonic flow has non-linear behaviour. In the following, the above 

effects will be described in more detail. For further information, refer to Anderson 

[147.] for his excellent discussion of high speed flows. 

Shock-boundary interactions is due to the increasingly stronger shockwaves as 

Mach numbers are increasing. At higher upstream Mach numbers, the density 

increase over the shockwave becomes higher, and as such, the flow area 

downstream gets increasingly thinner and thinner. As the layer gets thinner there will 

be significant interaction between the viscous boundary layer and the shock wave at 

low Reynolds numbers. Also take note that due to viscous interaction in the flowfield, 

the hypersonic boundary layer grows faster and thicker than in subsonic case. At 

very high Reynolds numbers (where viscous effects are practically negligible) this 
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effect is not significant, and the inviscid solution is the Newtonian flow model (to be 

discussed later in the chapter).  

Entropy layers form when the bow shock is detached from the surface. As the 

entropy increase past a shockwave is the function of the strength of the shockwave, 

the normal portion of the bow shock generates more entropy increase than those at 

an angle to the upstream flow. As a result a flow area with high entropy gradients is 

formed. This layer affects the boundary layer and has strong vorticity. Entropy layers 

present difficulties in flow prediction as the accurate boundary conditions of the 

layers are very complicated. 

Real gas effects: dissociation, ionization are results of the high temperatures 

resulting from the shockwave and the viscous interaction. As temperature increases 

vibrational modes of gas molecules (provided they are at least 2 atoms molecules) 

become excited. This in effect increases the degrees of freedom among which 

energy is distributed, thus effectively increases the specific heat of the gas. As a 

result, temperatures in the hypersonic flow field are lower than those predicted by 

the calorically perfect gas equations.  

Dissociation is the breaking-up of molecules due to the high energy states. From the 

main constituents of air, oxygen molecules start to break up around 2500 K and by 

4000 K the process is finished. Nitrogen dissociation starts roughly at 4000 K and 

finishes by 9000 K. Above 9000 K gases ionize as due to the high energy state the 

electrons brake away from the atoms, forming plasma. Dissociated and ionized gas 

are both chemically reacting. As both ionization and dissociation require 

considerable amount of energy, they both effectively increase the specific heat of the 

gas. Ionized gas can be influenced by electro-magnetic forces. 

As the speed of the flow increases, the reaction time of the gas molecules become 

comparable to the time the flow spends passing the object, as a result reaction 

speeds cannot be assumed to be infinite anymore. For each constituent of the gas in 

question, reaction mechanisms and their corresponding rates can be defined. Then 

the equations can be solved simultaneously to acquire the concentrations at various 

time steps. Non-equilibrium flow solutions are computationally demanding, and are 

highly dependent on experimentally derived reaction rates. 

Rarefied flow occurs when pressure drops low, and the mean free path of the gas 

molecules (the distance they move between colliding with another molecule) become 

comparable to the flow characteristic length. This is usually at near vacuum 

pressures. Free molecular flow is the extreme case, when the mean free path is 

much larger than the characteristic length, in which case there is practically no 

interaction between the molecules. This effect is not due to high speed, rather high 

altitudes (above about 200,000 ft) but it is worth mentioning for completeness. 

Mach number independence states that the non-dimensional flow properties behind 

the bow shock waves converge to a value as Mach number tends to infinity. Looking 
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at the pressures before and after the shock-wave Figure 4-42 shows the Mach 

independence principle. P2 is the pressure immediately behind the shock wave, and 

𝑝2 𝑛𝑜𝑛𝑑𝑖𝑚𝑒𝑛𝑠𝑖𝑜𝑛𝑎𝑙 =
𝑝2

𝑝𝑖𝑛𝑓𝑖𝑛𝑖𝑡𝑦𝛾𝑀𝑖𝑛𝑓𝑖𝑛𝑖𝑡𝑦
2 . 

 

Figure 4-42: Post-shock pressure properties 

The practical use of Mach number independence is the fact, that the high speed flow 

solutions are independent of Mach numbers (such as the Newtonian theory). 

The final description of hypersonic speed is related to engine performance. 

Occasionally the lower boundary of the hypersonic flow regime is described as the 

speed where subsonic combustion is no longer possible and thus ramjets stop 

generating thrust. This is because the strength of the intake shockwaves would 

become so high, that the temperature increase behind them would prohibit adding 

any more heat, and thus fuel to the flow. And without heat addition, the ramjets 

cannot function. Scramjets solve this problem by not slowing down the flow to 

subsonic speeds, thus it is still possible to add energy to the flow without exceeding 

the material limitations. Proper mixing of the air flow and fuel and efficient 

combustions is more complicated however, and is one of the key issues of 

scramjets. 

4.2.5.3 Aerothermodynamics in conceptual design 

For a conceptual designer there are many aerodynamics estimation methods 

available. These can range from simple empirical equations to complex flow 

simulations. Whatever the chosen method, it is important to generate a set of 

coefficients. As a bare minimum, the following coefficients are required: 
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 CD at 3 angles of attack 

 CM at 2 angles of attack 

The minimum requirements ensure, that performance and longitudinal stability can 

be evaluated for subsonic flight conditions, assuming constant lift-curve slope, 

quadratic drag profile, and linear change in pitching moment coefficient.  

These assumptions are not valid for hypersonic vehicles. First of all, the coefficients 

change as a function of speed, so it is required that they are estimated at various 

Mach numbers. Second, apart from linearized subsonic theory, all other flow 

conditions result in non-linear relationship between angles-of-attack and the 

coefficients. 

A conventional aircraft can be characterized by its lift-over-drag value, also known as 

L/D, glide ratio, glide number or aerodynamic efficiency. The higher this ratio is the 

less thrust or shallower glide angle is required to maintain flight. Typical subsonic 

L/D values are around 16-17 for airliners, and can be as high as 70 for high 

performance gliders. 

Unlike conventional aircraft, where the lift has to balance the weight to sustain flight, 

a hypersonic vehicle can rely solely on thrust, provided the engines are powerful 

enough. Thus the importance of aerodynamic lift depends on the actual vehicle 

configuration. Non-lifting vehicles would only have to generate limited amounts of lift 

to reach the cross-range requirements, and to provide safe launch abort capabilities. 

High hypersonic lift, however results in quicker deceleration at higher altitudes, which 

reduces the peak heat load on the vehicle. In the case of a horizontal take-off 

vehicle, it is essential to provide large amounts of lift, as it is required during the 

take-off and climb phase. Utilising aerodynamic lift reduces the thrust required 

compared to lifting the vehicle vertically, but this mainly depends on the lift to drag 

ratio of the vehicle. Refer to Table 4-9 for typical L/D ratios. 

The lift characteristics of hypersonic aircraft are fundamentally different from the 

subsonic behaviour. Hypersonic aerodynamics can usually be approximated with the 

Newtonian flow theory. This theory assumes negligible viscous interaction and high 

speeds. The theory models the flow as many small individual particles, impacting a 

surface, losing their normal, but retaining the tangential speed components. 

Investigating the behaviour of a flat plate shows remarkable similarity with the 

aerofoils used, and thus understanding it gives enough insight into the behaviour of 

hypersonic lift and drag. 

Using the Newtonian sine-squared law, the lift and drag coefficient of a flat plate can 

be derived as: 

𝑐𝐿 = 2 ∙ 𝑠𝑖𝑛2𝛼 ∙ 𝑐𝑜𝑠𝛼 66 
𝑐𝐷 = 2 ∙ 𝑠𝑖𝑛3𝛼 67 
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Neglecting friction, it can be seen in Figure 4-43, that the theoretical lift curve for a 

flat plate at hypersonic speeds follows a non-linear behaviour, reaching its maximum 

at 54.7°. Unlike subsonic flows, where the peak is followed by a stall region, and the 

loss of lift is due to separation of the flow, here it is due to the behaviour of the 

trigonometric functions.  

 

Figure 4-43: Lift and drag characteristics of flat plate in hypersonic flow (source: [148.]) 

Those aircraft, which are utilising lift for ascent fall into either the winged or lifting 

body category. The winged configuration offers a higher lift to drag ratio at subsonic 

speeds, but increases structural mass and drag compared to the lifting body. At 

hypersonic speeds wings are disadvantageous, as long thin surfaces are not efficient 

structures, thus they have to be heavy to survive re-entry loads. The table below 

shows some winged and lifting body vehicles with their respective L/D ratios. 

According to NASA investigations [149.], the theoretical maximum hypersonic lift-to-

drag ratio (with a skin-friction coefficient of 10-3) for a conventional low-winged 

configuration, such as the Space Shuttle, is 5.29. However, a flat-top, high wing type 

configuration, X-43 for example, could reach up to 6.65 L/D at Mach 5 [150.]. 

Although, due to aerodynamic heating issues, the low wing vehicles, such as the X-

20 Dyna-soar, were chosen as the first designs to develop [151.].  
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Figure 4-44: Low and high wing hypersonic vehicles: Space Shuttle (left) X-43 (right) (souce: [152.]) 

Table 4-9: Lift to drag ratio comparison (source: [153.], [154.], [155.], [156.], [157.]) 

Vehicle 
Lift to drag 
subsonic 

Lift to drag 
supersonic 

Lift to drag 
hypersonic 

Space Shuttle 4.5 2 1.5 

Buran 5.0 ND 1.7 

X-15 4 2.5 2.5 

X-20 4.3 ND 1.5-1.9 

Common Aero 
Vehicle (X-41) 

ND 2.5 3.5 

SpaceShipTwo 7 0.5 NA 

 

A special class of vehicles, waveriders, utilise the high static pressure behind their 

own shockwaves to generate extra lift to improve its lift to drag ratio. Up to day, only 

the Boeing X-51 has actually demonstrated flight with this shape. The drawback of 

the waverider is that it can only achieve the lift increase at a specific Mach number 

and altitude combination, to which the geometry was optimised. There is no 

drawback to a waverider design compared to a conventional lifting body vehicle. The 

shock wave when positioned correctly could also provide ram compression for 

airbreathing powerplants. Figure 4-43 shows maximum achievable L/D values for 

various vehicles. It demonstrates the concept of the hypersonic L/D barrier, which 

limits performance of these vehicles. Note the increased L/D of waveriders. 
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Figure 4-45: Maximum L/D for hypersonic vehicles and the L/D barrier (source: [158.]) 

 

Regarding hypersonic drag, it is important to understand that unlike airliners, where 

there is a significant component of lift induced drag, the drag of a spacecraft 

comprises mostly of base and wave drag, and so it depends more on the volume 

and area of the vehicle, than the mass. This is important, as it means that the 

payload carried by the craft must have strict volume limits in addition to mass limits. 

Furthermore, this means that some fuel types, especially liquid hydrogen and other 

low energy to mass ratio fuels could be disadvantageous despite their high specific 

impulse and good emission characteristics. 

As one of the main parameters of a launcher craft is the total change in speed or ∆V 

it can achieve by burning all the fuel on board, the aerodynamic drag is often 

represented as a ∆V increment in addition to that required to reach a specific orbit. 

The atmospheric drag is often combined with the gravity drag to give a total ∆V 

increase. Gravity drag results from the fact that in addition to accelerating the 

spacecraft, we also have to resist the gravitational pull of Earth. As such gaining 

altitude and reaching the orbital speed as soon as possible is a preferred way to 

reduce these two drag components. From this respect a vertical launch vehicle 

seems more efficient than a horizontal take-off, because the flight path angle and 

acceleration is high, to leave the atmosphere in the shortest possible time, thus 

minimising gravity drag. This shows that the horizontal take-off configuration is only 

efficient if the lift to drag ratio is sufficiently high, to compensate for the additional 
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time spent during the climb phase, and as such the increased gravity and 

aerodynamic drag losses compared to a vertical take-off vehicles. For a typical 

rocket launched to LEO, the atmospheric and gravity drag adds up to about 1.5-2 

km/s ∆V increment, compared to the 7.8 km/s baseline as calculated from the 

Tsiolkovsky rocket equation. It has also to be noted, that the aerodynamic drag 

losses account for up to around 10% of the total ∆V increment, and as such the 

gravitational losses are the dominant. [159.] 

In the case of a hypersonic transport, the issues with aerodynamic and gravity drag 

are not significantly different from the launcher vehicle, as a transport would also 

have to reach high altitudes to enable the hypersonic cruise. 

To compare aerodynamic lift dependent and rocket type ascent, and decide which 

one is “better”, is not simple as there are many factors that affect the results, such as 

L/D ratios, different propulsion systems performance, maintenance and cost 

considerations, etc. 

Another, slightly different characteristic is used for space launchers, called the 

ballistic coefficient. As launchers generally don’t rely on aerodynamic lift, their drag is 

compared to their mass instead. Ballistic coefficient is defined as: 

𝐵𝐶 = 
𝑀

𝐶𝐷𝑆𝑅𝑒𝑓
 68 

 

The ballistic coefficient essentially shows how much the vehicle is affected by 

aerodynamic drag. A vehicle with high mass and low drag would have high ballistic 

coefficient. Typical values for spacecraft are in the order of 10-100 kg/m2. For ICBM 

according to RAND [160.] BC is between 1460-14600 kg/m2 (300-3000 lbm/ft2) at re-

entry conditions. According to Akin [161.], traditional re-entry shapes such as the 

Apollo capsule has a BC of between 250 and 500 kg/m2 (350 kg/m2 in the case of 

Apollo). His paper investigates novel, ultra-low BC re-entry shapes, as low as 15 

kg/m2. 

One more important factor relates to the heat generated in the flow, and the amount 

what is transferred into the vehicle. Due to the hypersonic effects described earlier, 

exact calculation of heat fluxes for conceptual design is not possible due to the 

amount of calculations required. Thus in this study a simpler method is used. 

The heat rate introduced to the flow can be expressed with Equation 69: 

�̇�𝑓𝑙𝑜𝑤 =
1

2
𝜌𝑉3𝐶𝐷𝑆𝑟𝑒𝑓 69 

 

The difficult part, as it was mentioned, is the next step to estimate what ratio of this 

heat is actually transferred to the vehicle. In this study, the concept of Energy 
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Conversion Factor will be used. Hammond [12.] presents guideline values for ECF 

as a function of shape and altitude. This relationship is shown in Figure 4-46. 

  

 

Figure 4-46: Energy Conversion Factor for various shapes (source: [12.]) 

Based on the ECF relationship, and an effective bluntness of the configuration ECF 

can be estimated, and the heat flux into the vehicle calculated during flight or re-

entry based on the following equation: 

�̇�𝑣𝑒ℎ𝑖𝑐𝑙𝑒 = �̇�𝑓𝑙𝑜𝑤𝐸𝐶 70 
 

Regarding the local heat flows, the bluntness of a body also has significantly effects 

on leading edge/nose heating values. As a rule of thumb, the heat flow into the 

leading edge can be correlated to the radius by: 

�̇�𝐿𝐸/𝑁𝑜𝑠𝑒 ∝
1

√𝑅𝐿𝐸/𝑁𝑜𝑠𝑒

 71 

 

In this study an approximate method is used to estimate the effective bluntness of 

the vehicle, and from that value the ECF at every altitude. The effective bluntness of 

the vehicle is estimated based on the following equation: 

𝐵𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 =
𝑉𝑇𝑜𝑡𝑎𝑙 𝑣𝑒ℎ𝑖𝑐𝑙𝑒

𝑆𝑇𝑜𝑡𝑎𝑙 𝑣𝑒ℎ𝑖𝑐𝑙𝑒

(4𝜋)1.5

4
3𝜋

 72 
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Where V is the total volume and S is the total surface area of the vehicle in question. 

The equation compares the volume to area (to the power of 1.5) ratio of the actual 

vehicle to the theoretically achievable maximum volume-to-area ratio, which is the 

sphere’s. Thus the effective bluntness provides an approximate measure of the 

slenderness of the vehicle between 1 (sphere, most blunt) and 0. The effective 

bluntness for a cylinder is plotted in Figure 4-47. It can be seen, that the maximum 

bluntness is at L/D = 1, and it doesn’t reach the sphere’s theoretical 1. 

 

Figure 4-47: Theoretical effective bluntness of cylinder vs L/D ratio 

Using the effective bluntness, the ECF is approximated using the following equation, 

which is a fairly crude linear approximation of the trend observed in Figure 4-46. If 

more advanced aero-heating methodology is available in the future, which is 

appropriate to apply at conceptual level, and then this methodology should be 

replaced with a more detailed prediction method. 

 

𝐸𝐶𝐹 = 0.5 − 0.5 
122000 − 𝐴𝑙𝑡

122000
𝐵𝑒𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 
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In order to survive the generated heat loads, the vehicle must use some form of 

thermal protection system. The next chapter discusses the different TPS options 

used on hypersonic vehicles. 

4.2.5.4 Thermal protection systems 

Although the structure of a hypersonic vehicle is not necessarily subject to the 

extreme g loads, as in the case of a fighter aircraft, it is still a very complex design. 

There is intensive heat load generated during flight, both for Transports and 

Launchers. The main difference is in the distribution and peak heat flux. The heat 
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generated is proportional to the atmospheric density and to the third power of 

velocity. As it was shown, this heat is generated in the air molecules, and only a 

fraction of it reaches the vehicle: from a few percentage points up to about 50%. 

Transports generate constant, but fairly low (compared to Launchers) heat flux 

during their relatively long hypersonic cruise phase, due to their sleek shapes and 

sharp geometries. The shockwave is ideally still attached to the vehicle to reduce 

drag, and for a waverider also to provide lift. On the contrary, during the atmospheric 

re-entry phase, launchers experience brief but very intense heat loads, thus the 

common designs incorporate relatively blunt features to detach the shockwave from 

the structure, effectively using it as a shield to, ideally, prevent the formation high 

enthalpy turbulent flow near the surface, which would pass an extreme amount of 

heat into the structure through convection. 

The main heat transfer mechanism to the vehicles is convection. For launchers there 

is another primary mechanism due to catalytic reaction on the vehicle surface, which 

can account for up to 40% of stagnation heat loads. In addition to this, depending on 

the atmosphere, radiation from the superheated plasma surrounding the aircraft 

could also transfer significant amount of heat into the vehicles. This is typically an 

issue at high entry speeds (10km/s and above) or in extra-terrestrial atmospheres, 

such as Mars or Venus (on the other hand, on Jupiter radiation heat loads are less 

significant). Transports experience different flow conditions. They normally operate 

at lower altitudes (30-40 km), thus at higher Reynolds numbers and turbulent flow 

conditions, which significantly increase the convective heat transfer coefficient. 

However, take note that their speed, and thus air temperature, is lower than for a 

launcher, thus overall heat flux is smaller. 

Due to these high heat loads many commonly used aerospace materials might not 

be available for the designers, unless they are combined with Thermal Protection 

Systems (TPS). The TPS design requires the designers to conduct complicated 

aero-thermo-elastic simulations, also accounting for chemistry, depending on the 

type of TPS.  

4.2.5.4.1 Types of TPS 

A hypersonic vehicle’s structure from a thermal protection point of view can be the 

following: 

 Hot structure: there is no separate TPS, rather the metallic airframe (usually 

manufactured from exotic alloys, usually Nickel based superalloys) is capable 

of withstanding loads at elevated temperatures. A typical example is the SR-

71 Blackbird. 

 Cold structure: An external TPS covers the internal load carrying airframe, 

which in return can be made from more conventional materials. Two main 

types exist: 
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o Active cooled: a coolant flow under the thermal protective outer skin 

of the vehicle is responsible for absorbing heat, and thus maintaining 

temperature at acceptable levels. The most commonly used heat sink 

is cryogenic fuel. 

o Ablative: the outer skin of the vehicle thermally degrades under high 

heat flux loads. This decomposition frees gases which act as a thin 

insulation layer on the surface. Also, due to this ablation, the upper 

layers of the TPS material becomes porous, further improving 

insulation capability. Their drawback is limited (short) lifespan, and the 

need for meticulous and expensive inspection and maintenance 

procedures. Typical example is the Apollo heat shield. 

Normally a hypersonic vehicle utilizes a combination of different TPS materials. The 

Space Shuttle’s cover for example used 6 different materials, which all had different 

thermal properties. Figure 4-48 shows the various TPS installed at different areas of 

the Space Shuttle. 

 

Figure 4-48: Space Shuttle cover materials (source: [162.]) 
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4.2.5.4.2 TPS Materials 

The main types of materials used are metal alloys, composites and ceramics. There 

are also non-load carrying TPS used in the form of flexible blankets. The current and 

most promising future TPS materials are shown in Table 4-10. 

Table 4-10: Thermal Protection System material properties (*Based on Space Shuttle) 

Name 
Maximum 

temperature [°C] 
Mass 

Ultra High Tempreature Ceramics 

Hafnium / Zirconium Diboride (SHARP) 
1200-1600 [163.] 

[164.] 
10500 / 6085 kg/m3 

[165.] 

HRSI / LRSI (High/Low Temperature 
Reusable Surface Insulation) 

1300/ 650 [244.] *9.2 / 4 kg/m2 

Composites 

Reinforced carbon-carbon composites 1500 [244.] *44.7 kg/m2 

TUFROC (Toughened Uni-piece 
Fibrous Reinforced Oxidation-resistant 

Composite) 
1700 [245.] 400 kg/m3 

Metallic TPS 

γ-TiAl 900 [163.] 3800 kg/m3 [166.] 

Ni based ODS (oxide dispersion 
strengthened alloys) 

1200  [244.] 7500-8300 kg/m3 [167.] 

Inconel, typical properties 1400 8410 kg/m3 

Flexible blankets 

SPFI (Surface Protected Felt Insulation) 1200 [163.] ND 

FRSI (Flexible Reusable Surface 
Insulation) 

400 [244.] *1.6 kg/m2 

 

As a comparison, most of the materials used for current aircraft cannot normally 

exceed 400 K with active cooling, 367K being the usual limit for conventional 

aluminium alloys. Hot structures on high speed vehicles are usually limited to about 

800K, while insulated structures can have surfaces temperatures up to 1200 K. 

As adequate thermal protection is essential for hypersonic vehicles, all aspects of it 

must be carefully considered. The tragedy of the Space Shuttle Columbia shows that 

even limited damage to the TPS could lead to disasters [168.]. Ceramic TPS 

materials tend to be fairly brittle, even small objects could cause significant damage, 

especially at the high speeds that the vehicles are travelling at, so careful inspection 

is a must before and after launch to evaluate their integrity. Furthermore, many TPS 

materials, such as the insulation blankets and tiles of the Space Shuttle, are 

hygroscopic and thus require continuous effort to waterproof them. 

Heat not only has to be absorbed by the vehicle, but also transferred away. For a 

transport some of the heat is absorbed by the fuel and then removed through the 

propulsion system. The other mechanism, which is especially important for a Space 

Launcher, is radiation. All bodies radiate (and absorb) heat, and the amount of 

radiation is proportional to the fourth power of body temperature and the surface 
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emissivity. Emissivity depends on the surface (material, finish, and colour) the Space 

Shuttle has an average ε of 0.8 [12.]. Thus based on the input heat flux and the 

emissivity, the surface temperature of the vehicle is converging towards an 

equilibrium steady state value. This equilibrium is likely to be reached for a 

Transport, for its long duration flight, but might not be reached during a re-entry, it 

depends mainly on the vehicle and the re-entry conditions. Some designs actually 

rely on large heat sink masses to absorb all the heat of re-entry, without reaching 

equilibrium. This approach was used on the initial Mercury spacecraft, however it is a 

heavy solution. 

4.2.5.4.3 Special thermal protection methods 

Thermal protection of vehicles can be enhanced by special design features. These 

can be relatively simple, such as the blunt nose cone discovered by von Kármán, 

which enables the front shockwave to detach and absorb a fraction of the flow’s 

energy in the process and redirect the flow. 

A recent development is the feathered entry used by the SpaceShipOne family of 

vehicles. By changing the tail configuration the vehicle greatly increases its drag, 

enabling it to slow down more at higher altitudes, where the air is less dense, thus 

generating lower heat loads in the lower atmosphere. The only issue of this method 

is the low entry speed of the SpaceShipOne, which is nowhere near the velocity of 

an object returning from orbit (Mach 3 as compared to the Mach 25 of the Space 

Shuttle).  

A recent result of NASA developments is the Hypersonic Inflatable Aerodynamic 

Decelerator (HIAD). Being part of the NASA Game Changing Technology 

Development Programme, it is aimed to develop a lightweight, inflatable structure 

capable of absorbing the heat loads present at atmospheric re-entry. It is not 

exclusively intended for Earth, but for any planet bearing an atmosphere. It is 

manufactured from Nextel, Pyrogel and Kapton, and, in theory, is usable up to 

1260°C [169.]. NASA completed a successful test launch of the HIAD on the 23rd 

July 2012. 

As it was mentioned, active cooling of a vehicle relies on some form of heat sink to 

absorb the generated heat loads. The usual solution is to use cryogenic fuel, which 

heats up in the process. The heat capacity of the fuel might not be high enough, and 

thus would require very high, maybe even unsustainable, flow rates especially for 

low density fuels such as hydrogen. To counter this problem, the concept of 

reformed fuels were developed; essentially part of the heat absorbed fuels an 

endothermic reaction inside the fuel, which would “reform” it, thus absorbing 

significantly more energy than just simply relying on its heat capacity. The concept 

was originally proposed for the Russian AJAX vehicle. According to a Joint stock 

company report [170.], steam reforming hydrocarbon fuel can absorb 3.3 MJ/kg as 

“physical cooling resource”, while the “chemical cooling resource”, the heat of the 

endothermic reaction is on the order of 6.6 MJ/kg. 
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4.2.5.5 Aerodynamic performance prediction 

The accurate prediction of aerodynamic coefficients is among the most important 

and most challenging aspects of hypersonic conceptual design. The key to success 

is to choose methods, which have acceptable accuracy and only require modest 

amount of computational power. These and the other requirements towards the 

aerodynamics prediction method are listed below: 

 Acceptable accuracy: preferably no more than 15% deviation from flight 

measured data. Sometimes this can be problematic to evaluate, as very few 

of these vehicles actually went on their mission, most of them only made it to 

the wind tunnel stage at best. Bertin [171.] points out that only a fraction of the 

hypersonic flight regime could be accurately simulated in wind tunnels, all the 

rest is extrapolation of the measured data, which is naturally prone to 

inaccuracies. 

 Low computational cost: the program is expected to evaluate hundreds of 

thousands of configurations in reasonably short time (hours) on average 

performance personal computers. 

 Ability to work with a wide speed regime, from take-off to re-entry speeds 

 Has to work with wide range of vehicle geometry, preferably arbitrary 

configurations. 

 Has to be accessible, and readily available, without extensive coding or cost 

involved. 

To fulfil these requirements, in the GENUS design environment, aerodynamic 

coefficients are estimated with a combination of methods. The flight envelope is 

divided into flown regimes; these are subsonic, transonic, and super/hypersonic. 

Subsonic coefficients are estimated using an adapted version of the Digital Datcom, 

which is a computerised version of the USAF Datcom [19.][79.]. Supersonic and 

hypersonic aerodynamics are estimated using a version of SHABP [172.]. Estimating 

the transonic properties is done by fitting a fairing between the supersonic and the 

subsonic solutions based on empirical methods. In terms of this study, the main 

focus is placed on the supersonic and hypersonic regions. Transonic flight for high-

thrust vehicles tend to be a short transition period, and subsonic flight characteristics 

are rarely the limiting factor for hypersonic vehicles. Also, it has to be kept in mind 

that the proposed design methodology does not rely on these specific estimation 

methods to work, they can be replaced with more appropriate ones if required. 

In the following, the various methods will be discussed in more detail. 

4.2.5.5.1 Subsonic aerodynamics 

Digital Datcom was chosen as the method to estimate subsonic aerodynamic 

characteristics. Digital Datcom is a collection of Fortran computer codes, which 

implement individual methods from the USAF “paper” Datcom. Datcom, or United 

States Air Force Stability and Control DATCOM is a collection of empirical, 

theoretical and test based methods to estimate the static stability, control and 
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dynamic coefficients for a range of aircraft configuration. The coefficients of the 

actual configuration are built up by individually estimating the components, and 

adding them up, when available taking interaction into account, such as wing-body 

interference or downwash effects.  

Advantage of the method is the good precision, due to the experimentally validated 

prediction methods. However, this also leads to the greatest drawback, as the 

methods are only valid for a range of configurations, under given flight conditions. 

Most of the methods depend on reading off values from graphs (or table look-up in 

the case of the digital version), if the configuration is out of the validity range, the 

data has to be extrapolated, which can result in non-realistic solutions. 

For the user, it has to be pointed out, that Digital Datcom uses the imperial unit 

system, and data from the GENUS environment has to be converted from SI first. 

 

Figure 4-49: Aerodynamic output as a function of configuration and speed regime (source: [79.]) 

Figure 4-49 shows the various configurations that can be evaluated using the Digital 

Datcom, along with the coefficients that can be requested from the program. What 

can be seen is that the code only works for conventional configurations, with 

maximum one wing, body, horizontal tail, fin and ventral fin. Canard configurations 
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can be analysed, but the first lifting surface has to be input as the wing, and the 

second as horizontal tail. 

Also note that pitching moment coefficients for the configurations to be investigated, 

such as wing-body for example, are only available in the subsonic flow regime. 

These two limitations necessitated the use of another program, SHABP for the high 

speed flow regimes. 

In the earliest versions of DATCOM, data was input using punch cards. The 

available version of Digital Datcom, acquired from PDAS [173.], is just slightly more 

sophisticated than this, the program relies on formatted text input. From the text file, 

keywords describing the configuration, flight condition, and analysis type are read 

using Hollerith constants, interpreted, and finally the actual values written into 

common memory blocks. Based on the analysis requested, a series of overlay 

subroutines are called, calculating the individual component at a given flight 

condition. Finally by default a datcom.out file is generated in the working directory 

containing the results in formatted text, along with text descriptions, legal 

disclaimers, etc. While these are important when a single instance of design is 

analysed, the process is tedious and slow when the estimation method is to be 

called many times, that could range into thousands or millions. As a result the 

following changes were made to the source code. 

As the code used to be a stand-alone program, the first change is to convert it into a 

code that can be executed more easily from the GENUS environment. This is 

necessary to enable quick and seamless communication between the analysis code 

and GENUS. Executing a stand-alone program always results in some overhead 

time, while the code is loaded into to memory and initialized if applicable. The time 

this requires depends on the actual program, and the speed the computer can 

access and read from the storage drive. Figure 4-50 shows a comparison between 

the speed to access traditional hard drives (disk), solid state drives (SSD), and RAM 

(memory) in the computer. It can be seen, that accessing memory as opposed to 

storage drive is many magnitudes faster, even in the case of SSDs. As a conclusion, 

if any code has to access the storage drive during execution, it would run much 

slower, than one that is already loaded into memory. For this reason, Digital Datcom 

was converted into a dynamic-link library (.dll), the inputs are passed on from java as 

opposed to the input file, and the output is only written to the disk upon request 

(when analysing a single instance of design for example) otherwise, the outputs (lift, 

drag, and pitching moment coefficients) are returned directly to GENUS. 
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Figure 4-50: Comparing Random and Sequential Access in Disk and Memory (source: [174.]) 

As GENUS is written in JAVA it cannot directly communicate with a Digital Datcom, 

which is written in Fortran. However Fortran can work well with C, to which access is 

provided from JAVA by the use of Java Native Interface (JNI).  

 

Figure 4-51: GENUS hypersonic aerodynamics methods programs architecture 

JNI is a powerful feature in JAVA, as it can pass advanced programming constructs, 

(classes and objects) into C, as opposed to the simplistic data transfer between C 
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and Fortran. Between C and Fortran, both codes have to be compiled into object 

files (machine code) and the memory address (pointer) is shared. This is not a 

robust result as, for example, in Fortran the user can specify the number of bits 

occupied by an integer, real or even Boolean variable, which clearly is an issue when 

passing pointers. This is not an issue between JAVA and C, which is handled by JNI. 

When modifications or expansion is required for the GENUS hypersonic 

aerodynamics, these features should be kept in mind. Finally it is worth mentioning, 

that C can interface with many other programming languages, thus the same 

methodology can be applied to aerodynamics estimation codes created in other 

languages.  

Thus removing the storage drive dependency of Digital Datcom, and enabling direct 

communication between it and the GENUS environment, a seamless, fast and robust 

solution was created to predict subsonic aerodynamics.  

The limitations have to be kept in mind however. Digital Datcom only handles the 

before mentioned configurations. Wings have to be input as equivalent straight 

tapered planforms with maximum one kink. Aerofoils can be input with coordinates, 

as results of measured experimental data or as text. In the current version of 

GENUS, the actual aerofoils specified in geometry are translated into a NACA4 type 

aerofoil with equivalent thickness, which is input as text. This simplification would not 

be appropriate for an aircraft where subsonic performance is of focus, however in the 

case of hypersonic vehicles, more focus is placed on high speed performance.  

Bodies are input as a series of circular cross-sections with equivalent diameter. 

Digital Datcom has a limitation of 20 cross sections, if the number specified in 

GENUS exceeds 20, the first 19, and the last one is sent to Digital Datcom. 

Vertical tails are not included in the current version, as Digital Datcom cannot handle 

winglets or twin vertical stabilizers. As they don’t generate significant lift or pitching 

moment, the only consequence of this action is slightly lower estimated subsonic 

drag. 

As Digital Datcom requires Reynolds number, a linear Reynolds number profile was 

estimated based on the cruise (or maximum) speed and altitude combination. This is 

due to the fact, that the aerodynamics module has no information on how this 

altitude and speed is reached. Varying Reynolds number mainly affect skin friction 

drag and surface heat transfer coefficients, and estimation errors in the subsonic 

regime don’t result in significant errors in terms of lift or drag estimation. Furthermore 

heat transfer is generally of no interest at subsonic speeds. 

Figure 4-52 shows a comparison of a drag polar acquired from GENUS, and 

reference data available from NASA. The curve fit is deemed good for conceptual 

level estimation, however the drag is underpredicted the maximum difference that 

can be read from the graph is at higher angle of attacks is about 16%. 
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Figure 4-52: Space Shuttle CL vs CD at Mach 0.5; Blue: GENUS results, Black: Enterprise data (curve P) 

(data source: [175.]) 

The reason of the discrepancy is partly due to the fidelity of the Digital Datcom 

geometry, as the space shuttle fuselage is a box rounded at the top as opposed to 

circular cross-sections. The OMS engine pods are not represented in the Digital 

Datcom geometry either, which also leads to under predicted drag. Also the 

estimation of skin friction drag can be significantly different from the flight test results, 

as it was discussed before. There is also a slight difference in reference areas, in 

GENUS, the calculated gross wing area is 3899 ft2 (362 m2) as opposed to 3816 ft2 

presented in the report. However, since this is a conceptual level aerodynamic 

estimation, the accuracy of the method was deemed acceptable. 

4.2.5.5.2 Supersonic/Hypersonic aerodynamics 

Supersonic and hypersonic aerodynamics coefficients are estimated using a version 

of the Supersonic/Hypersonic Arbitrary Body Program (SHABP). SHABP is a panel 

based aerodynamic code, containing a collection of compression and expansion 

methods. The principle of the code is similar to the Newtonian flow theory, and as 

thus these methods are collectively referred to as impact methods. 

The version adapted to use in GENUS is the modified version of the “Hyper” code 

available from the PDAS website [173.]. The “Hyper” code is a modern (F90) Fortran 

version of the original Mark IV SHABP Fortran program written by Gentry and Smyth. 

The original version was written to be compatible with CDC/IBM 360 computers, and 

will not compile on modern computer systems. “Hyper”, however does not have all 

the expansion and compression methods available from the original code. Table 
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4-11 and Table 4-12 show the available compression and expansion methods in 

Mark IV SHABP and “Hyper”.  

Table 4-11: List of compression methods 

Nr. Compression method SHABP Mark IV Hyper 

1 Modified Newtonian Available Available 

2 Newtonian-Prandtl-Meyer Available Available 

3 Tangent Wedge Available Available 

4 Tangent Wedge Infinite Mach Available Available 

5 Old Tangent Cone Available Available 

6 Cone At Angle Of Attack Available  

7 VanDyke Unified Available Available 

8 Blunt Body Viscous Available  

9 Shock Expansion Available  

10 Free Molecular Flow Available  

11 Input value of CpStag Available Available 

12 Hankey Flat Surface Available Available 

13 Smyth Delta Wing Available Available 

14 Modified Dahlem-Buck Available Available 

15 BlastWave Available  

16 OSUBluntBody Available Available 

17 Tangent Cone (Edwards) Available Available 

 

Table 4-12: List of expansion methods 

Nr. Expansion method SHABP Mark IV Hyper 

1 Cp = 0 Available Available 

2 Newtonian-Prandtl-Meyer Available Available 

3 Prandtl-Meyer Available Available 

4 Cone At Angle Of Attack Available  

5 VanDyke Unified Available Available 

6 Vacuum Available Available 

7 Shock Expansion Available  

8 Input Value Available Available 

9 Free Molecular Flow Available  

10 Modified Dahlem-Buck Available Available 

11 ACM empirical Available  

12 Half Pradtl-Meyer from freestream Available Available 

 

The program takes the vehicle geometry in the LAWGS format, and calculates 

coefficients as the sum of values acquired for each individual component. It has to 

be noted, that this version of the code does not take the interaction of the various 

parts, or shadowing) into account, this has to be taken into account when analysing, 

for example, multi-stage vehicles. In a training demo in 2003, Adamczak and 

Bhungalia [176.] refer to the Mark 5 SHABP code, which contains various 

improvements, such as shadowing, heat flux estimation, stability derivative 



130 

 

calculation, deflectable controls for trim estimation and viscous forces calculation. 

This version of the code, however, is not freely available. 

The user has control over the compression and expansion methods used for each 

components, which can be set up before a single run or optimization run. Dirkx and 

Mooij have published an excellent article on aerodynamic simulation using SHABP 

[177.]. Based on their findings, at high speeds, the best accuracy can be achieved by 

using the Modified Newtonian (Nr. 1) compression, and Prandtl-Meyer expansion 

(Nr. 3) methods, apart from blunt bodies, where they recommend the High Mach 

Base pressure expansion method, which is not present in “Hyper”, or the 

nomenclature is not clear. At low speeds for lifting surface type objects, the 

recommended compression method is Tangent Wedge (Nr. 3), while bodies (apart 

from blunt noses) should be analysed using Tangent Cone (Nr. 5 or 17). Blunt 

bodies can rely on the Modified Newtonian (Nr. 1) method for good accuracy even at 

low speeds. Expansion can be best approximated, similar to high speeds, with the 

Prandtl-Meyer expansion (Nr. 3) method, except for blunt bodies, where ACM (Nr. 

11) Empirical is recommended, which is not implemented in “Hyper”. 

The Mark IV SHABP manual [178.] shows a detailed comparison of the methods for 

various shapes, with discussion about their suitability and accuracy. Based on the 

manual, and experimenting, with the various methods, the author found the most 

robust combination of single methods with acceptable accuracy, over the Mach 

range. This approach simplifies the setup, and speeds up the execution process of 

SHABP. The methods recommended are shown in Table 4-13. However, these are 

only recommendations, and the aerodynamics estimation works with different 

methods as well, but the user has to be aware of the limitations of the methods. 

Table 4-13: Recommended robust compression and expansion methods for SHABP 

Component Compression Methods Expansion methods 

Lifting Surfaces 3: Tangent wedge 5: VanDyke unified 

Body Components 7: VanDyke unified 5: VanDyke unified 

  

The following images show a comparison between Dirkx and Mooij’s 

recommendation and the author’s. Figure 4-53 shows the comparison at low 

supersonic speeds (Mach 1.5), and Figure 4-54 shows at high hypersonic speeds 

(Mach 25). Both charts display drag polars between -30 and +60 degrees angle of 

attack, the labels show the compression and expansion methods used to generate 

the curve. The methods for the fuselage were held constant. It can be seen that at 

low speeds, Dirkx and Mooij’s recommendation predicts lower drag (about 9% 

maximum difference), but the predicted lift values are in good agreement. At high 

speeds, the discrepancy is greater, the maximum difference in lift increases to 11%. 

However, the uncertainty at conceptual level aircraft design is high, and 11% 

difference between methods is usually within acceptable tolerance. 
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Figure 4-53: Space Shuttle low supersonic speed drag polar, methods comparison 

 

Figure 4-54: Space Shuttle high supersonic speed drag polar, methods comparison 

 

The values acquired were compared to published data for validation purposes. 

Figure 4-55 shows data generated using the recommended compression and 
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expansion methods. As SHABP Mark IV is an inviscid methods, at low angles of 

attack, unrealistically high L/D can be achieved, unless the results are corrected for 

viscosity. 

 

Figure 4-55: Space Shuttle flight data comparison (based on [179.]) 

Viscose effect prediction at hypersonic speeds is not a simple task, refer to Chapter 

4.2.5.2 for a summary of hypersonic flow effects. In GENUS, an equivalent 

supersonic skin friction coefficient can be specified to add viscose drag to the 

prediction. For the Space Shuttle, a value of 0.009454 provides very good 

agreement with measured flight data as shown. Obviously, the skin friction 

coefficient is a function of Reynolds number, which changes with altitude, and speed, 

thus an average value is recommended. The viscosity correction can be set to 0, 

allowing accurate inviscid flow based coefficient comparison in trade studies. Figure 

4-56 shows data generated by GENUS for the Space Shuttle at M10, using viscosity 

correction. Reference point is 21.356 m; 0 m; 0.8224 m in body coordinate system. 

 

Figure 4-56: Space Shuttle full 360 degrees coefficients estimation 
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Apart from the Space Shuttle, there are not too many configurations with vast 

amount of data available. However to validate the methods, a significantly different 

configuration is compared to available data. The author has no knowledge, of 

compiled aerodynamic data for the Reaction Engines Skylon, but an example 

trajectory output is available on their website, containing lift and drag data. Figure 

4-57 shows a comparison between the data available, and those generated by 

SHABP within GENUS. It appears that the Skylon data available does not correct for 

viscosity, which is evident at low angles of attack, possibly over-predicting L/D 

values. Note that L/D is not effected by discrepancy in reference areas used, and the 

different expansion and compression methods have only a small effect on the L/D 

values. There is no further information about the methods used to derive the data, so 

for further reference, the inviscid approach should be assumed, when dealing with 

Skylon data. 

 

Figure 4-57: Skylon L/D comparison 

As a summary, it can be seen, that the super/hypersonic aerodynamics coefficient 

prediction methodology is able to provide results with acceptable accuracy, when 

compared to existing vehicles (Space Shuttle), and concepts (Skylon). Radically 

different configurations should be investigated and the results validated before the 

method is applied to them. 

4.2.5.5.3 Transonic aerodynamics 

The transonic aerodynamics estimation method provides a fairing between the two 

different methods used to approximate subsonic and supersonic coefficients. 

Empirical methods are used to provide an estimation of the increase in wave drag for 

components of the vehicle. The Digital Datcom provides methods for calculating a 

transonic fairing based on the Datcom methodology, however it has limited outputs, 
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and the supersonic coefficients are evaluated using SHABP instead, so the method 

can’t be readily used. For further information on this method in Digital Datcom, refer 

to Vol 2 Section 4 of the manual. 

The most important part of transonic aerodynamics at conceptual level is the 

increase in drag, often referred to as the “sound barrier”. The increment is mainly 

due to the formation and detachment of shock waves, which result in a rapid drag 

coefficient rise that drops as Mach numbers increase past unity. Lift curve slopes 

generally tend to decrease throughout the transonic regime. The pitching moment 

coefficient’s behaviour is less predictable, usually vehicles experience an increase in 

downward pitching moment throughout the transonic regime. In the current study, lift 

and pitching moment coefficients are interpolated linearly between the subsonic and 

supersonic results, while drag is estimated using empirical methods. 

The wave drag increment of lifting surfaces are approximated by the wave drag of 

the wings, based on the Datcom methodology. Figure 4-58 shows the graph to 

approximate the increment of wave drag. Equivalent wing properties are used for 

thickness and aspect ratio. If the requested values are off the graph, the last 

available point is returned by the computer code instead of extrapolating the curves. 

 

Figure 4-58: Datcom 4.1.5.1-29: Wing wave drag increment (source: [19.]) 

Figure 4-59 shows the graph to acquire the wave drag increment for the aircraft 

fuselage. As before, the shape is approximated as an equivalent parabolic body with 

the same fineness ratio.  
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Figure 4-59: Datcom 4.2.3.1-26 Fuselage wave drag increment (source: [19.]) 

Using equivalent shapes as opposed to actual specified geometry is an 

approximation, which at conceptual level usually does not result in significant errors. 

However it has to be kept in mind that methods, such as gradient based optimizers 

will not work accurately, when the method does not actually depend on the inputs. 

For example the fineness of the fuselage does not depend on the Z position of the 

cross-sections, thus it is advisable not to try to optimize for transonic aerodynamic 

performance using these parameters. Generally for a hypersonic vehicle, the 

transonic regime is a transition period, which is passed rapidly, thus inaccuracies 

and limitations in the methods have no major effect on the vehicle design. If 

transonic performance is to be evaluated, the methods need to be refined to produce 

more accurate results. 

4.2.5.5.4 Aerodynamic coefficients over the complete Mach range 

This chapter presents example outputs for the Space Shuttle, and Skylon over the 

complete Mach range. Note, that although both the Space Shuttle and Skylon can 

reach Mach 25 at re-entry, due to the Mach independence of high supersonic 

numbers, the graph is only plotted until Mach 10.  
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Figure 4-60: Space Shuttle aerodynamic coefficients vs Mach, generated with GENUS 

 

Figure 4-61: Skylon aerodynamic coefficients vs Mach, generated with GENUS 
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Both Figure 4-60 and Figure 4-61 show the expected characteristics at the various 

flight regimes. As expected, subsonic coefficients are fairly constant. In the transonic 

regime the “sound barrier” is clearly visible, along with the rapid change in pitching 

moment. The supersonic and hypersonic coefficients clearly demonstrate the Mach 

independence principle. 

It has to be noted, that the coefficients obtained for Skylon are unusually large. This 

is due to the fact, that the wings are relatively small compared to the body, which 

provides significant amount of lift. Perhaps a projected fuselage or combined wing-

fuselage area could be more appropriate to non-dimensionalize the forces and 

moments, similar to rockets. However the reference area, as long as it’s kept 

constant in all the methods, does not affect the accuracy of the results. 

Qualitatively the curves generated can be compared with non-dimensional 

coefficients published for the X-15, shown in Figure 4-62. The coefficients show the 

expected rapid drag rise at Mach 1, the change in lift and the changing behaviour of 

the moment coefficient in the transonic range. 

 

Figure 4-62: X-15 Non-dimensional longitudinal stability coefficients for X-15 (source: [181.]) 
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4.2.6 Packaging and CG 

4.2.6.1 Introduction 

Packaging and CG during conceptual design refers to two tasks. Packaging is the 

process, where the designers verify, that it is physically possible, to place all the 

items inside the aircraft contour, or the other way around, whether an aircraft shape 

can be closed around the described internal items. This is an important process in 

checking the feasibility of the design, however it is often not rigorously evaluated in 

the early stages of aircraft design. This is partly due to the fact, that there are many 

unknowns, such as the size, shape and position of the internal components, 

information that is not readily available at the early stages of the design process. 

Packaging is a science itself, and there are various industrial applications 

concentrating on solving packaging problems. One of the most well-known example 

is the stock-cutting problem. The studies address the problem where various shapes 

(mass components in our case) have to be cut out of set size stock (aircraft volume 

in our case), while minimizing waste. However the same logic is used in various 

fields of technology, Burke et al. [182.] mention fields such as dynamic memory 

allocation, multiprocessor scheduling problems and general layout problems.  

Figure 4-63 shows an example solution of an orthogonal stock-cutting problem. 

 

Figure 4-63: Orthogonal stock-cutting solution with Best-Fit Heuristic (source: [182.]) 

The main challenge with these problems is the fact, that the goodness of the solution 

depends on the heuristic used to guide the solution towards the “best” placement. 

Also the best solution to all but the most trivial problems is usually unknown. Even 

choosing a promising heuristic, to come up with a good fit, is an optimization problem 
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by itself, which as it was mentioned before, is not a desirable feature. As a further 

complication, most of the stock-cutting problems with solutions are presented for 2 

dimensional cases. There are 3D solutions available for the problem, such as the 

cutting stock algorithms presented by Queiroz et al. [183.], however the author is 

unaware of any robust solution applicable directly to aircraft component placement 

problems. 

CG estimation is an outcome of the packaging process, which provides information 

about the most forward and aft positions of the possible CG location at various 

aircraft configurations. Similarly to packaging, this is not always evaluated, rather for 

conventional configurations usual CG locations can be assumed, usually expressed 

as at a percentage along the MAC. However as expected, conventional assumptions 

are not always appropriate for unconventional configurations, and as such, more 

refined approach should be taken for CG estimation. 

4.2.6.2 Packaging and CG in GENUS 

4.2.6.2.1 CG estimation 

The module developed for packaging and CG estimation for hypersonic vehicles 

works on the principle of placing actual mass components with calculated or 

specified mass, dimensions, and shapes, and the actual CG position is calculated 

using the usual momentum equations: 

𝑋𝐶𝐺 =
∑𝑚𝑖𝑥𝑐𝑔,𝑖

∑𝑚𝑖
 74 

𝑌𝐶𝐺 =
∑𝑚𝑖𝑦𝑐𝑔,𝑖

∑𝑚𝑖
 75 

𝑍𝐶𝐺 =
∑𝑚𝑖𝑧𝑐𝑔,𝑖

∑𝑚𝑖
 76 

Where: 

 i = 1 .. N, representing the N mass components 

 𝑋𝐶𝐺, 𝑌𝐶𝐺, 𝑍𝐶𝐺: the X, Y and Z coordinates of the global CG respectively 

 𝑚𝑖: mass of the i. component 

 𝑥𝑐𝑔,𝑖, 𝑦𝑐𝑔,𝑖, 𝑧𝑐𝑔,𝑖: i. component’s local CG’s x, y and z coordinate respectively 

The value of N, and the actual mass components included in the summation depend 

on the configuration selected, such as MTOM, MLM, OEM, and so on. This implies 

that the solution of the CG estimation is not a single number, rather an array of CG 

positions corresponding to various configurations. 

The non-triviality of the packaging problem comes from the fact, that the components 

in theory can be placed at infinite number of locations within an aircraft Although a 

knowledgeable user might know where to place objects, this is a difficult problem for 

a computer, especially when relative positions have to be justified. If however, 

certain degrees of freedom can be fixed on the various components, then the 
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problem can be simplified to a level, where it can be handled by the conceptual 

design program. 

In the hypersonic packaging module, the following simplifications are made: 

 As many components as possible will be placed during generation in the 

Mass Breakdown module. This step is obviously only valid for items, which 

CG location can be determined automatically at that step. 

 The individual components all have fixed orientation, with the lengthwise 

direction parallel to the global X axis. 

 If an object has a container, such as crew in the crew compartment, then 

their CG positions are coincident. 

 There is no mechanism built in to the module to produce an optimum 

packaging solution, rather it allows the user to place the objects. 

 The objects that are placed by the user are assumed to be: 

o 0 distance away from the previous and following object 

o Symmetric, thus ycg,i = 0 

o Free to be placed in Z 

After taking the previous simplifying assumptions, the problem of packaging is solved 

in the following steps: 

1. Process the existing list of mass components acquired from the Mass 

Breakdown module. 

2. Determine objects to be placed, and generate appropriate inputs. The rule 

implemented is as follows: 

a. If the MassComponent has CG already specified, its position is already 

fixed. 

b. If the MassComponent has no CG, and is: 

i. Of the “Distributed” shape: It is assumed that these items are 

distributed evenly across the vehicle shape, so that they do not 

affect the CG position. Examples are paint, electrical wiring, etc. 

The vehicle dry mass CG position is evaluated without these 

components first, and then they are placed on the resultant CG 

position. 

ii. Of any other shape: inputs for CG positions are generated 

c. The object’s shape and volume is checked and if required additional 

inputs are generated. 

3. The inputs generated are as follows: 

a. Landing gears can be placed at arbitrary locations on the 

GeometrycParts, and their non-dimensional x and y coordinates can be 

specified by the user. 

b. Other components are not placed by X coordinates, rather using an 

ordered array, which determines in which order the objects follow each 

other. While for some configurations such as BWB aircraft this 
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assumption might not be appropriate, most hypersonic vehicles have 

fairly simple shapes, which can be usually approximated with long 

cylinders or boxes, reducing the problem to a quasi-one dimensional 

placement problem. The Z coordinates of the objects can still be 

specified by the user, and Y is set to 0. 

c. The first component’s X coordinate can be specified as the non-

dimensional length of the main body of the vehicle. 

d. If a component does not have volume and is 

i. of the “Distributed” or “Conformal” shape, then the user has to 

specify a volume for the object 

ii. of any other shape, then the user has to define the dimensions 

of the shape. The number and types of input depend on the 

allocated shapes 

e. If a component has volume allocated, has either “Box”, “Cylinder” or  

shape, and there are no shape dimensions defined, the code will 

generate the appropriate inputs for the user to specify. 

For the inputs generated for various shapes, refer to Table 10-2 in Appendix A - 3. 

4. The inputs are written to the GUI as usual, and appropriate inputs can be 

changed and used to drive the optimization process as usual. 

5. The values from the GUI are used to specify the shapes and order of objects 

identified; CG positions, dimensions and volumes are allocated. 

6. A new set of MassComponents are constructed from the initial ones received 

from the Mass Breakdown module, and using the information set by the user. 

The constructed new set has no unknown values anymore, all mass, location, 

dimension and volume data are properly set (note, that mass data must be 

specified in the Mass Breakdown module, there are no means, nor should it 

be  set it in the Packaging and CG module). 

7. All further operations are performed using the newly generated complete set 

of MassComponents. 

Once the complete MassComponents list is assembled, the code calculates CG 

locations based on the actual mass and cg locations of the components. The 4 

default configurations are evaluated, and the logic is as follows: 

 MTOM: Every component of the part is added together, except: 

o “Payload to pick” 

 OEM: Every component is added except the payload types: 

o “Payload” 

o “Payload to drop” 

o “Payload to pick” 

o “Passengers” 

 ZFM: Every component is added except the “fluid” types: 

o Fuels 
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o Oxidizers 

 MLM: in this version it is equivalent to ZFM 

Note that the current implementation of the Packaging and CG module does not 

automatically calculate all possible CG combinations arising from for example 

uneven payload mass distribution or scheduled fuel usage. These require more 

sophisticated ways to keep track of fuel levels in various tanks and so on. The 

structure of the program allows such implementations, however it has not been 

achieved up to date. 

While CG can be calculated for an aircraft at conceptual levels, inertia is often 

more challenging. That is mainly due to the fact that the inertia distribution of the 

components is much more difficult to estimate than mass properties. To calculate 

mass moments of inertia, Raymer recommends the following approach, based on 

legacy aircraft data: 

𝐼𝑥𝑥 =
𝑏2𝑊𝑅𝑥

2

4𝑔
 77 

𝐼𝑦𝑦 =
𝐿2𝑊𝑅𝑦

2

4𝑔
 78 

𝐼𝑧𝑧 = (
𝑏 + 𝐿

2
)

2 𝑊𝑅𝑧

2

4𝑔
 79 

Where: 

 𝐼𝑥𝑥, 𝐼𝑦𝑦, 𝐼𝑧𝑧 are the mass moments of inertia around the aircraft x, y and z 

axis respectively. Raymer uses the imperial system so units are slug ft2 

 𝑏 is wingspan in ft 

 𝑊 is weight in lbm 

 𝐿 is vehicle length in ft 

 𝑔 is gravitational acceleration at sea level: 32.17 ft/s2 

 𝑅𝑥

2
, 𝑅𝑦

2
, 𝑅𝑧

2
 are the non-dimensional radii of gyration based on legacy 

aircraft. Recommended values are listed in Table 4-15. 

Chyu et al [184.] investigated static and dynamic stability analysis of the Space 

Shuttle orbiter, and provide inertia values for a representative configuration. Zachary 

et al. present data for the X-15 (Nr 3 aircraft) [185.]. Day [186.] presents further 

inertia data for various experimental and fighter aircraft. Inertia values are shown in 

Table 4-14. 
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Table 4-14: Vehicle moments of inertia referred to body axes 

Vehicle 𝑰𝒙𝒙 [kgm2] 𝑰𝒚𝒚[kgm2] 𝑰𝒛𝒛[kgm2] 

Space Shuttle 8.9500E+5 6.9180E+6 7.1990E+6 

X-15 4.9487E+3 1.0847E+5 1.1118E+5 

X-2 5.0430E+3 2.5474E+4 2.9106E+4 

X-3 4.1000E+3 6.1200E+4 6.5100E+4 

F-100A 1.0976E+4 5.7100E+4 6.4975E+4 

YF-102 1.3200E+4 1.0600E+5 1.1460E+5 

 

Based on the data provided, the non-dimensional radii of gyration can be calculated, 

and added to Table 4-15. It can be seen, that the values acquired show reasonable 

conformity with the data. The Space Shuttle, X-15 and X-2 have outlying Ry and Rz 

values. Reasonable care should be taken, and the results validated, if Raymer’s 

method is used to estimate inertia for hypersonic vehicles. 

Table 4-15: Non-dimensional radii of gyration by Raymer [4.] with added data (in bold) 

Aircraft class/Aerospace vehicle 𝑅 𝑥 𝑅 𝑦 𝑅 𝑧 

Single-engine prop 0.25 0.38 0.39 

Twin-engine prop 0.34 0.29 0.44 

Business jet twin 0.30 0.30 0.43 

Twin turboprop transport 0.22 0.34 0.38 

Jet transport-Fuselage mounted engines 0.24 0.36 0.44 

Jet transport-2 wing-mounted engines 0.25 0.38 0.46 

Jet transport-4 wing-mounted engines 0.31 0.33 0.45 

Military jet trainer 0.22 0.14 0.25 

Jet fighter 0.23 0.38 0.52 

Jet heavy bomber 0.34 0.31 0.47 

Flying wing (B-49 type) 0.32 0.32 0.51 

Flying boat 0.25 0.32 0.41 

Space Shuttle 0.31 0.64 0.75 

X-15 0.25 0.51 0.71 

X-2 0.22 0.43 0.50 

X-3 0.22 0.28 0.44 

F-100A 0.20 0.35 0.42 

YF-102 0.20 0.31 0.41 

 

As outputs for the optimizer, the module generates lengthwise (X) and non-

dimensional (X over vehicle length) distance of the CG from a specified value in 

each configuration. The actual X coordinate, both dimensional and non-dimensional, 

are also output. The target values and the desired range around them can be 

specified as an input to the module. This enables the user for example to specify, 

that the desired CG of the vehicle should be in a band of 5% at 25% total length of 

the vehicle. Note that due to the fact that not every configuration has wings, the code 

is not set up to position the target CG with respect to the wing aerodynamic centre, 
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however the band can be represented as a ratio of the lengthwise reference length 

from the based on the matrix acquired from the aerodynamics module, which for 

most winged vehicles is usually the MAC. This target CG is then can be used by the 

optimization process to change shapes and positions of items to acquire the desired 

CG range. 

4.2.6.2.2 Packaging 

The GENUS module for hypersonic vehicles implements an approximate packaging 

checking algorithm to confirm validity of the design. The method described here 

builds on the method for CG estimation, as it relies on all internal components being 

placed and properly dimensioned. 

An example packaging situation is shown in Figure 4-64. As it can be seen on this 

example, the module’s aim is not to “pack” the vehicle, rather to check whether the 

internal components all fit into the structure. The check is two-fold; the total volume 

of internal and external components are checked and compared, and the amount of 

“sticking out” both in the longitudinal and cross-sectional direction is evaluated. It is 

assumed, that if an algorithm exists to place the internal components in a way where 

they cannot intersect (and an algorithm like that is implemented indeed) and the 

following two checks indicate that the packaging is correct, then the vehicle passes 

the feasibility check. The shortfall of this method, is that it does not effectively check 

intersection between the components, thus if different method is used to place them 

inside the vehicle, or there are other components based independently from the 

ordering algorithm, it will not detect clashes. 

 

 

Figure 4-64: Space Shuttle derived vehicle, with an example of generated internal components packaging 

The method behind the volume checking is straightforward; all components of the 

MC_Structure class (created from lifting surfaces and body components) are added 

together, representing the volume of the containers; Vcon. All the internal components 
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that do not have a container are added together as the internal volumes; V int. 

Selecting only components without a container ensures, that the fuel and the fuel 

tank only takes up the volume once; but it also requires, that the containers are 

always created to contain all the possible contents, which is not checked during 

packaging. 

The volume check, and error indicator is then defined as: 

𝑒𝑟𝑟𝑜𝑟𝑉𝑜𝑙𝑢𝑚𝑒 =
𝑉𝐼𝑛𝑡

𝑉𝐶𝑜𝑛
− (1 + 𝑉𝑇𝑜𝑙𝑒𝑟𝑎𝑛𝑐𝑒) < 0 when packaging is valid 80 

 

𝑉𝑇𝑜𝑙𝑒𝑟𝑎𝑛𝑐𝑒 is the tolerance margin on the volume check, 0.05 by default. Although at 

conceptual level, it is not usual, or desirable to completely fill up the available volume 

as many components are ignored, a tolerance can account for inaccuracies in the 

volume calculations, round-off errors and similar, and generally makes the packaging 

process more robust. 

The other check is relating to internal components “sticking out” of the structure. First 

a main structure is chosen, in the following order: 

1. If a fuselage exists, the first in the list is the main structure 

2. If there is no fuselage, the first wing is the main structure 

3. If there are no wings either, the first body component is selected 

4. If there are no body components at all, the first lifting surface is selected. 

5. If nothing exists, there is no geometry to speak of, and the code will terminate 

with an error 

In this version, all the packaging is checked for the single main structure. This means 

there is no means in the current version to evaluate features such as wing fuel tanks 

on classic winged vehicle shapes. However this is not a problem, as due to the use 

of high pressure and insulated fuel tanks in most concepts, the tanks are often 

spherical and cylindrical, which do not usually fit in the wing structure and are usually 

accommodated in the fuselage. Furthermore, wing structures are relatively thin with 

large surface area, which results in high heat flux, thus large amount of insulation 

would be required for fuel tanks, which again, might make the fuel carrying volume 

prohibitively small in the wings. For vehicles such as the hypersonic waverider, there 

is no fuselage defined in the code, it behaves as a flying wing with thick aerofoils, 

thus wing tanks can be implemented. In future versions, more than one main 

structure can be added, however checking intersecting volumes could prove to be a 

challenging task. 

Lengthwise checks are performed based on the total length of the main structure 

along its representative direction. For a fuselage this is X, for wings and horizontal 

tails its Y, and vertical tails and winglets are represented in Z. 
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All internal components are represented as a point cloud based on their shape. 

Table 4-16 shows the points generated for a unit sized component, which are then 

scaled based on the component’s main dimensions and translated to its respective 

CG. Rotations of the components are not considered in this version of GENUS. 

 

Table 4-16: Point cloud generated from components 

Shape name 
Representative 

dimension 
Unit shape point cloud 

Box Lx, Ly, Lz 

[0.5,0.5,0.5] 
[0.5,0.5,-0.5] 
[0.5,-0.5,-0.5] 
[0.5,-0.5,0.5] 
[-0.5,0.5,0.5] 
[-0.5,0.5,-0.5] 
[-0.5,-0.5,-0.5] 
[-0.5,-0.5,0.5] 

Cylinder L, R 

[0.5,1,0] 
[0.5,0,1] 
[0.5,-1,0] 
[0.5,0,-1] 
[-0.5,1,0] 
[-0.5,0,1] 
[-0.5,-1,0] 
[-0.5,0,-1] 

Sphere R 

[1,0,0] 
[0,1,0] 
[0,0,1] 
[0,-1,0] 
[0,0,-1] 
[-1,0,0] 

Conformal - [0,0,0] 

 

Once all the points are generated, their major (lengthwise) coordinate is checked 

against the containing part. If XMain is the centre of the containing part in the major 

direction, similarly PMain is the point’s major coordinate and LMain is the total length in 

the major direction, the lengthwise check takes the following form for each point: 

𝑒𝑟𝑟𝑜𝑟𝐿𝑒𝑛𝑔𝑡ℎ = |
𝑋𝑀𝑎𝑖𝑛−𝑃𝑀𝑎𝑖𝑛

𝐿𝑀𝑎𝑖𝑛
2⁄

| − (1 + 𝐿𝑇𝑜𝑙𝑒𝑟𝑎𝑛𝑐𝑒) < 0 when packaging is valid 81 

 

Where 𝐿𝑇𝑜𝑙𝑒𝑟𝑎𝑛𝑐𝑒 is the lengthwise tolerance on points, default value is 0.05. See the 

arguments for the volume tolerance for the introduction of the lengthwise tolerance. 
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Once the points are checked in the main direction, all those that are found to be non-

packaged (including tolerance), are ignored for the cross-sectional evaluations to 

save computational effort. An algorithm groups the remaining points at the same 

cross-section, so that packaging checks can be run more efficiently. The process to 

perform the check will be described in the following. 

First a cross section is defined where the check will take place. This cross-section is 

generated normal to the major direction, which is an approximation, but as the 

dihedral angles for most lifting surfaces are small, this projection does not introduce 

significant errors. The configuration where care should be taken are for example V 

shaped tails, where dihedral is on the magnitude of 45 degrees, thus due to the 

projection, significant reduction of cross section can result. 

The points generated are transformed into a planar Cartesian coordinate system, 

positioned with the origin on the centre of the cross section. Then a monotonically 

increasing angle is assigned to every cross-section point, from 0 to 2𝜋 to 

parametrize the cross-section with this angle. This implementation limits the types of 

cross-sections that can be used for packaging estimation, as the section must not 

have undercuts when being looked at from its centroid. Figure 4-65 shows the 

difference between a permitted section and one with undercut. 

 

Figure 4-65: Permitted sections (left) and section with undercut (right) 

The reason why undercuts are not permitted is that they introduce a non-injective 

relationship between the parameter angle and the point, which prevents the code 

from automatically determining where the generated point of the component lies with 

respect to the cross section points. The algorithm determines, that if a ray is 

generated from the section centre to the points to be checked, between which 2 

cross section points will it lie, based on the parameter angle 𝜑. 
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Figure 4-66: GENUS Cross-section check example 

To demonstrate the methodlogy, Figure 4-66 shows an example packaging check 

between a rectangular cross-section (Z0 .. ZN), and 4 points generated on a 

cylindrical internal component (P1 .. P4). Point A is the defined centre of the cross-

section. Point Q is the intersection of the APi ray (extended if required) with the 

cross-section perimeter. B and C are the points Zi, and Zi+1 between which the APi 

ray is positioned, in this strict order. Equivalence is allowed on the lower side, thus 

as seen on example, B = Q in this case. This works, as 𝜑 runs from 0 to 2𝜋 inclusive 

on both sides. 

Following usual mathematic convention for triangles, the angles of the ABC triangle 

are determined as: 

𝛼 =  𝜑(𝐶) − 𝜑(𝐵) 82 

𝛽 =  𝑎𝑐𝑜𝑠 (
(𝑎2 + 𝑏2) − 𝑐2

2𝑎𝑏
) 83 

𝛾 =  2𝜋 − 𝛼 − 𝛽 84 
 

Furthermore, the division of angle 𝛼 can be expressed as 

A 

B = 

Q 

C 

P2 

C 

B Q 

 

𝜑 

P1 

P3 

P4 

Z0 = ZN 
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𝛼1 =  ∡𝐵𝐴𝑄 =  𝜑(𝑃𝑖) − 𝜑(𝐵) 85 
𝛼2 =  ∡𝑄𝐴𝐶 =  𝜑(𝐶) − 𝜑(𝑃𝑖) 86 

 

With these angles, the following ratio can be defined: 

𝑎1

𝑎2
= 

𝐵𝑄

𝑄𝐶
 =  

sin 𝛼1

sin 𝛼2

sin 𝛾

sin 𝛽
 87 

 

And from the ratio, the coordinates of Q can be calculated as: 

�̅� =

𝑎1

𝑎2

1 +
𝑎1

𝑎2

�̅� +
1

1 +
𝑎1

𝑎2

𝐶̅ 88 

 

Finally the required “sticking out” ratio for every P can be evaluated as: 

𝑒𝑟𝑟𝑜𝑟𝑋𝑠𝑒𝑐 =
𝐴𝑃𝑖

𝐴𝑄𝑖
− (1 + 𝑋𝑠𝑒𝑐𝑇𝑜𝑙𝑒𝑟𝑎𝑛𝑐𝑒) < 0 when packaging is valid 89 

 

Similarly to the volume and lengthwise check, 𝑋𝑠𝑒𝑐𝑇𝑜𝑙𝑒𝑟𝑎𝑛𝑐𝑒 is by default set to 0.05, 

and the same arguments justify its existence. 

As outputs to use with the optimization process, the maximum volume, lengthwise 

and cross-sectional errors are output, which can be used as a constraint to adjust 

the shape and position of components to achieve a packaged design. Also it used as 

objective; it can drive the design towards a “compact” solution, where all the parts 

are aimed to be packed as close as possible to the centre of the vehicle. 
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4.2.7 Performance 

4.2.7.1 Introduction 

Performance estimation is one of the main outcomes of the conceptual design 

process. It builds on data calculated in all the previous stages of the design, such as 

aerodynamic performance, mass breakdown, and so on.  

Estimating performance enables the designer to evaluate, whether the proposed 

concept satisfies the requirements set towards it. Also this investigation can highlight 

sensitivities where small changes in design parameters can result in large wins or 

losses in performance. Furthermore, it can show possible paths for improving the 

design, revealing hidden capabilities that were unexpected at the requirements 

definition phase, but can be achieved with small design changes. Results from the 

performance studies will also show potential limitations, for example a lack of 

powerful enough propulsion system, which can show the way for aerospace 

technology research in the future. 

As performance is the means to evaluate the “goodness” of the design, it is 

ultimately a function of all the features designed into the vehicle, and shows how well 

it can accomplish the specified mission. For this reason performance of aircraft 

should include more than just the “classical” near and far field performance. It also 

has to take other aspects into account, such as the turnaround time. A vehicle that 

requires months to prepare for the next launch does not really perform the required 

task. The importance of rapid response can be clearly seen in the US National 

Space Policy under Operationally Responsive Space. The United States realized 

that their country depends on orbital infrastructure to such an extent, that their loss 

could seriously cripple their defensive and warfighting capabilities. Since many 

countries today have the technology to destroy orbiting objects [88.] it is important to 

prepare for such occasions. In this case the ability to promptly replace the orbital 

assets is far more important than the cost savings compared to an ELV. The 

performance evaluation has to assess this capability in order to give a realistic 

estimation of the true performance of the vehicle looking from a true transportation 

system point of view, rather than just the single vehicle. On the other hand, many of 

these performance measures cannot be easily estimated at conceptual level, as 

information regarding maintenance activities is often not available. Estimating these 

features of the design is usually left for later stages, unless the design methodology 

specifically focuses on these aspects. 

4.2.7.2 Performance in conceptual design 

Performance evaluation in conceptual design is usually divided into two categories; 

point performance and field performance. Point performance deals with manoeuvres 

in different flight conditions, in a fixed point in time (hence the name), indicating 
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whether the vehicle is capable of turning, accelerating, etc. as specified in the 

requirements.  

Field performance evaluates whether the design is capable of performing the design 

mission, such as transporting payload over a specified range, reaching set speeds 

and altitudes and in the case of space vehicles, performing orbital manoeuvres. 

These measures are different from the previous category, as they deal with the 

aircraft performance over a long duration as opposed to a single point in time. 

4.2.7.2.1 Point performance 

Point performance deals with the vehicle’s manoeuvre capacity in a single point in 

time. Good manoeuvrability is essential for military fighter aircraft, and some guided 

missiles, while minimum requirements are essential for safe operations of transports 

and similar larger vehicles. 

The most commonly evaluated vehicle point performance measures are the 

following: 

 Sustained turn: The maximum n that can be produced while performing a turn 

on a constant radius at constant altitude 

 Instantaneous turn: The maximum n that can be produced while turning, but 

the turn does not have to be sustained 

 Climb rates and accelerations (specific excess power): for transports and 

airliners usually the climb rates are of interest, while for fighters and other 

high-manoeuvrability vehicles, the specific excess power contours. In the 

simplest terms, a fighter with an excess power envelope larger than its 

opponent is more likely to win an aerial confrontation. 

4.2.7.2.2 Field performance 

Field performance deals with the vehicle’s behaviour for a longer time duration, 

usually evaluated for each phase of flight. The most commonly evaluated field 

performance characteristics are the following: 

 Maximum range/action radius: the distance, usually in nautical miles, what the 

aircraft can cover. Range refers to one-way operations, while action radius 

assumes that the vehicle returns. 

 Endurance: the maximum time the vehicle can spend airborne 

 Take-off length: the distance required for the vehicle to take-off and climb to a 

minimum altitude, usually taken as 122 m (400 ft). 

 Landing length: the distance required for the vehicle to land on the airfield and 

come to a complete stop. Based on Howe’s design methodology landing 

distance is calculated from 15.3 m (50 ft) descent height. 

 Ascent performance: the ability to climb to the given altitude, or in the case of 

a launcher, the ability to reach a specific orbit. 
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 Orbital manoeuvres: for space vehicles, includes all manoeuvres required to 

fulfil the mission such as: raise/lower apogee/perigee, orbital plane changes, 

adjustments, rendezvous manoeuvres, de-orbit, etc. 

 Re-entry performance: the behaviour of the vehicle during atmospheric re-

entry. The main topics of interest are achievable range, maximum heat flux, 

heat absorbed and maximum accelerations 

 Descent: descent performance of a vehicle deals with the vehicle lowering its 

altitude from cruising altitudes to the required approach and landing path. In 

practice descent is more influenced by air traffic control, than the designer. 

Atmospheric re-entry is technically a special form of descent. 

 Flight comfort: essential characteristic in the case of airliners, business jets, 

etc. Evaluation at conceptual level usually depends on empirical observations. 

 Direct operating cost: important for all types of vehicle, but essential for 

airliners. At conceptual level, it is best approximated with the fuel use of the 

vehicle. 

4.2.7.3 Performance in GENUS 

The hypersonic performance module in GENUS is aimed to simulate the mission 

performed by the vehicle. The same methodology is used for both Space Launchers 

and Hypersonic Transports, which illustrates the synergy between these two classes 

of vehicles. As such in this study, only the field performance of the concepts is 

evaluated. One part of point performance is of secondary importance, as 

manoeuvrability is less of a concern as the study is not focusing on fighter or 

aerobatic vehicles. Regarding specific excess power and climb rates, there is no 

single curve or plot that can characterize the vehicle, as compared to a conventional 

vehicle, hypersonic vehicles: 

 experience greater change in mass due to very high fuel fraction 

 can be, and usually are equipped with more than one propulsion system, and 

probably different types of fuel 

Since the specific excess power curves are evaluated for a given altitude for a given 

mass, this approach would not work for a hypersonic vehicle, as in theory it could 

reach a certain altitude with any mas, and thus remaining fuel combination. Even for 

a single propulsion system vehicle, this would exponentially increase the graphs to 

be generated to display specific excess power, and thus do not necessarily provide 

meaningful results for the designer. 

To circumvent this issue, it is assumed, that the vehicle’s performance is adequate if 

it is able to perform its mission. To evaluate its field performance then, a nominal 

mission of the vehicle is simulated, based on a specified control strategy. The 

outcome of the simulation is whether the vehicle can complete the mission or not; in 

the latter case an error indicator is generated, which can be used to drive or 

constrain an optimization process. 
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The nominal mission simulated is divided into 5 distinct phases: 

1. Take-off 

2. Ascent 

3. Cruise or Orbital phase 

4. Descent, including atmospheric re-entry 

5. Landing 

During the mission, the vehicle is simulated assuming to be a point mass with the 

following properties: 

 Mach number 

 VTAS  

 Altitude 

 Drag 

 Lift 

 AOA 

 Mass 

 Total ground distance achieved 

 Flight path angle 

 Time 

 Nx and Nz (referenced to both local and sea level g) 

 Thrust output (division) 

 Fuel breakdown an availability 

During the mission, the performance module calculates the properties at various 

sections along the mission, using averaged values for mass, speed, atmospheric 

density, etc. where appropriate.  
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Figure 4-67: Typical mission profile and waypoints for hypersonic vehicles 

The coordinate system used is a (flat) Earth centered system. Due to the conceptual 

nature of the research, simplifications were made and the following phenomena and 

features are ignored: 

 Rotating Earth (except for starting velocity handled in the Mission module) 

 Atmospheric shear effects due to Earht’s rotation 

 Wind and gusts 

 Curvature of Earth 

 Deviations from the standard atmosphere 

 Non-spherical Earth 

 Dynamic events and effects including aeroelasticity, “pogo” in rockets, etc 

 Thrust gimbaling (thrust vector control) 

 Stability and control of the vehicle (checked at the stability module) 

To simulate an aircraft mission thus described, two main equations can be used to 

derive and calculate the required information. These two equations are the force 

balance in the longitudinal and the normal direction: 
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During the mission simulation the amount of fuels (and oxidizers) consumed is 

tracked by the code. From this information, the code can evaluate whether a 

powerplant is still usable (has fuel left), and calculate the best fuel division 

accordingly. The employed methods however are not perfect, a “greedy” algorithm is 

used. The term “greedy” refers to the fact, that the methodology always searches for 

the best solution at the given instant, and does not consider the implications of the 

choices for the future behaviour. As an example, imagine a vehicle that has both a 

rocket and a turbojet propulsion system, using different kind of fuels. Let’s imagine, 

that the rocket is more efficient to use at low altitudes, thus the greedy algorithm will 

allocate most of the thrust to the rocket, and low or none to the turbojet. This is all 

fine, but when the vehicle reaches an altitude where it runs out of rocket fuel, it might 

not be able to provide further thrust with the turbojets, and the target altitude will not 

be reached. On the other hand, if instead of going for the seemingly best solution, 

the turbojets were to be used at low altitudes, the vehicle could easily climb to the 

specified altitude. Algorithms that can handle these sort of situations tend to be 

complex and computationally intensive, and are challenging from a coding point of 

view. The main issue is the fact that the response of the system depends on the 

choices that are made, unlike a deterministic system such as those used for dynamic 

stability evaluations. These systems are usually solved with either Monte-carlo 

methodology, as a sub-optimisation problem, or employing some form of artificial 

intelligence algortihms, such as the ones used by autonomous vehicles. These 

methods are out of scope of this thesis, but there is no reason why GENUS could not 

rely on a more sophisticated method for performance simulation. Furthermore, 

looking back at the example, the user should ask the question, that if the rocket 

system is more efficient than the turbojet, then what justifies the existence of the 

other propulsion system, as opposed to just relying on the more efficient system 

alone. There could be justifications of course, such as operational limitations (noise 

limit perhaps) or safety requirements (to enable powered landing after an aborted 

mission), which might not be accurately represented in the code. It is the 

responsibility of the user of the methodology to verify and understand the outcome of 

the simulation. 

In the following, the methodology and special features of the 5 phases are described 

in more detail. 
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4.2.7.3.1 Take-off 

The take-off part of the performance phase begins at the start of the mission, and 

ends, when the vehicle has reached a specific speed and altitude combination. 

Conventionally, this speed and altitude can be assumed as 1.2 times the stall speed 

and 122m (500 ft) altitude for aircraft-like horizontal take-off configurations. The 

amount of fuel burnt, including warming up, waiting for clearance, etc., can be 

estimated with a mass fraction of the fuel burnt, similar to aircraft. However in the 

case of hypersonic vehicles, the mass fractions tend to be significantly larger than 

conventional aircraft, and this should be factored in the fraction of fuel used during 

take-off. For purposes of calculating range achieved by the vehicle, the take-off 

distance is insignificant, and is ignored in the code. 

In the case of a classical rocket-type vertical take-off vehicle, a slightly different 

methodology is used. The reference altitude to reach is 122m, but the velocity is 

calculated based on the available thrust. It is assumed that a rocket type vehicle 

would attempt to ascend as quickly as possible to minimize gravity losses, thus the 

required thrust at take-off is the AUM of the vehicle multiplied by the maximum, 

allowable acceleration; 3g continuous for most man rated applications. Then the 

propulsion module calculates what the available thrust at this flight condition is, and 

that value is used to calculate the time taken to reach 122m altitude, and fuel burn. It 

is likely that a vehicle at AUM won’t be able to produce the maximum acceleration, 

as that would mean, that at later stages of ascent, when the vehicle has lost 

considerable amount of mass, the poweplants are oversized and they would need to 

be throttled significantly. Also having more powerful, and thus heavier, powerplants 

than required is a poor choice, as minimizing vehicle mass is essential for Space 

Launchers. 

4.2.7.3.2 Ascent 

The ascent simulation is probably the most important part of the hypersonic vehicle 

performance estimation. The reason for this is the fact, that there are significantly 

different ways a vehicle can climb, and reaching high cruising altitudes, let alone 

orbit, is not a trivial activity as in the case of a conventional airliner. It is important to 

represent the actual physics behind the vehicle’s behaviour in order to compare 

significantly different designs. In conventional aircraft or space launcher design, 

many simplifications are made at conceptual level. Usually aircraft tend to have low 

thrust-to-weight ratios, and thus rely on aerodynamic lift to climb and maintain flight, 

and generally fly at a low flight path angles. For this reason many design 

methodologies assume level flight and ignore the contribution from thrust to lift. On 

the other hand, launch vehicles usually simplify aerodynamic performance, by 

ignoring these forces acting on the vehicle. 

It is important to understand that unlike airliners, where there is a significant 

component of lift induced drag, the drag of a spacecraft comprises mostly of base 

and wave drag, and so it depends more on the volume and area of the vehicle, than 

the mass. This is important, as it means that the payload carried by the vehicle must 
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have strict volume limits in addition to mass limits. Furthermore, this means that 

some fuel types, especially liquid hydrogen and other low energy to mass ratio fuels 

could be disadvantageous despite their high specific impulse and good emission 

characteristics. 

Although not the only performance measure, one of the main parameters of a 

launcher is the total change in speed or ∆v it can achieve by burning all the fuel on 

board. Aerodynamic drag is often represented as a ∆v increment in addition to that 

required to reach a specific orbit. This atmospheric drag is often combined with the 

gravity drag to give a total ∆v increase. Gravity drag results from the fact that in 

addition to accelerating the spacecraft, we also have to resist the gravitational pull of 

Earth. As such gaining altitude and reaching the orbital speed as soon as possible is 

a preferred way to reduce these two drag components. From this respect a vertical 

launch vehicle seems more efficient than a horizontal take-off, because the flight 

path angle and acceleration is high, to leave the atmosphere in the shortest possible 

time, thus minimising gravity drag. This shows that the horizontal take-off 

configuration is only efficient if the lift to drag ratio is sufficiently high, to compensate 

for the additional time spent during the climb phase, and as such the increased 

gravity and aerodynamic drag losses compared to a vertical take-off vehicles. For a 

typical rocket launched to LEO, the atmospheric and gravity drag adds up to about 

1.5-2 km/s ∆v increment, compared to the 7.8 km/s baseline as calculated from the 

Tsiolkovsky rocket equation. It has also to be noted, that the aerodynamic drag 

losses account for up to around 10% of the total ∆v increment, and as such the 

gravitational losses are the dominant. [159.] 

It can be seen however that by assuming an amount of ∆v increment for 

aerodynamic losses, ignores the actual vehicle shape. Also, assuming ∆v for the 

gravity losses ignores the actual ascent path. Making this oversimplifications would 

in effect decouple the results of the performance module from the rest of the design 

methodology.  Such data would not be appropriate for the purposes of the design 

process, as for example when the optimizer changes the vehicle geometry to reduce 

drag, it would have no effect on the climb performance of the vehicle. In the case of 

a hypersonic transport, the issues with aerodynamic and gravity drag are not 

significantly different from the launcher vehicle, as a transport would also have to 

reach high altitudes to enable the hypersonic cruise. 

As a summary it can be said, that simplifying assumptions can be correct, however 

when one wants to compare the ascent performance of a vertical launched, rocket 

type vehicle to an aircraft-like horizontal-take off vehicle, none of them can be 

ignored.  

The ascent part of the hypersonic performance module is a common methodology to 

treat both Hypersonic Transports and Space Launchers. 
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The ascent is simulation follows the vehicle through a flightpath following a set of 

waypoints. There are options to set these waypoints in various ways, to generate 

significantly different ascent paths. There are several different waypoint definiton 

currently coded in the GENUS environment: 

 Constant dynamic pressure 

 Quasi dynamic pressure 

 Linear Mach-Altitude 

 STS ascent trajectory 

 X-33 ascent trajectory 

 Skylon ascent trajectory 

 Maximum nx 

 Read from text file 

 User defined 

The default method set in GENUS is constant dynamic pressure. This approach is 

the most commonly used method for launch vehicles at low altitude, where 

aerodynamic forces can’t be ignored, and many hypersonic concepts are designed 

with this assumption as well. Quasi dynamic pressure generates waypoints, where 

the altitude of each waypoint is calculated as a parabolic function between the final 

intra-atmospheric waypoint (ceiling for non-space vehicles), and the first waypoint 

(derived from take-off calculations. Finally the user defined enables the user to input 

any desired trajectory, and also lets the optimizer use the waypoints as variables. 

This can be used to achieve optimum trajectories, or investigate the effects of the 

“Mach-dip” at transonic speeds and so on. Figure 4-68 shows selected examples of 

the different waypoint specification methods. It can be seen, that the placement of 

the waypoints are by default biased towards regions of interest, such as after take-off 

and the transonic transition. The user can change the number of waypoints and the 

bias ratio to tailor the flight path. Note that while altitudes can drop, Mach numbers 

must monotonically increase in this version. 
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Figure 4-68: Different waypoint specification examples in GENUS 

This approach taken enables the designer to decouple the ascent method from the 

specified trajectory; the code will guide the vehicle through the set Mach-Altitude 

waypoints according to the selected logic (note the discussion about greedy 

methodologies before). This way new waypoint generation methods and guide 

methods can be both easily implemented in a modular fashion. 

If the trajectory of the vehicle leaves the atmosphere, or in other words, altitude 

exceeds a defined limit, usually taken as 122km, then the last segment of the ascent 

will simulate the space trajectory of the vehicle, where a different methodology is 

employed than in the atmospheric parts. 

It has to be noted, that the solution is very sensitive to the defined trajectory. The 

code does not make justifications about the validity or appropriateness of the 

selected waypoints, just try to follow them. Thus the first step towards performance 

analysis is always to make sure that a feasible ascent profile is defined. 

In the atmospheric part of the ascent, the performance analysis is calculated on a 

segmented trajectory, simulating piecewise ascent between two waypoints at a time, 

considering a constant flight path between two points. There is no attempt to 

smoothly blend the trajectories together at each waypoint, and there are no checks 

to ensure, that there are no unreasonable large forces generated when transitioning 

from one path to the next. 
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Take note that the guidance of a hypersonic vehicle is not a trivial problem, and even 

design books not address it in full detail from a transportation system point of view. 

In today’s launch vehicles, the crew of the vehicle has to go through rigorous training 

and preparation to be able to “ride” on the rocket. All secondary aspects such as 

flight comfort are completely ignored. If hypersonic transports are to be used in a 

similar fashion as today’s business jets, this approach is clearly unacceptable. 

However what is the correct amount of comfort and how can it be quantified is a 

complicated question.  

In this study, this problem is approached from two points of view. First of all, the 

vehicle must be safe for the crew and passengers, so the maximum accelerations 

are limited to the values set in the Mission module, in which the designer must take 

into account the purpose of the vehicle: unmanned or man rated. Second, from a 

guidance and flight comfort point of view, in the author’s opinion, the best option 

would be to fly along a trajectory where the normal acceleration az (head-to-foot 

direction in a conventional aircraft seating arrangement) of the vehicle is 0. Note that 

acceleration is not the same as the “n” used in aircraft design, which relates the lift 

generated to the weight of the vehicle. At sea level, in straight level flight, n of 1 

equals az of 0. However in the case of a vertical flying vehicle, weight acts in the 

longitudinal ax (stomach to back in a conventional aircraft) direction, and as such 

relating it to the lift generated would be inappropriate, as lift always acts normal to 

the flight path by definition. 

The matter is further complicated by the fact, that the weight of the vehicle changes 

with both altitude (reducing g) and speed (imaginary “centrifugal” acceleration), so 

what weight value would be used in n? If n is referred to the local g (including speed 

effects), then n=1 would mean that the vehicle is in equilibrium in the normal 

direction, and az is 0. From a crew or passenger point of view, this would still not 

equate to the same feeling as on sea level, as humans can only sense the force with 

which the vehicle reacts their weight, which is lower than in static sea level 

conditions. So providing the same feel as on the planet’s surface would result in a 

vehicle continually accelerating in the normal direction, which is perhaps not 

desirable. These effects are only significant at high speeds and high altitudes, but 

the problem will have to be solved if hypersonic travel becomes available to the more 

general population. 

The steps to simulate the performance between two waypoints in the trajectory are 

described in the following paragraphs. 

1. The code first calculates all the required values that stay constant during this 

step. An averaged value is used for speed, altitude and Mach number along 

the segment. As altitude is averaged, all atmospheric properties also refer to 

that constant altitude as well. The finer the resolution of the trajectory is, the 

less errors are produced by this simplification. 
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2. The relationship between the two waypoints is then checked. There are 3 

cases based on the relative location of the points: 

a. Constant speed 

b. Constant altitude 

c. Varying speed and altitude  

3. A new variable mVA is introduced, which represents the change of velocity 

over the change of altitude in this segment. This value is kept constant in the 

segment. As it can be seen, this justifies the categories described for the 

points, as in the case of a constant altitude segment, this variable is not 

defined. Formally it can be written, and further transformed as Equation 107. It 

also shows that there is a distinct connection between the acceleration of the 

vehicle and the flight path angle required to fly the trajectory 

𝑑𝑉

𝑑𝐴𝑙𝑡
= 𝑚𝑉𝐴 =

𝑑𝑉

𝑑𝑡

𝑑𝑡

𝑑𝐴𝑙𝑡
= 𝑎𝑥

1

𝑉 sin 𝛾
 92 

 

4. Using Equation 107, limits can be imposed on the available trajectories 

between the two points. Rearranging the equation and noting that 

mathematically, the sine function is always less than or equal to one, a limit 

can be written for the maximum allowable acceleration (including the limits 

from the Mission module): 

𝑎𝑥,𝑙𝑖𝑚𝑖𝑡 ≤ min (𝑉𝑚𝑉𝐴 ; 𝑎𝑥,𝑙𝑖𝑚𝑖𝑡−𝑓𝑟𝑜𝑚 𝑀𝑖𝑠𝑠𝑖𝑜𝑛) 93 
 

5. As it is not known what AOA, flight-path-angle and longitudinal acceleration 

combination would yield the best performance, more than one case has to be 

evaluated, and the best option chosen according to the chosen control logic. 

The main control parameter is the vehicle’s AOA. This is due to the fact, that 

calculating back the AOA from CL values in the case of non-linear 

aerodynamics is not trivial, and it might not even yield a solution, which could 

mean difficulties in the optimization process. However, for one AOA, it is 

always possible to determine the exact corresponding aerodynamic 

coefficients. 

6. Although it was mentioned, that 𝑎𝑧 = 0 would be the preferred control 

strategy, to provide the most terrestrial vehicle experience throughout the 

flight path. However although this would result in a comfortable journey, it 

would impose significant penalties on performance; even airliners climb at nz 

larger than one. For this reason, the described process is evaluated for 

various nz values. 

Also note that unless performing a specific manoeuvre, the lift generated by 

thrust is negligible, as alpha is small, so its contribution to lift is ignored. By 

applying the simplification and equating the acceleration to the prescribed 

𝑎𝑧 =
𝑛𝑧

𝑔0
, Equation 106 can be rearranged as: 
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[(𝑔 −
𝑉2

𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡
) cos 𝛾 + 𝑎𝑧]𝑚 = 𝐿 94 

Which means that within its validity limits, for every AOA, and thus lift, there is 

an exact flight path angle, where the vehicle can fly at that AOA. 

 

Figure 4-69: Possible ascent AOA and gamma limits 

Figure 4-69 demonstrates the concept of the validity limits. Regardless the 

flight path angle, lift is always positive (unless gamma is above 90 degrees, 

so the aircraft is flying upside down and backwards), so only that part is 

displayed. There are natural limits to the maximum alpha from aerodynamics 

consideration, such as the stall limit at low speed. This provides an upper 

bound for the considered AOA values. Also note, that at high AOA, the 

assumption that thrust does not contribute significantly towards lift is invalid. 

The flight part angle’s magnitude is limited from 0 to 90 degrees for obvious 

reasons, but its sign is determined by the relationship between the two 

waypoints. On the graph, only the positive branch is displayed. 90 degrees 

correspond to 0 lift, and 0 flight path angle is not allowed unless the two 

waypoints are at the same altitude, otherwise the vehicle would never climb. 

To facilitate this, in these cases a small, 1E-4 gamma is used as minimum. 

The possible range is also constrained by the waypoint constraints from 

equation 92, defining a maximum gamma. This means that in order to reach 

the next waypoint, above the limit gamma the vehicle would reach the next 

altitude before it could attain the required speed. Gamma is further 

constrained from below, by the largest AOA, which corresponds to the CL 

required to fly at level flight. The green region shows the final feasible angle of 

attack range. In extreme cases it could be possible that there is no feasible 

region, in this case, the waypoints have to be reconsidered to provide a valid 

trajectory for the vehicle. 
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7. The valid AOA range is divided into an arbitrary number of segments, and lift, 

drag and flight path angle is evaluated for each. The default value is 20. 

8. To establish whether the vehicle has enough thrust to fly the given 

trajectories, at each AOA, first the required thrust is calculated by rearranging 

equation 103, and using equation 92: 

𝑇𝑅𝑒𝑞 =
sin 𝛾  (𝑉 𝑚𝑉𝐴 + 𝑔) 𝑚 + 𝐷

cos 𝛼
 95 

 

The equation is not valid in level flight, in which case equation 109 simplifies 

to: 

𝑇𝑅𝑒𝑞 =
𝑎𝑥,𝑚𝑎𝑥 𝑚 + 𝐷

cos 𝛼
 96 

 

9. Using 𝑇𝑅𝑒𝑞 and the flight conditions (Mach and Altitude) now it is possible for 

the propulsion module to calculate whether the vehicle’s propulsion system(s) 

are capable of providing the required thrust, and if yes, return the best 

distribution between the propulsion systems, based on its logic. Refer to 

Chapter 4.2.3 for the discussion on the propulsion module. 

When the available thrust (𝑇𝐴𝑣) is calculated it is possible to determine 

whether the vehicle has enough thrust to fly at the given AOA-gamma-ax 

combination. If yes, the code will note that it is a feasible AOA, if not, then its 

feasibility is false. The criteria to decide is the difference between 𝑇𝑅𝑒𝑞 and 

𝑇𝐴𝑣. For algorithmic purposes, to consider round-off errors a default 100N 

tolerance is built in to the check. 

In the case of level flight, as it is assumed, that the vehicle attempts to 

accelerate with the maximum allowed acceleration, even an unfeasible flight 

case could be “recovered”. As long as the available thrust is larger than 

𝐷 cos𝛼⁄  there could be positive acceleration, and thus 𝑎𝑥,𝑚𝑎𝑥 can be reduced 

to: 

𝑎𝑥 =
𝑇𝑅𝑒𝑞 cos 𝛼 − 𝐷

𝑚
 97 

 

This equation ensures a feasible flight case at this AOA. After evaluating all 

the selected AOA the code steps to the next 𝑛𝑧 value in the loop, generating a 

matrix of results. 

10. After determining the feasibility of the flight cases at each AOA, the “best” 

option is selected based on the defined control strategy. There are two main 

different control strategies for ascent; climb with minimum fuel burn or in 

minimum time. The first option is the preferred method for airliners and 

transports, although note that the ideal trajectory can often not be flown due to 

air traffic control, weather or similar real world constraints. The second option 
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is important for military aircraft, such as fighters, which have to responds to 

threats quickly. As the cost of space access is still very high today, it could be 

predicted that the vast majority of launchers and transports would follow the 

minimum fuel burn path, however as it was mentioned, a swift response 

capability can justify the additional costs associated with the minimum time 

approach. In extreme cases, the two trajectories might even coincide, as 

ascending quickly reduces gravity losses. 

11. After the actual trajectory is chosen based on the control strategy, the fuel 

tracking logic steps in. The logic compares the remaining fuel to the amount 

that would be used between the two waypoints. If there is enough fuel, the 

remaining fuel mass is updated based on the thrust outputs, and the 

calculated time between the two waypoints. If there is not enough fuel, the 

algorithm will calculate the actual altitude-speed combination that is reached 

by using up all of the limiting fuel. When fuel is mentioned, it includes both 

fuels and oxidizers if applicable. 

As the propulsion module works with the powerplants which can still function, 

by updating the fuel and the list of usable powerplants (those without 

propellants can’t function anymore), the evaluation loop is repeated, to see if it 

is still possible to fly the trajectory. This ensures that just because the vehicle 

would run out of a more efficient fuel, it might be still able to finish its mission 

with a less efficient. The methodology works for an arbitrary number of 

propulsion systems and available fuels and oxidizers. 

12. If it is impossible to fly the trajectory between the waypoints, for example lack 

of available lift, thrust or fuels, the ascent algorithm terminates, and returns 

the information up to the segment where it’s impossible to continue. This then 

will drive an error indicator that can be used by the optimizer to constrain or 

optimize for ascent performance. 

Provided that the trajectory can be flown, and all the fuel-oxidizer information 

is updated, then the algorithm continues with the next ascent segment, and 

the procedure is repeated from step 1. 

 

13. If the next waypoint would take the vehicle above the defined boundary of 

space (122 km) then from that point, the next ascent segments are evaluated 

assuming rocket-type ascent, using a Hohmann-type transfer. In this case a 

∆𝑉 target is established to reach the next (and usually final) waypoint in the 

ascent trajectory: 

∆𝑉𝑇𝑎𝑟𝑔𝑒𝑡 = ∆𝑉𝐼𝑛𝑗𝑒𝑐𝑡𝑖𝑜𝑛 + ∆𝑉𝐼𝑛𝑠𝑒𝑟𝑡𝑖𝑜𝑛 + ∆𝑉𝐿𝑜𝑠𝑠 98 

∆𝑉𝐼𝑛𝑗𝑒𝑐𝑡𝑖𝑜𝑛 = √
2𝛾𝑀𝐸𝑎𝑟𝑡ℎ(𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖)

(𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖+ 𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖+1)(𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖+1)
 99 
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∆𝑉𝐼𝑛𝑠𝑒𝑟𝑡𝑖𝑜𝑛 = √
2𝛾𝑀𝐸𝑎𝑟𝑡ℎ(𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖+1)

(𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖+ 𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖+1)(𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝑖)
 100 

 

Where ∆𝑉𝐿𝑜𝑠𝑠 includes the gravitational and steering losses during this 

segment of the climb, as at 122 km altitude the vehicle is normally not in 

circular orbit (what the Hohmann equations assume). Note that because the 

vehicle is counted as being in space, there is no more drag. This assumption 

is valid for short duration analysis, if the vehicle’s long duration behaviour 

(months, years) was studied at that altitude, there would be a significant 

amount of drag at 122 km. The loss term is a simplification at conceptual 

level, as the actual orbital trajectory the vehicle is going to assume is often not 

known at this stage, and a space launcher’s trajectory is defined to reach the 

specific orbital insertion point. 

14. Once the ∆𝑉 target is specified, the method determines which propulsion 

systems are capable to function at all. In this version these are either ascent 

or combined (ascent + OMS) type rockets. Using these available powerplants 

(also taking into account the remaining amount of fuel) the available thrust is 

calculated by the propulsion module in the exact same fashion as for the 

aircraft mode. The requested thrust is calculated based on the allowable 

maximum acceleration. As long as the available thrust is not 0, the flight 

condition is considered valid, and an equivalent rocket exhaust velocity ue is 

calculated for the combination of propulsion systems used. 

15. Using the exhaust velocity, calculated SFC, the final vehicle mass at the end 

of the ascent segment can be calculated using the Tsiolkovskij rocket 

equation as: 

𝑚𝑇𝑎𝑟𝑔𝑒𝑡 = 𝑚𝑆𝑡𝑎𝑟𝑡𝑖𝑛𝑔𝑒

∆𝑉𝑇𝑎𝑟𝑔𝑒𝑡

𝑢𝑒,𝑒𝑞𝑢𝑖𝑣𝑎𝑙𝑒𝑛𝑡  101 

 

16. Fuel consumption is checked similar to aircraft mode, and if there is not 

enough fuel to achieve the required ∆𝑉, then the ∆𝑉 increase will be 

calculated when the limiting fuel (or oxidizer) is all consumed, speeds and 

altitudes reached updated and the procedure repeated. Note that altitudes are 

updated assuming the same percentage increase as between the starting and 

final speed values do to ∆𝑉. Similarly to the aircraft mode if the vehicle can’t 

achieve the required speed-altitude combination set by the waypoint, the error 

indicators are produced.  

17. If there are more orbital segments, the procedure will continue to the next, 

otherwise the vehicle has reached its target, and the ascent algorithm is 

finished. 

The described ascent methodology is shown in Figure 4-70. 
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As an addition in the GENUS module, diagnostic information is also added to the 

ascent performance estimation. So in the case the vehicle fails to reach the specified 

waypoint, the user has information, whether this is due to the lack of lift, fuel, thrust, 

etc. The diagnostic information is included in the results of the module, which can be 

viewed in text format. 

 

Figure 4-70: GENUS Hypersonic ascent methodology 

4.2.7.3.3 Cruise or Orbital phase 

When the vehicle has achieved its target altitude and speed, the cruise or orbital 

phase of the mission begins. This phase is usually the focus of the mission, however 

different specialist applications might not cruise at al. For example many space 

tourism concepts, such as the Lynx or the SpaceShipOne, plan to perform a “space 

jump”, effectively meaning, that when the vehicle reaches its ceiling, it stops, and 

begins to fall back afterwards. Another type of specialist application might be a re-

entry test vehicle, or vehicles that are modified in orbit before they return. However 

the majority of the configurations do cruise or perform the specified orbital 

manoeuvres. 

Definitions are used in this study, to differentiate between cruise and orbital 

manoeuvres. When a vehicle is cruising, it relies at least partially on aerodynamic lift 

to sustain its altitude. When the vehicle is considered to be in orbit, it must be relying 

solely on its velocity to sustain its altitude. The user can freely choose between these 

two methods in the GENUS hypersonic performance module, and the program 

makes no judgement on the decision. Thus if unrealistic requirements are set for a 

vehicle, for example cruise at 400 km or maintain orbit at 12 km, the code will still 

attempt to simulate the mission, but the user has to verify, whether these outcomes 

are sensible. 
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If a cruise-type mission is assumed, the code will simulate flight, until the vehicle is 

capable of flying or the amount of fuel left in the vehicle reaches a set reserved 

amount. The outcome of the simulation is range achieved, with constant speed and 

constant altitude flight. The simulation divides the cruise into a set number of 

segments based on the vehicle’s mass, and for each segment, a modified version of 

Breguet’s range equation is used. The segmentation is important for hypersonic 

vehicles, due to their high fuel fractions; as the range equation uses an “averaged” 

mass value to calculate lift, drag, and SFC, a high fuel fraction means that there are 

more significant changes in the vehicle’s mass during cruise, thus the average mass 

used is less representative, and introduces significant errors into the results. 

Sectioning helps reduce this discretisation error: theoretically infinite number of 

sections would provide the accurate results. The default number of division is 10 in 

GENUS. 

The Breguet range equation is modified to represent the change in weight due to 

high altitudes and speeds. While the value of the gravitational acceleration only 

reduces to 74.7% at 1000 km, to about 88% at ISS orbit (roughly 400km), and only 

to 96.3% at the edge of space, it could have an effect, especially when combining 

this effect with the high speeds. Thus when factoring these effects into the vehicle’s 

weight, the Breguet range equation is modified as: 

𝑅𝑎𝑛𝑔𝑒𝑆𝑒𝑐𝑡𝑖𝑜𝑛 =
𝑉 𝐿

𝐷⁄

𝑔0𝑆𝐹𝐶
ln(

𝑚𝐼𝑛𝑖𝑡𝑖𝑎𝑙 (𝑔𝑙𝑜𝑐𝑎𝑙 −
𝑉2

𝐼𝑛𝑖𝑡𝑖𝑎𝑙

𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝐶𝑟𝑢𝑖𝑠𝑒,𝐼𝑛𝑖𝑡𝑖𝑎𝑙
)

𝑚𝐹𝑖𝑛𝑎𝑙 (𝑔𝑙𝑜𝑐𝑎𝑙 −
𝑉2

𝐹𝑖𝑛𝑎𝑙

𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝐶𝑟𝑢𝑖𝑠𝑒,𝐹𝐼𝑛𝑎𝑙
)

) 
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Where lift is calculated as: 

𝐿 = (𝑚𝐼𝑛𝑖𝑡𝑖𝑎𝑙 + 𝑚𝐹𝑖𝑛𝑎𝑙) (𝑔𝑙𝑜𝑐𝑎𝑙 −
𝑉2

𝑅𝐸𝑎𝑟𝑡ℎ + 𝐴𝑙𝑡𝐶𝑟𝑢𝑖𝑠𝑒
) 

 

103 

 

Note that in Equation 102, if constant velocity and altitude cruise is assumed, the 

additional weight change terms can be simplified, but they are still represented in the 

lift term. The Initial and Final index refers to the initial and final point of the current 

section. Also note that the range should be projected to 0 altitude to get ground 

distance covered. The output of the simulation is the cruise range and time, with 

detailed breakdown for each section, including lift, drag, etc. data. The calculated 

total range is then compared to the requirement set in the Mission module, and an 

error indicator generated, which can be used to constrain or as an objective in the 

optimization process. 

In the case of an orbital vehicle, the mission simulation is much simpler. It is 

assumed, that the orbital phase actually takes place in orbit (so no drag, etc.) The 

code calculates how much ∆𝑉 can be achieved by using up all the remaining 
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propellants (excluding reserves). If there is more than one possible system to use, 

the systems are assumed to be used sequentially and independently, going through 

the systems in the order of specification (set in the Propulsion Specification module). 

The equation to calculate the achievable ∆𝑉 can be written as: 

∆𝑉 =
𝑇ℎ𝑟𝑢𝑠𝑡

�̇�𝑓𝑢𝑒𝑙+𝑜𝑥
ln (

𝑚𝐼𝑛𝑖𝑡𝑖𝑎𝑙

𝑚𝐹𝑖𝑛𝑎𝑙
) 
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This ∆𝑉 is then compared to the requirement set in the Mission module, and an error 

indicator generated to drive the optimization process. Note that the specified ∆𝑉 

should include all manoeuvres in orbit, including the deorbit burn. In order to treat the 

orbital performance of the vehicle in more detail, more information would be required 

on the actual orbits and missions, something that is often too detailed or not 

available at conceptual level design studies. 

4.2.7.3.4 Descent 

The descent simulation, unlike the ascent and cruise, is simulated in the time domain 

as opposed to the between waypoints sequential used for the previous two. The 

reason for this is the fact, that during re-entry and descent, there is usually little 

control required (or possible), and the trajectory of the descent depends on the initial 

conditions and the angle of attack. In this study the initial conditions are: 

 Mass 

 Flight path angle 

 Velocity 

 Altitude 

As a simplification AOA is set by the user and is kept constant during descent. As 

per the usual conventions, descent begins at 122 km (400000 ft) or at the specified 

cruise/orbit altitude whichever is the lowest. The mass of the vehicle is calculated by 

tracking the fuel burnt in the previous steps, and is held constant during the descent. 

This is a fair assumption, as propulsion systems are usually not active during 

descent, and the RCS if applicable does not use so much fuel to have significant 

effect on the mass of the vehicle. The descent simulation terminates when either the 

speed or altitude reaches a set value, usually assumed to be the speed and altitude 

combination from where the vehicle can be safely controlled and landed. Table 4-17 

shows these speed and altitude combinations for various events at a general Space 

Shuttle mission. 
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Table 4-17: Space Shuttle Interface Events (data source: [187.]) 

Position Altitude [m] Speed [m/s] Distance from runway [m] 

Deorbit burn 282000 7360 20865000 

Entry interface 122000 7194 No Data 

Maximum heating 70000 6722 2856000 

Exit blackout 55000 3700 885000 

Terminal Area Energy 
Management 

25300 660 96000 

Approach and landing 3048 189 12000 

Initiate Preflare 533 157 3200 

Complete Preflare 41 138 1079 

Wheels Down 27 119 335 

Touchdown 0 96 0 

 

In this methodology, the descent simulation stops at 4000m altitude or 200 m/s 

speed whichever is reached first. The default simulation time step is 5 seconds, and 

1% fuel reserve is assumed. If the simulation does not finish, it also terminates after 

500 steps (default value) so if it’s running as part of an optimization process, it would 

not hold up the execution of the rest. This is important, because for some initial flight 

path angle is chosen, the aircraft can skip and bounce back on the top of the 

atmosphere and might never re-enter. This phenomenon is used by some concepts, 

for example by Sanger’s original Silbervogel antipodal bomber. Boost-glide vehicles 

also rely on this skipping phenomenon to achieve longer cruise range. Figure 4-71 

show an example Space Shuttle derived vehicle’s re-entry and descent performance 

simulated for various initial flight path angles. The “skipping” tendency on the altitude 

can be seen clearly. As the model does not take the rotation and curved nature of 

the Earth into account, it is not completely physically accurate, but it shows the trend 

of change in the descent performance by varying the initial flight path angle. Note 

that the code does not limit the acceleration to which the vehicle is subjected; rather 

the maximum values from the simulation are checked with the limit acceleration 

values specified in the Mission module. Thus the sharp curves in the high angle of 

attack cases will be severely penalized in an optimization process for violating the 

acceleration constraints. 
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Figure 4-71 Example re-entry and descent trajectories and heat load curves generated by GENUS 
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Heat flux is calculated from the power at each time step, assuming the ECF based 

on the bluntness of the body. The reference area is taken as half of the vehicle’s 

total surface area as an approximation. The maximum heat flux values for moderate 

(up to 2 deg) re-entry angles show good agreement with Adams’s simulations peak 

heat flux values. His maximum heat flux at 2.5 degrees is 120 Btu/ft2sec, equivalent 

to 1363000 W/m2. Note that he uses more simplified models, and slightly different 

entry conditions. His graph is shown in Figure 4-72. 

 

Figure 4-72: Shuttle maximum heat flux example data (source: [188.]) 

For verification, Adams’s figures were compared to NASA published data, and the 

altitude and AOA and speed curves are found to be in good agreement. NASA Data 

is shown in Figure 4-73. 

 

Figure 4-73: STS-5 Reentry trajectory (source: [189.]) 
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The distance covered during descent, projected to the Earth’s surface, is also 

calculated and added to the vehicle’s cruise range. This is important, as gliding from 

high altitudes with high speed can add significant range. Including the data shown, 

the following are calculated, and can be plotted: 

 Time [s] 

 Altitude [m] 

 VTAS [m/s] 

 AOA [deg] 

 Flight path angle [deg] 

 Heat load [W] 

 Heat energy absorbed [J] 

 Total heat absorbed [J] 

 Range covered [m] 

 Mach [-] 

 Dynamic pressure [Pa] 

 Lift [N] 

 Drag [N] 

 Nx [-] (referred to sea level g) 

 Nz [-] (referred to sea level g) 

4.2.7.3.5 Landing 

Landing performance is estimated only for horizontal landing vehicles. While there 

are concepts landing vertically, the vast majority of hypersonic designs use the 

horizontal landing method, especially since today’s infrastructure, airports, are 

designed to serve this form of landing. 

Landing calculations assume a 𝑉𝑎 = 1.43𝑉𝑆𝑡𝑎𝑙𝑙 landing approach speed. How this 

speed is reached between the end of the descent and start of landing is not 

rigorously evaluated, this falls into the procedure of terminal area energy 

management, and it has to be studied in more detail at later design stages. 

The equations used to calculate the landing performance are taken from Howe’s 

aircraft design methodology. The landing ground distance equation can be written 

as: 

𝐿𝐿𝑎𝑛𝑑𝑖𝑛𝑔 =
25.55

tan 𝛾
+ 4.5𝑉𝑎 + 0.0255𝐿𝐿𝑉𝑎

2 
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𝐿𝐿 = [
1

(
𝜇𝑔

0.38)
+

5.59

{(
𝜇𝑔

0.38) + 1.2 (
𝑇

𝑀𝑔)
0
(
𝑀0

𝑀𝐿
)}

+ 20.6 tan 𝛾] 
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Where: 

 𝜇𝑔: braking coefficient 

 𝛾 : descent flight path angle 

 (
𝑇

𝑀𝑔
)
0
: Static installed thrust to mass ratio, to account for reversed thrust 

 (
𝑀0

𝑀𝐿
): Landing to take-off mass ratio 

Typical value for braking coefficient is 0.38 for conventional aircraft. Furthermore the 

equations assume a 0.15g flare, a touchdown speed of 0.9 𝑉𝑎, a 3 seconds delay 

before the brakes and other devices are applied. 6% distance reduction is included 

in the equation to account for aerodynamic drag. These data are based on historical 

conventional aircraft and might require adjustment to better represent hypersonic 

vehicles. 
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4.2.8 Stability and control 

4.2.8.1 Introduction 

Stability and controllability are two characteristics of the vehicles regarding the 

response of the vehicle to outside disturbance (stability) and internal control 

(controllability). Acceptable controllability is always a required characteristic, while 

too much stability can be sometimes undesirable. This is due to the fact, that a too 

stable airplane would always try to resist changes to its state, thus would make 

control very difficult. 

For aircraft, stability is divided into two categories: static and dynamic: 

 Static stability deals with the vehicle’s immediate response to a disturbance: 

o Statically stable vehicles’ initial reaction is to counter the disturbance 

that caused its state to change, and start to return to its original 

condition 

o Neutrally stable vehicles have no reaction to disturbances, rather 

assume a new neutral position 

o Statically unstable vehicles initial reaction to disturbances is to amplify 

the disturbance, thus they would start to diverge from their original 

condition 

 Dynamic stability deals with the vehicles final response to the disturbance 

o Dynamically stable vehicles eventually return to their original state after 

the disturbance. Their response is a damped harmonic response. 

o Dynamically neutral vehicles do not return to the original state, rather 

end up in an undamped harmonic response after the disturbance 

o Dynamically unstable vehicles diverge from the original state after the 

disturbance. Their response is a damped harmonic response, with 

negative damping. 

A vehicle can have any combination of the static and dynamic stability, but to design 

a vehicle, that is possible to fly for a human pilot, it should be both statically and 

dynamically stable. Flight control systems can make an unstable (or neutrally stable) 

aircraft handle like a stable vehicle, provided enough control authority is present. 

Similarly, dynamic characteristics can be changed by active damping, such as the 

Dutch-roll suppression on many airliners. 

4.2.8.2 Stability and control of hypersonic vehicles 

Eventually, both stability and control characteristics come down to the same 

question: how much power is available, or how much power the designer is willing to 

give to the flight control systems, or in other words what is the control authority. 

Many everyday examples show that given enough power, naturally unstable 

configurations can be made usable. One such example is the inverted pendulum, 

shown in with its probably most known application, the Segway. 
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Figure 4-74: Analogies and abstractions of the inverted pendulum (source: [190.]) 

Dynamic systems can be represented in frequency domain by their closed loop 

transfer function, which show the connection between the inputs (disturbances) and 

the system’s (vehicle’s) response in terms of gain and phase. Note that there are 

requirements towards the system to be displayed, such as linear (or linearized) 

behaviour, causality, etc. but an aircraft’s behaviour in a given flight condition about 

a fixed state can usually be dealt with using linear systems theory and the transfer 

function. 

The transfer function in frequency domain is represented by the following way: 

𝐻(𝑠) =
𝑁(𝑠)

𝐷(𝑠)
 107 

 

Where: 

 𝑁(𝑠): Numerator polynomial 

 𝐷(𝑠): Denominator polynomial 

 𝐻(𝑠): Transfer function 

The transfer function can take various forms, but for aerospace vehicles with flight 

control (including the pilot), the system’s transfer function would include some form 

of feedback loop. The location of the poles (root locus) of the transfer function are 

the zeroes of the denominator polynomial. Figure 4-75 shows the root locus 

positions for a simple aerospace vehicle model, a missile longitudinal stability model 

(without flight control. The two independent state variables of the vehicle are it’s 

angle of attack and flight path angle (thus the 2 pole model). The figure qualitatively 
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shows the stability characteristic of the missile vs the overall pitching moment 

coefficient. 

 

Figure 4-75: Root locus of 2 pole system: missile longitudinal stability 

When 𝑀𝛼 is larger than 0 (red, unstable case), the system has 2 real poles, one of 

them is positive, which causes the instability. The neutral stability case (green) is 

when one of the poles is 0, and in the stable case (blue), the real component of the 

pole is negative. 

The reason why the pole positions determine the system’s (vehicle’s) stability can be 

seen when the system is looked at in time domain. A system’s response to a signal 

in time domain can be written in the following general form: 

𝑦(𝑡) = 𝑓(𝑒𝑧𝑖∙𝑡) 108 
 

Where: 

 𝑦(𝑡): response 

 𝑧𝑖: i
th complex pole of the system  
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And mathematically, it can be written: 

𝑒𝑧𝑖∙𝑡 = 𝑒𝐴∙𝑡(cos(B ∙ 𝑡) + 𝑖 ∙ sin(B ∙ 𝑡)) 109 
Where: 

 A: is the real component of the complex pole 

 B: is the imaginary component of the complex pole 

If t is taken as infinity, It can be seen, that A affects the stability of the system, if A<0, 

the response magnitude converges to 0, if A = 0, the response magnitude does not 

change with time, and if A > 0, the response magnitude reaches infinity. 

For simple cases, it can be shown, that the location of the poles are the sole function 

of Mα, the whole aircraft pitching moment vs angle of attack slope. Thus by showing, 

that this slope is negative, the longitudinal static stability of a vehicle can be assured. 

However, as stability increases, more and more power is required to control the 

vehicle, as its response to return to its original state (the definition of stability) will 

increase. For classic aircraft design, semi-empirical recommendations exists for “just 

the right amount” of longitudinal stability, most often prescribed in terms of the 

vehicle’s static margin. 

The static margin of a vehicle by definition is the following: 

𝑆.𝑀.=  −
𝜕𝑐𝑀

𝜕𝑐𝐿
 110 

 

For conventional vehicles, at conceptual level, this equation is further simplified. 

There are a number of assumptions that are made, these are the following: 

 The aircraft flies at low angle of attack 

 The flight path angle is 0 or low 

 The thrust vector does not change direction, and has a negligible moment arm 

 Linear, subsonic aerodynamics are assumed 

 Z location of the CG and NP is assumed to be on the FRL 

Using all these simplifications, the static margin can also be evaluated as: 

𝑆.𝑀.≈ 𝐶. 𝐺.𝑚𝑎𝑟𝑔𝑖𝑛 =  
𝑥𝑁𝑃 − 𝑥𝐶𝐺

𝑐̅
 111 

 

There are other measures  to characterize the amount of stability for an aircraft, such 

as the “stability index”, however, these are not always standardized, and issues can 

arise from different interpretation. Figure 4-76 shows the F-4 Phantom II’s regions of 

stability based on its CG position and stability index. There will be no further 

discussion of the stability index in this work. 
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Figure 4-76: F-4 Phantom II stability index vs CG position (source: [191.]) 

The concept of static margin can also be extended to missiles and rockets, in which 

case it is the non-dimensional distance between the CP and the CG, non-

dimensionalized by a reference diameter. Ultimately if the static margin is within a 

semi-empirically derived range during conceptual design, the vehicle is deemed to 

be stable, with desirable control characteristics. This value for conventional aircraft is 

usually quoted between 5 and 40%. According to Zavatson [192.], static margin for a 

trainer aircraft is around 20%, while 10% can be taken conservatively if some degree 

of pilot skill is assumed. For the F-16C he lists 1% static margin. Different 

configurations such as a blended wing-body airplane might have a static margin as 

low as 1.5%, according to de Castro [193.]. High performance fighter aircraft and 

modern missiles are designed to have low positive static margin at launch, as this 

aids manoeuvrability compared to large static margins. Because of this, they rely on 

the guidance and flight control system for stability. Also, these high-manoeuvrable 

vehicles can be designed with negative stability margin, an example is a the boost-

glide missile investigated by Cole and Ambramovitz as early as 1952 [194.]. 
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For missiles, rockets, and generally hypersonic shapes, however static margin is not 

necessarily that useful measure. Coleman and Faruqi [195.] states that the stability 

of hypersonic vehicles (using active control cannot be assessed purely from the 

static margin alone. Fine [196.] conducted research on flight path stability of 

planetary re-entry vehicles, for various atmospheres, with static margin values 

between 0.1 and 10-5, and concluded, that the practical static margin can go as low 

as 10-3 to provide robust stability, and negligibly small effect of disturbances. Even 

until values as low as 10-4 the flight path stability was acceptable, without major 

deviations, as shown in Figure 4-77. 

 

Figure 4-77: Effect of static margin (Kn) on flight path stability (source: [196.]) 

Dale and Newman [197.] tested missiles in wind tunnels to obtain static stability 

characteristics. They have measured the possible NP and CP locations for a missile 

at various attitudes. An extract of their results is shown in Figure 4-78. What can be 

seen, is that opposed to conventional aircraft, the neutral point is a not at a constant 

position, rather changes non-linearly with alpha. While they quote that for static 

longitudinal stability, the CG “obviously” sic, has to be in front of the NP, there is no 

mention of the amount of static margin recommended for good handling. 
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Figure 4-78: Centre-of-pressure and neutral-point positions (source: [197.]) 

Johnson et al [198.], also investigated stability and control of wave-riders. They’ve 

concluded that the static margin is not a valid indicator for these vehicles, and rather 

phase and gain margin requirements should be set for their response behaviour. 

Jackson [199.] quotes 6 dB gain and 30º phase margin as a common target value for 

guided missiles. For the X-43A, Bahm et al. [200.] lists 6 dB gain and 45º phase 

margins at design to provide the required stability, performance and robustness in 

both nominal and off-nominal conditions. 

However, the process of determining frequency response is more complicated than 

what’s usually appropriate at conceptual levels, since their proposed method takes 

the first bending frequency of the fuselage (missile body) into account as well, 

something which is not commonly evaluated at conceptual level. Similarly, as 

Hodges shows [201.], along an excellent review of work done in missile and rocket 

stability, a missile’s thrust, along with the previously mentioned structural stiffness, 

also has a significant effect on the stability characteristics. 

There are various ways to achieve the required longitudinal stability characteristics 

for a vehicle. Conventional aircraft primarily rely on stabilizer surfaces, both 

horizontal and vertical, along with the stabilizing effects of sweep and dihedral (or 

anhedral for high wings) of the wings. There are additional methods, however. 

To stabilize rocket-type shapes (and spacecraft), they often rely on spin-stabilization. 

This works on the gyroscope’s principle that a spinning object tries to resist changes 

to its axis of revolution. Spin stabilization is often used on space launchers, some 
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rockets and most spacecraft, it is not a feasible or desirable option on conventional 

aircraft, although the effect should be taken into account on (turbo)propeller driven 

aircraft and helicopters. 

Reaction control is also used on hypersonic vehicles, sometimes augmenting 

aerodynamic controls, sometimes as the sole means of control. Reaction control will 

be discussed in more detail later in the chapter, however, it should be noted, that 

reaction control is primarily used to trim or control the attitude of the vehicle, as 

opposed to provide stability, as reaction control thrusters that provide the required 

authority to trim a large vehicle are usually impossible to actuate quickly and 

precisely enough to provide stability. Low-thrust RCS systems on spacecraft can 

provide stability, as they can be pulsed to achieve short, very precise thrust, however 

it is better for a spacecraft to rely on spin stabilization than RCS, as the first one 

does not consume propellant.  

For hypersonic aircraft, the effects of the wide speed range mainly concerns the 

change in lift distribution, and thus the position of the aerodynamic centre, the 

change of effectiveness in control authority of the control surfaces and the 

aeroelasticity effects. When the aerospace vehicle accelerates from subsonic to 

supersonic speeds, the aerodynamic centre travels rearwards, thus altering the 

stability characteristics.  

 

Figure 4-79: Aerodynamic centre position with changing Mach number for various aspect ratio and 

sweep (source: [202.]) 
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To maintain the stability characteristics over the speed range, there are some 

options available. Aerodynamic surfaces can be employed, which can produce 

changes in the overall pitching moment slope, such as in the case of F111, variable 

sweep wings. Additionally, centre of gravity shift can be employed, by pumping fuel 

to trim tanks, such as on the Concorde, shown in Figure 4-80.  

 

 

Figure 4-80: Concorde CG limit variation with Mach number (source: [203.]) 

Maintaining the stability margins is a delicate problem for hypersonic vehicles, as the 

large engines required to produce the large amount of thrust are usually mounted in 

the back, resulting in an aft CG position, which often results in trim and stability 

problems. Furthermore, the significant change in fuel quantity (over 90% of total 

mass) also shifts the CG (usually backward towards the heavy engines), further 

complicating the issue. As a guidline, according to Sadraey [204.] for conventional 

large transport aircraft, the most forward CG is usually at 7% and most aft is 35% 

MAC (although he quotes 50% for the Tu-154). For general aviation, the range is 

about 5-20% forward, and 20-40% aft location. 
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Figure 4-81: HOTOL (top) and Skylon (bottom) engine position comparison 

 

The best example for this, is the case of CG too rearwards due to the powerplants 

are the HOTOL and Skylon vehicles. The original stability problems with the HOTOL 

were mitigated by placing the engines at tips of the stub wings, instead of the rear of 

the spacecraft. [205.] Both vehicles are shown in Figure 4-81. 
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Figure 4-82: X-33 pitching moment and elevon authority as a function of AOA and Mach number (source: 

[206.]) 

As it can be seen in Figure 4-82, the authority of the control surfaces generally tends 

to drop as the Mach number increases, which makes the control of the aircraft at 

high speeds increasingly difficult. Sometimes however, as it can be seen at negative 

deflection angles, the efficiency of the control can improve. While the actual effect of 

Mach number change to the controls has to be evaluated for quantification, the 

change in effectiveness must be expected at every stage of the design 

nevertheless.. Also, the second of the two issues mentioned, with increasing altitude, 

density reduces thus aerodynamic surfaces become progressively less effective. To 

counter this problem, most of the vehicles are installed with a reaction control 

system, which not only augments the control power at high speeds, but also enables 

attitude corrections outside the atmosphere. The available RCS propellants can be 

cold gas, fuel and oxidizer ignited or hypergolic fuels. On small spacecraft reaction 

control systems are usually operated by releasing inert gases such as nitrogen or 

helium or other gases such as methane. Larger vehicles, such as the X-15 uses 

hydrogen-peroxide [207.] while some proposed configurations such as the HL-42 

burns liquid methane with oxygen in the reaction control systems. The Space Shuttle 

uses Monomethyl Hydrazine and Nitrogen Tetroxide RCS system [208.]. The 

drawbacks of using an RCS are the added weight and complexity for the system as 

a whole. RCS systems comprise nozzles, control valves, fuel tanks (with fuel), 

insulation, structural supports, which all add to the overall mass, complexity. The 

Space Shuttle has 12800 kg of propellant on board (shared between the OMS and 

RCS) and the RCS system total mass is 1276 kg [210.]. 

Aeroelasticity and general structural deformations are also of great interest, due to 

the high performance requirements, and the many unknowns in hypersonic 

aerodynamics, the aircraft must operate close to the design point in order to maintain 

controlled, efficient and safe flight. This means, that the structural deformations 

allowed tend to be smaller than for a subsonic vehicle. The problem is further 

complicated by the addition of thermal effects due to friction. These aero-thermo-



185 

 

elasticity calculations still pose a great challenge to engineers and, and usually 

require considerable computational power to solve, and thus are usually not done at 

conceptual level. Also, for some vehicles, specifically the Space Shuttle or the 

Buran, the heat shield for atmospheric re-entry is made of ceramic material, and the 

elastic behaviour of the vehicle is the reason for the thousands of independent tiles 

used on the Shuttle, contributing towards the extremely high maintenance costs. 

Also for powered vehicles, it’s important to investigate, the effect of structural 

flexibility on the propulsion system. According to Soloway et al [209.], vehicles with 

overall length exceeding 100 ft, the vehicle forebody exhibits significant flexural 

deflections, which in turn affects the inlet flow, thus the thrust and moment balance 

of the vehicle. Airbreathing hypersonic vehicle propulsion systems (most often 

scramjets) usually generate large amount of pitching moments due to the deflection 

of airflow at the intakes, which also has to be taken into account for control system 

design. 

Ultimately, to decide, whether the vehicle satisfies stability and control requirements, 

the question is whether the control authority allocated at the conceptual design 

phase is adequate for the given configuration. Kay et al. [211.] published an 

overview dealing control authority issues in conceptual design for subsonic aircraft. 

The control authority has to be high enough to meet the specific requirements set in 

the relevant specifications, such as EASA CS-25, FAR-25 or MIL-STD-8785C, and 

so on. For example MIL-STD-8785 [212.] poses a limit on longitudinal stability, that 

in pitch, the reaction of the aircraft to a disturbance must be longer than 6 seconds 

till double amplitude. However, there are other parts, for example transonic pitch 

response, which are less clearly defined, the standard requires the following: “any 

divergent airplane motions or reversals in slope of pitch control force and position 

with speed are gradual and not objectionable to the pilot”. 

Yaw and roll stability of a vehicle is dealt with following the same principles, however 

the lateral motions are strongly coupled together, and cannot be looked at 

independently. These motions together are commonly referred to as lateral or 

directional stability Note for missiles and rockets, these lateral stability simplifies, as 

these vehicles usually have two planes of symmetry and thus their behaviour is 

usually independent of their roll angle. 

The basic phenomenon of lateral/directional stability is the sideslip response; the 

tendency of the vehicle to “turn into the wind”, concerning with pure uncoupled yaw 

response due to side wind. It is also referred to as “weathercock” stability. The 

following features of the aircraft affect the lateral stability: 

 Vertical stabilizer: aids directional stability if positioned behind the CG. It can 

have many forms, single or double vertical tail, T-tail or H-tail when combined 

with the horizontal stabilizer, or winglets. 

 Thrust position: the powerplants’ thrust can have major effects on the lateral 

stability of the vehicles, for conventional shapes, an “engine-out” case is often 
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the dominant condition in vertical stabilizer sizing. For propeller driven aircraft, 

the spiralling slipstream of the propeller introduces additional coupled rolling 

moments. Also, puller propellers are generally destabilizing, why pushers are 

stabilizing. As it was mentioned before, propellers are not relevant for 

hypersonic vehicles 

 Dihedral effect: the tendency of the aircraft to roll in or away from a sideslip is 

due to the dihedral effect. This effect is not only generated by the geometric 

dihedral of the wing, but also by sweep, wing location on the fuselage and 

aerodynamic forces acting on the rest of the aircraft (especially the vertical 

tail). This is a coupled yaw/roll behaviour of the vehicle. 

 Sweep effect: similar to dihedral effect, a backwards swept wing in sideslip 

provides a stabilizing roll moment along with a stabilizing yaw moment. 

Usually this yaw moment is small compared to the vertical stabilizer’s 

contribution to directional stability. However unlike the geometric dihedral, 

there is no dihedral effect from sweep at 0 lift. 

 Keel effect (pendulum effect): high wing airplanes exhibit lateral stability, as 

the high wing is over the CG, thus the aircraft effectively “hangs” below the 

wing, and provides a stabilizing effect, akin to a ship’s keel, hence the name. 

 Roll due to yaw rate: Aircraft in yaw and in manoeuvres such as banked turns 

produce additional rolling moments do to its yaw rate. The reason is that one 

side of the aircraft will experience higher wind speeds as its yaw rate is added 

to the wind, while the other side sees wind speed reduction. This effect is 

increased with increasing yaw rate and wingspan. 

 Dutch roll: an aircraft’s directional stability, dihedral effect and roll due to yaw 

rate determines its lateral-directional dynamic behaviour, usually referred to 

as the Dutch roll. The phenomenon is most pronounced on swept-wing 

aircraft, and it’s hard for pilots to suppress, as it is a relatively low period 

oscillation. In today’s aircraft, especially airliners, yaw damping is provided by 

the flight control system actuating the rudder, to suppress Dutch roll. 

 Spiralling: spiral stability characterizes whether an aircraft would roll into or 

out of a turn without control intervention. Spiral instability can lead to spiral 

dive (spiral divergence), which is a dangerous condition that can overload the 

structure or result in ground collision. The requirements towards spiral 

stability, directional stability, and Dutch roll characteristics are contradictory, 

as a result generally aircraft are designed with high directional stability, Dutch 

roll is usually suppressed by the flight control system, and they are often show 

spiral instability. This instability is usually not a problem, as the time to enter 

the divergent spiral is long, and pilots can usually detect the onset and apply 

corrective measures. 
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4.2.8.3 Stability in GENUS 

In the GENUS design environment, the Stability and control module for hypersonic 

vehicles is designed to evaluate basic longitudinal stability characteristics. 

The stability module takes its inputs from the performance, aerodynamics and 

packaging module. The question to answer is whether the aircraft is stable in the 

given flight condition in the given mass and CG configuration. As it was described, 

for conventional aircraft, the measure of this stability is expressed in terms of the 

static margin, or even more commonly as the CG margin. However, as it was also 

described, these numbers might not be meaningful for unconventional 

configurations. This is due to the following features: 

 Conventional aircraft use MAC as the reference length to non-dimensionalize 

moment coefficients and to calculate the CG margin. Thus, recommended 

values based on conventional configurations are not necessarily valid in the 

case of a wingless vehicle for example. 

 Hypersonic aerodynamics is non-linear, so a different static margin can be 

calculated for every AOA (assuming linearized small disturbances) 

 Low AOA and low flight path angle approximations are not necessarily valid, 

for example during orbital re-entry and vertical climb, respectively 

 Aerodynamic coefficients change considerably with Mach number over the 

flight regime  

Taking all these into consideration, it can be seen, that although longitudinal stability 

of the vehicle can be determined by taking the sign of the 
𝜕𝑐𝑀

𝜕𝑐𝐿
  derivative (negative = 

static stability), the amount of stability and controllability cannot necessarily be 

deducted from this number alone for advanced configurations. In the hypersonic 

stability module, the −
𝜕𝑐𝑀

𝜕𝑐𝐿
 derivative, or the static margin is evaluated for the 

individual flight conditions, and provided as output variables, that can drive the 

optimization process, but it is the responsibility of the knowledgeable user, to 

understand the true meaning behind the value, and whether it ensures the desired 

stability and control characteristics. In future versions of the code, the inclusion of 

dynamic characteristics, along with lateral stability can provide more information, 

however stability is rarely the main showstopper for hypersonic concepts, and as 

such it is usually not in the focus of conceptual hypersonic vehicle design. 

The output from GENUS shown in Figure 4-83 shows an example of a Space Shuttle 

derived vehicle stability evaluations at 2 different flight conditions: after horizontal 

take-off and start of descent. 
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Figure 4-83: Example stability evaluation output from GENUS 

What can be seen is that during re-entry, the vehicle is stable at low hypersonic 

speeds at high angle of attack, with 6.8% static margin. However it can also be seen 

that at low subsonic speeds this Space Shuttle derived configuration is unstable. 

This is due to the fact, that the Shuttle was not designed for horizontal take-off on its 

own power, nor was it designed to carry its fuel supply on-board. Furthermore, the 

space shuttle uses a special modified reflex camber aerofoil that aids longitudinal 

stability, similar to a (quite forward placed) horizontal tail. The official designation of 

the Space Shuttle aerofoil is changing from NACA 0010 (mod) to NACA 0012-64 

(mod) along the wingspan [213.]. This special aerofoil is not represented in the 

current version of the GENUS geometry modelling, nor can it be directly transferred 

to Digital Datcom for aerodynamic performance estimation in this version. 
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Figure 4-84: Space Shuttle FE model showing wing station 240 (source: [214.]) and other wing section 

airfoils (source: [184.]) 

The author is not aware of existing sources publicly available that would describe the 

aerofoil of the Shuttle, but from Figure 4-84, one can qualitatively asses the small, 

but important difference between a standard, and the shown reflex camber aerofoil. 

Taking this into account, the knowledgeable user of the GENUS program can 

decide, whether subsonic static stability is a feature that is definitely required from 

the configuration, or in later stages of the design it can be implemented by other 

means that do not alter the conceptual geometry of the vehicle, such as the reflex 

camber or additional systems such as flight control, or CG shift.  
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4.2.9 Systems 

Hypersonic vehicles utilize systems very similar to those that are found on other, 

more conventional aircraft with the exception of a few system performing specialist 

tasks. In this discussion only these uncommon, specialist systems are addressed. 

The reason behind their omission is twofold. First, apart from subtle but important 

differences, these systems can be designed using well proven methodology 

available for conventional aerospace vehicles. The differences include operation in 

extreme environments, such as the vacuum of space, extremely high and low 

temperatures, radiation, lack of gravity and so on. These conditions necessitate the 

use of more sophisticated systems: advanced heat management, pressure vs gravity 

fed lubrication systems, lubricants with different cavitation pressure, and so on. 

Which leads the discussion to the second point, and that is the aim of systems 

design at conceptual level.  

Unless a system has major effect on the global performance of the vehicle, at 

conceptual level the prime interest are only its mass and volume requirement. The 

additional sophistication of these systems is usually present in the cost estimation of 

the vehicle, if performed. 

Below is a list of specialist systems that are used on hypersonic vehicles: 

 Avionics: avionics systems intended for hypersonic vehicles are not different 

from those found in today’s aerospace vehicles. Novel concepts however, 

such as modular architecture and integrated vehicle health management 

should be incorporated in any new design. The main issue with avionics 

equipment is the time required to test and validate new concepts, potentially 

taking years. It is not impossible for avionics equipment to be obsolete on the 

day of the vehicles first flight. Modular architectures could resolve some of the 

issues associated with aging, however certification of a modular system is an 

even more challenging than conventional systems.  

Communications and navigation systems are important for any, but absolutely 

essential for space faring vehicles. The extreme conditions offer some unique 

challenges, such as the use of GPS or other positioning system in space or 

the communications “blackout” during atmospheric re-entry. The Space 

Shuttle suffered roughly 16 minutes of communications blackout between 80-

85 and 40-50 km altitude[215.]. There are studies underway to mitigate the 

“blackout” promising concepts include change of shape (nose radius), use of 

quenchants (water and electrophilics) and use of magnetic field window 

[216.]. Hypersonic transports could suffer similar problems due to the plasma 

and ionized flow generated at high hypersonic speeds. 

 Propulsion: Propulsion is discussed separately in chapter 4.2.3 Propulsion. 

 Reaction Control System: with increasing altitude, density drops, and also the 

effectiveness of the control surfaces. Above a certain limit, the aerodynamic 

control surfaces do not generate sufficient aerodynamic force to provide 

manoeuvring capability for the vehicle. For this reason hypersonic vehicles 
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utilize small rockets as attitude control systems. This RCS is used to restore 

or augment the vehicle’s manoeuvring capacity. The common types of RCS 

are the following: 

o Hypergolic propellants 

o Monopropellants 

o Cold gas 

RCS are described in more detail in chapter 4.2.3 Propulsion. 

 Secondary power: refers to all the power generated on-board the vehicle not 

used for propulsion. Hypersonic vehicles generate secondary power very 

similarly to today’s aerospace vehicles, the main difference is due to the fact 

that it is not always possible to bleed power from the primary (propulsive) 

systems; it is not as straightforward to attach a generator to a rocket engine 

than to a turbofan engine. For this reason, power is usually generated by 

APUs or in the case of long duration space missions, by fuel cells. Fuel cells 

tend to be very clean and efficient, but fairly heavy, so their use must be 

justified by the mission. Similarly to today’s trend in airliners, hydraulic and 

pneumatic systems are avoided in new concepts if possible; all-electric 

secondary power seems to be the future. 

 Thermal Management: depending on the payload, the vehicle needs to 

maintain a range of temperature and pressure, especially if there are human 

occupants. Traditional aircraft rely on Environmental Control Systems to 

maintain the required pressure, temperature, humidity, etc. environment in the 

cabin. In the case of an exo-atmospheric vehicle, a Life Support System is 

required to maintain a habitable environment. It is not only humans who 

require environmental control; other payload (experiments, equipment, food, 

etc.), on-board systems, mainly avionics, and even structures require thermal 

management. In the case of structures, the system is referred to as Thermal 

Protection System. These systems are essential for the safety and integrity of 

both payload and the vehicle. For more detailed discussion on cabin 

environment, refer to chapter 4.2.10.3 Cabin Environment, while TPS is 

discussed in chapter 4.2.5.4 Thermal protection systems. 

 Landing gear: landing gear technology required to land hypersonic vehicles is 

available today, however not without imperfections. For example the Space 

Shuttle used four Michelin [217.] 44.5x16.0-21 34 ply, 263 mph tyres on the 

main landing gears and two Michelin 32x8.8, 20 ply 250 mph tyres on the 

nose landing gears. The tyres were filled with nitrogen to 340 psi (main) and 

300 psi (nose). The caveat is that the tyres had to be replaced after each 

landing (2 landings for the nose landing gear tyres). Such maintenance 

requirements would be unacceptable if hypersonic flight is to become 

comparable to today’s airliners. However note, that the Space Shuttle’s tyres 

had to be as light as possible to enable it to carry more payload to orbit; this 

requirement would be much less constraining for a sub-orbital vehicle.  
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There are further two discussion points regarding special landing gear 

requirements for hypersonic vehicles. First, as the vehicle can have very high 

fuel fraction, about 90% or above for SSTO launchers, there is a contradiction 

between sizing a light landing gear that can land the vehicle and providing 

support for the extreme AUM of these vehicles. Launching vertically might 

alleviate this problem, however that brings additional considerations regarding 

the size of propulsion systems, crew and passenger access, maintainability 

and safety to name just a few. In the case of a horizontal launch vehicle, the 

equivalent ground pressure can also be an issue: although the landing gear 

and tyres can be sized to withstand the high loads of a fully loaded vehicle, 

most of the current airport infrastructure is not. Not being able to operate from 

airports would place serious limitations on the marketability of transports, and 

the vehicles would probably share the Concorde’s fate.  

The second point is regarding the placement of the landing gear on more 

unconventional configurations. Landing gear positions on a caret wing or 

other waverider shapes is not a trivial problem and most concepts don’t deal 

with the issue. Even on simpler configurations, placement of the landing gear 

can not only significantly affect the CG position of the vehicle, but placing 

them too far apart can impose additional structural mass and  control 

problems during take-off. Placing them too close could result in unacceptable 

stability during landing or during ground operations.  

To summarize, while the technology is available, landing gear design can 

prove to be a challenge for hypersonic vehicles. 
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4.2.10 Environmental considerations 

Due to the special nature of hypersonic flight, the very high level of technology 

involved, and especially its strategic value to the military, environmental concerns 

are usually less important than other aspects of the design. However the 

environmental issues not only concern local emissions (both pollutants and noise) by 

the aerospace craft, but also the effect on the global climate, the cabin environment, 

sustainability and sonic signatures. 

4.2.10.1 Global Environment 

According to the technical summary by Barker et al [218.] the aerospace sector 

contributes to 480 Mt/year CO2 emission (2000), which is about 2% of all 

anthropogenic CO2 emissions. Also along with the rest of the transport industry, they 

are responsible for small amounts of CH4 and N2O emissions from fuel combustion 

and fluorinated gases from air-conditioning. Although this percentage is low, 

considerable amount of these emitted pollutants are expelled at high altitudes, which 

can have amplified effect, even water vapour contributes to the greenhouse effect at 

high altitudes. 

It has to be noted that the current space launch vehicles use different fuels and thus 

some of them emit additional pollutants. Liquid fuelled rockets mostly use cryogenic 

hydrogen and oxygen, which emit only water vapour, which have the aforementioned 

effect. There are many concepts for hydrocarbon based or tri-propellant liquid 

rockets, for which emissions are somewhere between that of pure hydrogen and 

pure hydrocarbon based propulsion. Solid fuels however, in addition to the fuel and 

oxidizer, include additional components, such as fine aluminium powder to increase 

the specific impulse of the propulsion system, bonding and stabilizing agents, etc. 

These additives, either in burnt or unburnt forms have further adverse effects on the 

global environment. 

Due to the initial low number of hypersonic vehicles they are estimated to contribute 

only a minor part in the emissions at a global scale. 

4.2.10.2 Local Environment 

The effect of a hypersonic vehicle on the local environment depends significantly on 

the launch and landing method the vehicle utilises and also on the fuel used. As 

there are many approaches, each will be briefly discussed. 

The “classical rocket” launch method or vertical take-off is almost exclusively used 

for today’s launches, except for a small amount of air launched vehicles. This 

method places demanding requirements on the launch site: from the point of engine 

ignition throughout the lift-off and the following few seconds, the powerplants are 

utilizing maximum power, producing tons of exhaust gases per second. In addition to 

the gases, solid particles such as black carbon (soot) are also expelled from the 

engine (in the case of hydrocarbon fuels). These particles, in addition to their climate 

changing roles at higher altitudes, are also carcinogenic, posing a possible health 
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hazard to humans. The final emission type, which is of great concern during a 

vertical launch, is the acoustic emission. Due to the considerable power of the 

engines, some sound damping medium must be used to prevent damage to the 

spacecraft, the launch site or, the often sensitive payload. This is normally done by 

injecting large masses of water into the exhaust of the rocket. However even with 

such a mitigating step, the launch site must be located in an uninhabited area to 

prevent human injury and damage to property. The large volume of water used could 

also have detrimental effects on the local environment. 

The other method, the horizontal launch, is utilised every day by aircraft across the 

globe. Aerodynamic lift on aircraft usually requires less thrust than a comparable 

vertical rocket launch due to their glide ratio or L/D ratio. A modern airliner such as 

the B737 or A320 has an L/D of about 16, while a more blunt shape, such as the 

Space Shuttle, is about 4.5, and lifting bodies can be just marginally over 1. When 

relying on aerodynamic lift to sustain flight, a vehicle only has to produce thrust force 

equivalent to its drag. As L/D values for these vehicles are in excess of 1, it can be 

seen that less thrust is required when relying on aerodynamic lift than when the 

vehicle’s whole weight is supported as thrust force, as in the case of vertical take-off 

vehicles. Furthermore, as the exhaust is not confined to the space under the craft as 

in vertical launch mode, the acoustic emissions would be less problematic, it would 

be more akin to a large commercial airliner. Concepts such as aerial refuelling and 

two or more stage to orbit vehicles deal with the emission issues by igniting the main 

engines at an altitude after refuelling or separation (respectively). This would enable 

the vehicle to produce emission levels that would be unacceptable at ground level. 

As far as landing is concerned, winged vehicles are able to fly or glide to selected 

airports (spaceports), while vertical landing craft have to fire retrorockets before 

landing, which have a similar effect to take-off but, due to the much lower landing 

weight, not as powerful. Alternatively the vehicles can land using parachutes, and/or 

splashdown in water. The vehicles’ cross-range characteristic is an important 

measure, showing what range the vehicle can cover after re-entering the 

atmosphere, so appropriate landing sites can be selected. In practice a re-entry area 

is calculated, allowing the vehicle to navigate once in the atmosphere. 

More exotic concepts such as sea, magrail or gas gun launch have their advantages 

but the changes in emission characteristics are usually of lower priority.  

4.2.10.3 Cabin Environment 

For a hypersonic vehicle it is of paramount importance that the structural mass is 

minimised, as this has a snowballing effect on the fuel required and greatly affects 

the overall mass of the vehicle. As a result, producing a vehicle with cabin pressures 

and temperatures where no additional protective equipment is needed to survive 

(also known as a “shirt-sleeve environment”) needs a very good reason to justify the 

additional mass added to the vehicle: extra structural weight to sustain pressurization 

and extra air conditioning/life support systems. Depending on the application this 
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might be justified, for example a vehicle designed for long duration space tourism, 

while a military spacecraft is more likely to utilize protective suits for the crew or 

passengers. It is also questionable, whether the vehicle needs a crew at all (see the 

autonomous flight of Buran or X-37 for an argument supporting this choice). 

Choosing a human rated vehicle poses multiple constraints: the maximum 

continuous acceleration has to be limited (usually to 3g [219.]), which requires a 

variable rocket throttle resulting in a more complex propulsion system. Also the crew 

and passengers, and sensitive equipment must be insulated from both the heat of 

the propulsion systems, direct sunlight, re-entry, and the cold of the upper 

atmosphere or space. In addition to this, increased reliability and abort capability is 

required. For full list of NASA’s human rating procedures, refer to NPR 8705.2B 

[220.]. 

Another source of hazard to humans, which must be mitigated, is the increased 

amount of radiation. While some part of this can be anticipated, and thus avoided 

such as the Van Allen belt, there are others which occur fairly randomly such as 

solar wind and cosmic rays. To protect against this latter category, the vehicle must 

have adequate absorption capability built into the walls, either as exotic structural 

materials or additional layers (materials with high hydrogen concentration such as 

polyethylene or water), both of which increase structural mass and volume resulting 

in a higher overall all-up-mass. The radiation intensity will increase with altitude, so a 

sub-orbital hypersonic transport would require less protection than a vehicle 

designed for space use. The current recommended maximum radiation rate for 

aircrew by the FAA (and the EU) [221.]  is an average of 20mSv per year on a five 

year average, not exceeding 50mSv in any single year. Comparatively, a short-haul 

flight results in 1-3 μSv per hour, while a supersonic high altitude cruise such as the 

Concorde reached up to 12 – 15 μSv per hour. According to NASA, the exposure 

limits for astronauts are 50 rem annually [222.] (1 rem is equivalent to 0.01 Sv), with 

a limit to 25 rem per 30 days. It can be seen, that this amount is 25 times higher than 

the limits and, as such, requires mitigating steps if hypersonic high-altitude flight is to 

become as widespread as today’s airliners.  

Another component of the cabin environment is the pressurisation. The Space 

Shuttle was designed to maintain a nominal cabin pressure of 14.7 psi (1 bar sea 

level pressure), or a minimum of 8 psi in case of emergencies. It has to be noted that 

before EVA, the cabin pressure was decreased to 10.2 psi, to reduce the risk of 

decompression sickness. [223.] Space suits on board the Space Shuttle (EMUs) 

operated at 4.3 psi (30 kPa), the advanced EMU at 8 psi (55 kPa) [224.], while the 

Russian Orlan space suit at 5.8 psi (40 kPa) [225.]. The International space station 

also maintains a sea level pressure on board [226.]. Depending on the mission of the 

Space Launcher, this pressure could be lowered, although the effect of long 

exposure to low pressure on the crew’s health must be kept in focus. Generally, 

people suffer from hypoxia at (pressure) altitudes of 4500 m and over when 

breathing in air; for comfortable breathing a maximum pressure altitude of about 
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2500 m is ideal. It is possible to breathe in oxygen enriched air up to 13km pressure 

altitude, but above that altitude breathing becomes impossible, even in pure oxygen 

environments. A compromise has to be found between comfortable environment and 

the structural stresses and fatigue issues introduced by a higher cabin pressure. 

Astronauts on board the ISS suffer from muscle and bone mass loss during the 

mission duration, as all the muscles that have to constantly work and resist gravity 

on Earth are not stimulated in weightlessness. Also calcium absorption and exposure 

to sunlight, thus vitamin D levels are lower in space [227.]. Rigorous training regimes 

and vitamin supplements are used on board the station to minimize this effect and 

keep the astronauts in good health. As a general rule the combined muscle and 

bone mass loss is about 1% for every month spent in space, thus it is unlikely that 

this is going to be a major issue for a Space Launcher, however missions with 

extremely long durations will have to take this into account. 

4.2.10.4 Sustainability 

Since hypersonic flight is still at a low technology readiness level, sustainability is 

usually of secondary priority, which could be studied in more depth, once vehicles 

are operating. On the other hand, a vehicle designed with sustainability in mind 

would be desirable from the onset to lower the environmental impact of the 

hypersonic industry. 

An area where sustainability must be considered carefully, is the choice of 

propellant. Today’s high speed aircraft and rockets utilise either hydrocarbon-based 

fuels (mainly kerosene), cryogenic hydrogen and oxygen, or solid fuel. The 

detrimental effects of these propellants are well known, but accepted by today’s 

society. Fossil based hydrocarbon fuels have a limited predicted availability, and 

seem to be a less cleaner energy source than hydrogen and oxygen. There have 

been many experiments with different fuels, such as Boron-gel high density fuel or 

Methycyclohexane. The problem with these is that the exhaust products are highly 

toxic, and thus they do not offer a sustainable alternative for large scale use as 

compared to fuels with more benign emissions such as hydrogen. 

An additional aspect is the manufacturing and maintenance of the vehicles. Being 

such high-technology systems, it is very likely, that they would incorporate exotic, 

complicted to manufacture, and in some case environmentally unfriendly 

components, and fabrication methods, such as composites or block machined alloy 

parts. End of lifecycle issues also occur, as safe disposal or recycling of composites 

is still not a fully developed process. Also many parts are potentially contaminated or 

plated with environmentally hostile materials, such as cadmium.  This seems to be 

inevitable at this stage, perhaps with further improvements in material, 

manufacturing and recycling technology and considerably more experience, they 

could be mitigated. 
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4.2.10.5 Sonic signatures 

The current practice of launching spacecraft utilises strict range safety rules to 

prevent any damage to the surrounding population and objects. For this reason, the 

launch locations are usually chosen at remote locations, either near the ocean or 

sea, or in an uninhabited area. To date there has been no damage associated with 

the launch or re-entry of space objects due to these range safety requirements and 

careful planning. 

Launching from a remote location also means, that the issues associated with the 

sonic-boom are less of a concern than, for example, a civil airliner. However, 

enabling future hypersonic craft to fly over populated areas would give considerable 

operational benefits, resulting in large scale economic improvements. 

At the dawn of supersonic flight, the allowed maximum overpressure was limited to 2 

pounds per square foot for climb, and 1.5 pounds per square foot for cruise [228.]. 

For more recent vehicles, according to the NASA Dryden Flight Research Center 

publication, Table 4-18 shows the measured overpressures at supersonic speeds: 

Table 4-18: Supersonic sonic overpressures 

Aerospace vehicle Mach number [-] Altitude [ft] Overpressure [lb/ft2] 

SR-71 3 80,000 0.9 

Concorde 2 52,000 1.94 

F-104 1.93 48,000 0.8 

Space Shuttle 
(landing approach) 

1.5 60,000 1.25 

 

Public reaction can be expected from overpressures of 1.5-2 pounds per square foot, 

while values in the range of 2-5 would cause minor damage to structures on the 

ground, depending on the structural state of the structure. It also it has to be noted, 

that the above shown data are valid only for cruise.  Manoeuvres or unevenness in 

the ground could result in a significant increase of this overpressure. Seasonal 

changes in the Earth’s atmosphere also have an effect on the perceived sonic boom.  

A hypersonic vehicle, such as the Apollo 15 at re-entry (Mach 15.62) generates an 

overpressure of 0.223 psf, which is significantly less than that of the supersonic 

vehicle data. This is mainly due to the altitude at which the spacecraft was flying. 

Figure 4-85 shows a comparison between wind tunnel measurements and measured 

data at a condition of M 4.57 at 110,304 ft during re-entry. It can be seen, that the 

maximum overpressure measured was as low as 0.418 psf. 
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Figure 4-85: Overpressure characteristic of Apollo 15 re-entry (source: [229.]) 

Similar measurements were made for the Apollo 16 re-entry, where a maximum 

overpressure of 0.418 psf was measured at M 9.71 (and reproduced in the wind 

tunnel). In the case of Apollo 16, overpressure values were measured during launch 

as well, ranging from 0.87 to 2.8 psf [230.], although it has to be noted that the high 

values are mostly due to the large rocket exhaust plume and the ground-focus 

effects, and as such are characteristics of a vertical take-off vehicle. This 

overpressure can cause damage to buildings in poor structural condition, but poses 

no health risk to humans. 

Several measurements were made for the Space Shuttle missions, beginning with 

STS-1 on 12 April 1981, a total of 26 flights were documented. During take-off values 

between 0.4 psf (pre- and post-focus region) and 6.81 psf (focus region) were 

measured, while during re-entry 0.1 psf (243,000 ft) to 2.32 (ground level) were 

obtained. [231.]  

Estimations were made about predicting the sonic boom signature of massive 

objects such as the Mir space station during re-entry (M 24.79). According to 

simulations the near-field pressure increase was 6.54 psf, with an estimated 0.183 

psf pressure rise for each individual module after breaking up in the atmosphere. 

Unfortunately no measurements could be made during re-entry, the only resource is 

a descriptive definition by CNN cameraman Hugh Williams  [232.].  
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As a conclusion it can be said, that the sonic boom signature of a hypersonic vehicle 

is more critical at lower Mach numbers and altitudes, but not significantly different 

from a large supersonic aircraft, and as such the steps to mitigate the negative 

effects could be similar. As an added benefit, due to range safety, current launch 

sites and spaceports are situated in remote areas, where the sonic signature is less 

concerning. 

4.2.11 Certification 

In the case of aircraft, authorities such as the European EASA or the US FAA 

provide a set of airworthiness specifications, which must be met if the vehicle is to 

use the airspace governed by these authorities. For spacecraft there are no 

international standards in existence about certification requirements and procedures. 

This is mostly because there are very few in existence, and up to recently, there 

were no civilian projects reaching anywhere near the stage of certification. The 

matter is further complicated by the fact, that no countries have legal claim over 

space, and as such specifications issued by a national agency might not be 

acceptable by other nations. This is especially important, as unlike conventional 

airspace users, a vehicle entering the atmosphere does not have an option not to 

travel through the airspace of other countries. Legal issues arising from this might 

lead to complications in future certification procedures, and can have political 

consequences. 

There are steps taken to provide means of certification for this emerging class of 

vehicles but the approach taken to solve the legislation issues are different. From the 

EASA’s point of view [233.], aerospace vehicles, that generate aerodynamic lift 

during their ascent fall into the airplane category defined by the ICAO Chicago 

convention, and thus must be certified under the EASA CS regulations. This 

definition excludes rockets, as they rely on the reaction force of the exhaust rather 

than lift from the atmosphere. The United States adopts a different approach to 

public space activity. The congress signed the Commercial Space Launch 

Amendment Act in 2004, giving power to the FAA to regulate commercial human 

spaceflight activity. By 2006, the FAA published its rules for public spaceflight [234.], 

setting standards and minimum requirements for acquiring a launch licence. Launch 

licensing is significantly different to the certification approach, as in the licensing 

case, the responsibility rests on the operator, whereas in the case of a certification, it 

belongs to the certifying authority. NASA has also compiled technical standards and 

evaluation criteria for its Commercial Crew Program[235.]. 

Normally type certification is meant for aircraft produced in larger series. In the case 

of hypersonic vehicles, especially during the early phases, there might be only a few 

vehicles produced of a specific type, or maybe even just one. In this case, going 

through a long type certification procedure would not be desirable. Although the 

EASA offers the possibility of issuing a Restricted Type Certificate for special 

purpose vehicles, for the above reasons, commercial space companies might not 

want to take that route. For a small series, a Restricted Certificate of Airworthiness 
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could be issued, based on Specific Airworthiness Specifications, but in order to 

maintain continuous airworthiness, the EASA would not favour this approach. The 

final option available today by the EASA is the Permit to Fly, but this excludes 

commercial operations and complex aircraft, so it would only be available for flight 

testing. 

Licensing with the FAA is a different procedure. Anyone wishing to launch, operate 

or re-enter a space faring vehicle within the United States, or any person or entity 

local to the states must apply for a license or permit. A decision is usually made in 

120 days for permits and 180 days for licenses [236.]. An experimental permit 

requires less paperwork, but no property or human being may be carried for 

compensation or hire and permitted launches are not eligible for indemnification 

[237.]. Initially Virgin Galactic has been flying their vehicles with FAA experimental 

launch permits, but has finally received a Commercial Launch License for 

SpaceShipOne [238.]. 

4.2.12 Flight testing and prediction methods 

Reusable hypersonic vehicles represent a great step towards improving safety and 

reliability by allowing incremental testing of the vehicle. Although the component 

testing on the ground is similar for both types of vehicles, a reusable vehicle offers 

the chance for flight testing. It is essential to conduct this step, as tests done in wind 

tunnels are based on dimensional analysis, and it is impossible to match each and 

every condition due to limits in size, etc.Figure 4-86 shows typical flight corridor and 

wind tunnel capabilities. Even so, CFD models must be validated, for which flight 

testing is the only appropriate method at whole aircraft scale. At hypersonic speeds, 

even the more basic theories have to be validated due to the extreme flight 

conditions. 

 

Figure 4-86: Existing ground test capabilities for hypersonic development
 
(source: [239.]) 
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Flight testing of a vehicle usually follows the following steps: 

 Captive-carry, unpowered 

 Captive-carry, powered 

 Free-flight, unpowered 

 Free-flight, powered 

These steps will ensure that the flight regime is explored incrementally. For a given 

vehicle not all steps might be applicable, for example a test aircraft with scramjet 

engine can’t be operated while mounted on a subsonic carrier aircraft, but is 

perfectly fine when launching a rocket carried test article. The test vehicle does not 

necessarily have to be full-sized, sometimes captive tests are conducted using 

scaled down test articles. For hypersonic vehicles, there is still no global consensus 

on the acceptable scale, especially for scramjet propulsion systems. Aircraft 

mounted tests are usually conducted up to M3, while rockets can reach very high 

Mach numbers. 

Free flight can be achieved by either aerial or similarly assisted launch or self 

powered take-off, the latter normally happening at later stages of the testing. Free 

flight is the only way to accurately assess and validate the aerodynamics, structural 

and propulsion models generated during the design process. Performing free flight 

from assisted launch not only requires attachment, but also safe release 

mechanisms, requiring the carrier vehicle to be even more complex. As a benefit, the 

test vehicle can perform its own mission at the given flight conditions, alleviating the 

need for the carrier aircraft to perform the same manoeuvres. 

Conducting a flight test just for the sake of flying is not the goal; meaningful data has 

to be collected during the flight. This process is not trivial, as the conditions during a 

hypersonic flight usually involve severe heating, acoustic load, oxidising atmosphere, 

ionised gas and local plasma conditions. The high temperatures result in chemical 

and/or physical changes in the measuring systems and structures, which can 

adversely affect the accuracy of measurements. Installing sensors are also 

challenging structurally, as they have to be bonded or fastened to the structure, with 

adequate strength, but they should not alter the stiffness or thermal integrity of the 

surrounding structure or intrude and alter the field of measurement. Adding the 

sensors, their support structure, cooling, etc. would also add mass, complexity and 

take away precious volume from the vehicle. Figure 4-87 shows the instrumentation 

of the Sharp Edge Flying Experiment 2 (SHEFEX 2). 
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Figure 4-87: SHEFEX2 instrumentation (source: [240.]) 

Measuring the data in itself is still not enough, it has to be recorded on-board and/or 

transmitted to ground stations. Data signals from measurements also have to be 

processed and conditioned, possibly real-time, while the signals could have very 

high sample rates over thousands of parameters. Planning this is especially crucial 

when data is just transmitted and not recorded as the telemetry system has limited 

bandwidth to transmit data. Transmitting the data requires antennae, which in 

addition to the structural challenge of mounting them have to overcome the 

difficulties of transmitting through potential plasma sheets or tracking the ground or 

satellite based receivers at high speeds. 

Figure 4-88 highlights how essential in flight testing is, compared to predictions. The 

graph shows the infamous Space Shuttle body flap trim issue. Essentially it shows, 

that during high Mach numbers (10+) the body flap was very close to its maximum 

deflection to provide sufficient longitudinal trim, as opposed to the predicted low 

deflections. 
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Figure 4-88: Longitudinal trim characteristics from STS-1 (source: [241.]) 
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4.2.13 Additional modules 

This section of the research provides an overview of additional modules that can be 

taken into consideration when designing hypersonic vehicles. Why these modules 

are not discussed in more detail is due to the fact that at conceptual level there is 

usually not enough information to meaningfully evaluate these characteristics, unless 

the conceptual design process is specifically tailored to include these modules. 

Nevertheless, it is good practice to introduce these aspects of design into the vehicle 

at the earliest stage possible. 

4.2.13.1 Reliability 

Reliability is crucial if hypersonic flight is to become an everyday activity. According 

to Parkinson [242.], today (1999) the probability of failure of a launch lies between 5 

and 12%, which is unacceptably high for a future transportation system. Also due to 

this high failure probability, insurance cost can reach up to 20% of the cost of a 

satellite launch. It can be seen from this, that in addition to the obvious benefits of 

increasing reliability, there is a strong economic advantage as well. 

The main barrier to increasing reliability is the current mode of space launch. 

Expendable launchers, due to their nature do not allow for incremental testing of 

their systems, everything has to work for the first time. Most of the launch vehicles 

do not have abort capabilities either, meaning any failure during launch will lead to 

the loss of the vehicle, payload and the crew. New designs such as the NASA Orion 

crew vehicle is designed to have launch abort capabilities independently from the 

launcher, but the ultimate aim would be to incorporate these capabilities into a 

reusable vehicle. Lifting designs naturally possess some abort and safe return 

capability due to their ability to glide after a failed launch, however their very high fuel 

fraction would make it difficult to land the vehicle safety after an abort. 

Evaluating reliability characteristics of a hypersonic vehicle is similar to conventional 

aircraft. The challenges lie in estimating the reliability characteristics of new systems; 

scramjets for example have been under development for decades, but are still not 

fully understood or functional and reliability estimations can only be made to a low 

confidence level. This is especially important as success of a hypersonic transport 

depends greatly on its propulsion system. In addition to systems, there is also an 

issue associated with operations. There is rarely any information available for exotic 

manoeuvres such as aerial refuelling, as they have only been performed with military 

personnel, thus are seldom published. Their suitability for civilian application are 

unknown. Also operations such as maintenance and inspection for new structural 

materials are challenging to estimate. 

4.2.13.2 Maintainability 

Based on experience with the Space Shuttle it is clear, that hypersonic vehicles 

should not just have appropriate performance, but adequate maintainability is also 

crucial. The Shuttle had a standing army of 9000 people just to maintain, refurbish 

and relaunch the fleet (5 vehicles). Propulsion and heat shielding maintenance 
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accounts for 75% of the total maintenance cost. The replacement and maintenance 

of the more than 30000 ceramic tiles required more than 17000 man-hours after 

each flight. [243.][244.] Clearly to achieve aircraft-like operations, this figure has to 

significantly change. 

Maintainability is not something that can be just “placed” into the craft; it has to be 

designed into each of the components. Using appropriate philosophies, processes, 

novel materials and structures, the maintainability requirements of the vehicle can be 

significantly reduced. Reducing the need to maintain not only lowers the cost, but 

also shortens turnaround time, which can be even more important from an 

operational perspective. Turnaround times for a selection of vehicles are shown in 

Table 4-19. 

Table 4-19: Typical processing times (ref [246.],[247.],[248.],[249.],[250.]) 

Vehicle Turnaround time [days] 

HL-20 (planned average) 46 

Skylon (planned) 1 

Space Ship One (Based on X-Prize 
winning performance) 

5 

Space Shuttle (processing only) 75 

X-15 (average) 44 

X-37 (source not verified) 10-15 

 

4.2.13.3 Manufacturing 

Manufacturing is a fundamental problem for the whole aerospace sector. Due to the 

strict quality requirements toward aircraft parts and the materials used means that 

most of the most cost effective manufacturing methods, such as welding, forging and 

casting are rarely utilized. This in turn translates to high manufacturing costs, as 

items that could be simply cast are usually milled out from blocks of alloys; a time 

consuming and highly wasteful operation. There is a trend in aerospace to introduce 

cast parts and develop new build-up manufacturing methods such as additive layer 

manufacturing [251.] or friction stir welding [252.]. In 2013 NASA successfully tested 

3D printed rocket engine components [253.]. The tests verified that the technology is 

feasible even for critical, highly loaded components, while capable of reducing both 

production time and cost. 

In the case of hypersonic vehicles, as production series are expected to be small, 

the design can tolerate more expensive manufacturing processes. However new 

technologies not only provide (potentially) lower costs, but also increased 

performance. Friction stir welding for example provides much better sealing 

capabilities than any mechanical fastening.  Also some exotic materials require 

complex manufacturing technologies, so it is important to keep this aspect of the 

design in consideration as well. 



206 

 

4.2.13.4 Operational Cost 

Launching objects into orbit or transporting somewhere rapidly is the essence of a 

hypersonic vehicle. However a vehicle not only has to fulfil its mission, but also keep 

within a reasonable cost limit. Today due to the dependency on ELVs and the past 

inefficiency of the Space Shuttle system, the launch costs are very high. The 

following table lists some of the most common launchers and their cost. 

Table 4-20: Launch vehicle cost data, 2002 (source: [254.]) 

Launch vehicle name LEO capacity [kg] Cost to LEO [$/kg] 

Soyuz (Russia/ESA) 7000 5357 

Ariane 44L (Europe) 10200 11029 

Long March 3B (China) 13600 4412 

Space Shuttle (USA) 28803 10416 

Zenit 2 (Ukraine) 13740 3093 

 

According to the Futron sudy [254.] in 2005 the most expensive launcher was the 

Pegasus XL with 30474 $/kg, while the cheapest was the Zenit 2 with 3093 $/kg. 

With the reusable launchers it is aimed to reduce launch cost to less than 1000 $/lb 

(2204 $/kg). Some conceptual designs in the database claim, that they can get as 

low as 50$/kg in launch costs. These are usually achieved by the combination of 

high payload fraction, economy of size or some unconventional method such as 

aerial refuelling or liquid air collection. Unfortunately these concepts do not list their 

cost estimation methods, so most of them cannot be verified. It should also be noted, 

that the current demand for launches don’t justify vehicles with hundreds of tons of 

payload. Realistic estimations such as the Falcon 9 usually bottom out around 500 

$/lb (1102 $/kg) or 650 Ł/kg (1020 $/kg at current rate) as in the case of Skylon. 

Also, it should be kept in mind, that hypersonic launchers should not replace ELVs, 

rather operate to complement each other’s capabilities. Occasional super heavy 

payloads, such as Lunar or Mars missions should still be launched using ELVs rather 

than to develop a very expensive hypersonic vehicle which would not return the 

investment. 

There is another growing market for launchers and spaceplanes, which is space 

tourism. There are many studies available dealing with the issues of tourism and 

estimating market demand, and reasonable costs. Market demand was already 

discussed in 4.2.2.4 Market for hypersonic vehicles, the focus of this chapter is from 

the space tourist’s point of view, the actual ticket prices. 
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Figure 4-89: Price Elasticity of Demand for Space Tourism (source: [255.]) 

Kothari and Webber [255.] estimate that for a price of $500000 per ticket, around 

14000 orbital flight passengers per year is reasonable, resulting in a global revenue 

of $6 billion by 2030. Futron’s[256.] forecast is more conservative, estimating around 

60 passengers annually by 2021, with revenues exceeding $300 million per year 

Their estimation of ticket prices are somewhat higher than the $0.5 million used by 

Kothari. Whichever figure is right, there is definitely a demand and a profitable 

market for space tourism.  

As for the current market, Virgin is offering their sub-orbital space jumps onboard the 

SpaceShipTwo for $200000 per flight (with a potential to go down as low as 

$100000). AERA Space Tours offered a ticket on their Altairis spacecraft for 

$150000 (2005), but the current status of the company is unknown. Cosmoplane 

being developed by the Russian Academy of Sciences offer a ticket for a mere 

$17000 (2007). There is no activity since 2003. The Space Adventures company 

offers tickets aboard their Explorer/Cosmopolis XXI spacecraft for $100000 (2005) 

per flight. Last response is from 2006. XCOR Aerospace’s Lynx II is also in the 

middle category, offering their flights for $95000 (2008). The development of Lynx II 

is still underway, the company is active. EADS Astrium also has its own Space 

Tourism Project, a ticket on their rocketplane would cost $275000 (2007). According 

to Flight Global, the project was cancelled in 2009 due to the financial crisis. 

Spacebus from Bristol Aerospace offers tickets for $10000 per flight, currently the 

cheapest on the market. The latest news on their website is from 2010, the status of 

the company is unknown. XCOR Aerospace also offered flights on their XERUS 

craft, for $98000, but the concept was developed into the Lynx.  
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5 Demonstration of design methodology – Exploration of the design 

space 
In order to demonstrate the capabilities of the design methodology and to quasi 

validate the methodology, a series of sensitivity studies are performed, while 

simultaneously exploring part of the hypersonic vehicles’ design space. 

The main focus of these studies is not the creation of the “ultimate hypersonic 

vehicle”, rather to research, understand, and explain the connections, and trends 

applicable to the design of this class of vehicles.  

A separate sub-chapter is dealing with sensitivity studies for Space Launchers and 

Hypersonic Transports respectively. The mission requirements are based on real, 

justifiable missions, and the studies endeavour to use only reasonable technology, 

not relying on a quantum leap in propulsion technology for example to allow the 

vehicle to complete its mission. 
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5.1 Demonstration of Space Launcher design methodology 

5.1.1 Application of design methodology - Outline 

As the design space of hypersonic vehicles is infinite, it is impossible to cover 

everything. Rather than attempting this task, a focused exploration of the design 

space is presented, based on a Space Launcher concept vehicle. 

The reason for selecting a Space Launcher and not a Hypersonic Transport to 

demonstrate is due to the fact, that the former is the vehicle more challenging to 

design; thus if the methodology can be validated by performing the studies, it can be 

expected to cope with a Hypersonic Transport as well. 

The concept assumed is a true space-plane like vehicle, with horizontal take-off and 

landing capability. The main mission of the vehicle would be to resupply the ISS, and 

if possible ferry crew to and from the station. 

All the studies in this chapter were performed using the hypersonic design modules 

in the GENUS design environment. The actual modules loaded for this task are: 

 GEOM_Hyper_Launcher: Hypersonic Space Launcher geometry definition 

 MISS_Hyper_Launcher: Hypersonic Space Launcher mission definition 

 PropSpec_Hyper_Launcher: Hypersonic Space Launcher propulsion 

specifications 

 HYP_MassBD: Mass breakdown methodology, for both Launchers and 

Transports 

 HYP_Aerodynamics: Aerodynamics estimation module, for both Launchers 

and Transports 

 HYP_Propulsion: Propulsion module, for both Launchers and Transports 

 PnCG_Hyper: Packaging and CG estimation, for both Launchers and 

Transports 

 PERF_Hyper_Transport: Performance estimation, for both Launchers and 

Transports 

 STAB_Hyper_Launcher: Stability estimation, for both Launchers and 

Transports 

As it can be seen, most of the modules are capable to deal with both Space 

Launchers and Hypersonic Transports, thus supporting the assumption, that the two 

classes of vehicles should be treated together and benefit from the synergy that the 

common methodology brings. 

There is an issue specific to high fuel fraction vehicles: the mass estimation 

equations can diverge. This is because for example 1 kg added structural mass 

might require 9kg additional fuel to be carried, which will require even more mass to 

carry, and so on. In order to circumvent this problem, a slightly different approach is 

chosen in this study, than what would be done for conventional aerospace vehicles. 
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Instead of packaging the vehicle first and working with the estimated mass, a fixed 

AUM is imposed on the vehicle. This mass is based on the chosen payload mass, 

and usual payload ratios. Thus the study is a true representation of the feasibility of a 

given size of vehicle. However, this also means, that until the actual mass estimation 

equations are converged, the study is done on a hypothetical vehicle. For example if 

a 100 ton vehicle and 90% FF assumed, when the vehicle reaches its target orbit, it 

might have a simulated end of trajectory weight of 10 ton, but for example a ZFM of 

40 tons from the mass estimation. In this case, the performance of the vehicle is 

adequate, but a mass estimation error will be present, showing that the concept is 

not realistic at this moment.  

The aim of the designer in this case is to drive down the mass estimation error to 0, 

while maintaining the performance, packaging, stability, etc. In the case, when all the 

error indicators are within acceptable levels, the vehicle becomes realistic, and a 

feasible instance of design is produced. An alternate procedure would be the one, 

one would follow when optimizing for desired performance; if the vehicle can’t deliver 

the desired range, add more fuel. But even if the vehicle can’t meet the expectations, 

it is a feasible, working design, just not good enough. Working with the mass error 

however, requires a more abstract and theoretical approach to aircraft design, which 

some designers might find confusing and disturbing at first look. 

The difference in methods can be looked at from a different point of view: one 

approach always ensures that the vehicle is feasible, and it is adjusted within 

feasibility limits, until the desired characteristics are achieved. The obvious limitation 

is that the design can’t leave the feasible part of the design space, thus if the desired 

point lies out of the current feasible space, it will never be reached. The alternative 

approach proposed does not guarantee feasibility, but can reach any point in the 

design space. The problem is akin of the death penalty problem discussed in 

Chapter 3.3 Overview of optimization processes and methods. Figure 5-1 shows a 

very simplified illustration of the two design methodologies; the possible trajectories 

a design point can take when moved from a given point in Feasible space 1. Which 

approach is chosen comes down to personal taste as well, however the non-

enforcing methodology guarantees more exploration capability, in addition to dealing 

with the mass divergence problem, thus it is the preferred approach in this study. 
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Unfeasible space

Feasible space 1

Feasible space 2

Not enforcing feasibility

Unfeasible space

Feasible space 1

Feasible space 2

Enforcing feasibility

Representative design point trajectories for different feasibility philosophies

 

Figure 5-1: Representative design point trajectories for different feasibility philosophies 

Just to refresh the concept of error indicators: when a target value, for example 

cruise altitude is defined, an error indicator is generated between the defined, 

desired value, and the actual available, calculated value. The error indicator always 

takes the form of:  

𝑇𝑎𝑟𝑔𝑒𝑡 − 𝐴𝑐𝑡𝑢𝑎𝑙

𝑇𝑎𝑟𝑔𝑒𝑡
=  ε 112 

 

Where ε is the error indicator. This approach provides consistent, scaled outputs that 

can be used in an optimization process. The consistent definition ensures that every 

designer using GENUS would know how the error indicator was generated, and can 

set up the optimizer constraints accordingly. The constraints are greater than zero, 

less than zero, or equal zero (within small tolerance). Scaling enables the optimizer 

to compare the error from a 1000000 kg mass vehicle with a .1 static margin for 

example. As an example, if the above mentioned cruise altitude is the target at 

12000 m, and the vehicle is only able to climb to 9000 m, then an error of 0.25 is 

produced. If the user wishes the aircraft to reach at least 12000 m, then the “smaller 

than zero” constraint should be defined on the error indicator. If the target is to cruise 

at exact 12000 m, no upper or lower deviation, then the “equal zero” constraint 

should be selected.  
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5.1.2 Requirements 

The demonstration of the Space Launcher class’s design methodology is described 

in this chapter. The studies are based around a Space Shuttle derived delta-wing 

vehicle shape. This initial design shape, generated in GENUS is shown in Figure 

5-2. 

 

Figure 5-2: Space Shuttle derived delta-wing initial shape 

The requirements and starting assumptions set towards the base vehicle are set out 

in the following list. This section of the thesis follows the thought process involved in 

the synthesis of this class of aircraft using the developed methodology in the GENUS 

design environment. Thus it not only demonstrates the suitability of the 

methodologies, but also can be used as a manual for the design process. 

 Target payload is 3000 kg to a 400 km, 0 inclination circular orbit. This would 

enable potential ISS resupply missions, and also would cover about 60% of 

the usual space launch market. 

 An orbital ΔV of 300 m/s is assumed for small orbit corrections and the de-

orbit manoeuvre. 

 To reduce mass of the vehicle, an unmanned version is considered first. 

 The vehicle’s mass is fixed at 200 tons, to study a truly aircraft sized Space 

Launcher. 

 Prospective launch site is Spaceport America in New Mexico 

 Propulsion systems should be based on available technology, or at least high 

TRL designs. The SSME is the first candidate for rocket propulsion systems. 

 Orbital endurance of 5 days is desired 
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5.1.3 Problem definition 

As it was discussed, in classic aircraft conceptual design, the main aim of the 

designer is to designate the vehicle’s feasible design space, and choose the optimal 

solution that satisfies the requirements posed. For Space Launcher design although 

the aim is the same, the problem is slightly different, as the feasible space of this 

class of vehicle is usually small, with some configurations it is even non-existent. The 

fundamental physics of this problem is demonstrated in the followings. 

 

Figure 5-3: Payload fraction parametric studies 

Figure 5-3 shows the effect of varying fuel fraction for a fixed configuration, with 

different payload mass values. 24400 kg corresponds to the Space Shuttle payload 

to LEO, which is treated as an absolute upper boundary in this study. Note that 

performance and packaging constraints were not rigorously checked to generate the 

graph, only mass breakdown constraints were imposed. It can be seen that the AUM 

– Fuel Fraction curve can be treated linearly, regardless of payload fraction 

(demonstrated up to 0.3 payload fraction), up to a threshold. This is the domain of 

conventional aircraft design (0.2 for A321-200 for example). The threshold itself is 

payload fraction dependent, but as it can be seen, the limit of linearity is roughly at 

0.4-0.5 fuel fraction. Above this, the relationship becomes nonlinear, while above 

roughly 0.8, the AUM of the vehicle starts to rise rapidly. Finally and above roughly 

0.9, the AUM of the vehicle grows rapidly out of reasonable proportions. Also note, 

that not all points of the graph are feasible, but are plotted to gain theoretical insight. 

0

200

400

600

800

1000

1200

1400

1600

1800

2000

0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1

A
U

M
 [

t]
 

Fuel fraction 

Fuel Fraction - AUM parametric studies for various payload mass values 

AUM - 3000 kg AUM - 5500 kg AUM - 24000 kg Linear Approximation



214 

 

 

Figure 5-4: Fuel Fraction - Payload Fraction parametric studes for various payload mass values 

On the other hand, as plotted in Figure 5-4, the payload fraction of the vehicle is 

getting lower and lower as fuel fraction increases; remembering Figure 4-2 from 

Chapter 4.1, there were no conceptual designs evaluated with payload fractions 

smaller than 1%. Thus this 1% could be treated as a desirable minimum limit for 

payload fractions. Thus based on these two graphs, an upper limit could be imposed 

on fuel fraction of the vehicle. Based on the studies performed, most expendable 

launch vehicles operate around the 90% mark, while the Space Shuttle is 94%, and 

the proposed Skylon vehicle has an astonishingly low, 80% fuel fraction. Based on 

this, it would be desirable if the concept did not exceed 90% fuel fraction. 

The lower boundary of the fuel fraction is imposed by performance constraints. Using 

the Tsiolkovsky rocket equation, the minimum fuel fraction can be calculated using 

the calculated 7682 m/s ideal ΔV to reach the desired orbit: 

1 −
1

𝑒
(

∆𝑉
𝑔0𝐼𝑠𝑝

)
=

𝑚𝐹𝑢𝑒𝑙

𝑚𝐴𝑈𝑀
 113 

 

The required fuel fraction values to achieve this ΔV, and higher are plotted for a 

range of specific impulse values in Figure 5-5. Example rocket engines are marked 

on the graph for comparison purposes. Note the airbreathing configuration of the 

Skylon’s SABRE engine is claimed to have an Isp of 3600 s, which would translate 
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into a fuel fraction of about 0.2. Obviously, an airbreather cannot reach space on its 

own power, but this engine can significantly reduce the vehicle’s fuel fraction 

requirement. 

 

Figure 5-5: Required fuel fraction studies 

As it can be seen even today’s most sophisticated existing technology, the SSME, 

the fuel fraction of the vehicle has to be above 0.8 even when considering ideal ΔV 

values. It can be seen, that increasing the ΔV due to aerodynamic, gravity and 

control losses, the required fuel fraction increases significantly. LEO gravity and drag 

losses for rockets are usually very roughly approximated to be 1500 – 2000 m/s; 

thus the evaluation of the fuel fraction up to ΔV 10000 m/s. It can be seen that at this 

ΔV, the minimum fuel fraction is above 0.9, or just marginally below, and 0.9 was the 

target imposed based on the mass-breakdown studies.  

This example demonstrates that the feasible design space is very narrow, and the 

task of the designer is not so much optimisation; rather pinpointing these feasible 

regions, and understanding how can they be expanded further. Based on these 

findings, the requirements for feasible launcher designs can be defined.  

Table 5-1 shows these requirements, and proposed solutions in a tabulated format. 

In this study, the exploration of the design space will follow the solutions defined in 

the table, and quantify the effects, or at least qualitatively explore the trends and 

effects, that the various design choices mean for the vehicle concepts. 
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Table 5-1: Space Launchers design requirements and proposed solutions 

Requirement defined Potential solution 

Reduce mass: ZFM reduction 
1. Increase technology, reduce 

component mass 

Reduce losses: Reduce drag 
1. Refine vehicle shape 
2. Active drag reduction systems 

Reduce losses: Improve trajectory 
1. Define optimal waypoints 
2. Increase allowable nx, nz 

Increase efficiency: Improve propulsion 
1. Better rocket technology 
2. Incorporate airbreathing technology 
3. Assisted launch 

 

Not all potential solutions will be investigated during the study. Assisted launch for 

example, although does represent an effective way of improving a vehicle’s 

performance, they involve significant infrastructure investment. As a result, assisted 

launch solutions only deliver the economic benefits, when economy of scale is 

utilized. In other words, this means that a large mass flow to orbit is required; most of 

the time, there is no real demand to support the assisted launch concepts. 

Active drag reduction systems were mentioned in chapter 4.2.3 Propulsion. Some of 

the concepts represent significant drag reduction capabilities, however they are 

generally at low TRL, thus they are not applicable to use on aircraft just yet. 
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5.1.4 Exploration of the Space Launcher design space 

The study to explore the design space of the Space Launcher class begins by 

addressing the trajectory of the vehicle. Based on the studies performed by the 

author, and several others (Kloesel et al [257.] for example), a Space Launcher 

vehicle design is extremely sensitive to the trajectory definition. As such, 

understanding trajectories and defining an appropriate one is key towards successful 

feasible designs. 

As it was mentioned, the GENUS framework is capable of defining arbitrary 

trajectories, which can be the subject of optimisation as well. The following 

trajectories are evaluated in this study: 

 Constant dynamic pressure 

 Quasi-constant dynamic pressure 

 STS (Space Shuttle) profile 

 Linear Mach-Altitude 

 Nx max profile (rocket approximation) 

 User defined; “optimized” 

To compare the different trajectories, two set of metrics are introduced. One is the 

Mach and Altitude error as described previously in the thesis. This metric determines 

whether a trajectory is “good” (feasible) or not and as such it’s of prime importance. 

The other measure of the trajectory is the effective ΔV loss. This number is an 

indicator of the efficiency of the trajectory, and as such it should be used to compare 

feasible trajectories. Why it’s defined as effective is the fact, that in order to calculate 

the ΔV, the rocket equation is used, and the specific impulse is taken as the vacuum 

Isp of the rocket engine used. As conventional rocket engine nozzle is optimized only 

for a single altitude, the efficiency and thus the specific impulse changes during 

ascent, but this is ignored to acquire the effective losses. Also note that this effective 

loss method has to be adapted to treat vehicles with multiple propulsion systems. 

The trajectories were compared using the defined configuration shown in chapter 

5.1.1. The power plants to be considered are 6 SSME. The vehicle is not packaged, 

nor is the mass breakdown error taken into account. These assumptions although 

mean that the vehicle is not necessarily feasible, however the mass used for the 

performance studies is always the user defined value, thus these simplifications 

don’t affect the point-mass performance model. 

Figure 5-6 shows the error indicators vs the vehicle fuel fraction generated in 

GENUS for the STS trajectory. Using the optimizer, the minimum feasible fuel 

fraction is 92.37% (acquired using the default convergence tolerance). What is 

interesting to see, is that unlike the altitude error, the Mach error does not reduce 

monotonically. This is due to the fact, that the temperature in the atmosphere does 

not reduce monotonically, and the speed of sound, thus Mach number is mainly 

influenced by temperature (gamma and R are assumed constant). Refer to Appendix 
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A - 9 Atmospheric model for more discussion about the temperature profile. Due to 

this nature of the Mach error indicator in the following, the altitude error will be used 

to compare different trajectories. 

 

Figure 5-6: STS trajectory altitude and Mach error vs fuel fraction 

The baseline vehicle is assumed to have AUM of 200000 kg. This translates into a 

T/W of 6.42. Note that whether a vehicle is capable of flying the given trajectory 

depends on the vehicle shape and the actual trajectory as well. Thus for different 

configurations, different powerplants, etc, different curves can be obtained. In the 

current case, Quasi-Pdyn trajectory curves are omitted from the graph, as the 

current vehicle shape is unable to ascend following that path. 

All trajectories are divided into 12 segments in this part of the study. 
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Figure 5-7: Altitude error vs fuel fraction for different trajectories - Min Fuel Control 

Figure 5-7 shows the altitude error indicator for various ascent trajectories using the 

minimum fuel control method in GENUS. It can be seen, that the change in required 

fuel fraction is in the order of 6%, which as discussed could mean the difference 

between life and death for a Space Launcher concept. It is also interesting to see, 

that the STS, the linear Mach-Altitude and the Optimized trajectory are close to each 

other. Regarding dynamic pressures, at low values (up to 10kPa) and at high (25.5 
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kPa and above), there are only minor effects to the minimum fuel fraction required to 

fly the trajectory.  

To further understand the implications of trajectory choice, the effective ΔV loss is 

evaluated for the trajectories that are feasible at 93% fuel fraction and below. From 

the rocket equation, the theoretical ΔV is calculated as 7757 m/s at 0.93 fuel fraction.  

Table 5-2 shows the calculated final masses, the difference, the equivalent ΔV and 

the simulated ΔV loss during ascent. The theoretical final mass based on 0.93 fuel 

fraction is 34000 kg. 

Table 5-2: Feasible trajectories ΔV comparison 

Trajectory Mfinal [kg] ΔMfinal [kg] ΔVequivalent [m/s] ΔVLoss [m/s] 

STS 15308 -18692 11250 3493 

Linear M-Alt 15185 -18815 11286 3529 

Constant pdyn 5kPa 14274 -19727 11557 3800 

Constant pdyn 10 kPa 14528 -19473 11479 3722 

“Optimal” 15725 -18276 11133 3376 

 

It can be seen, that for the chosen configuration and trajectories investigated, the 

GENUS methodology predicts higher than usually quoted 1500-2500 m/s loss. As a 

good trajectory definition is crucial for a successful and feasible Space Launcher, 

further analysis of the trajectories, and corresponding sensitivities is required. In the 

following user defined optimized trajectories, and ascent simulation results are 

analysed in more detail. 

An optimized 12 waypoint, feasible trajectory is shown in Figure 5-8. Note that the 

first, 11th and 12th waypoints should not be included in the optimisation process, as 

these correspond to the beginning of ascent, the “edge” of space and destination, 

respectively. If these are freely moved, the “optimum” solution would be starting the 

ascent from the target orbit. 

 

Figure 5-8: Altitude vs Mach for optimized 12 WP trajectory 
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The default allocation of waypoints is set to use a bias ratio of 2 around the initial, 

Mach 1 and final (atmospheric) point of the trajectory. This is defined to ensure, that 

the commonly employed “Mach dip” can be modelled if required. In the case of 

Space Launchers however, the thrust of the vehicle is usually more than adequate to 

accelerate without this, thus might not be relevant to keep the bias when simulating 

this class of vehicles. 

 

Figure 5-9: Comparison of trajectories at various WP numbers 

Figure 5-9 shows a comparison between the different optimal trajectories achieved 

for varying number of waypoints. Based on the outcome of the optimization process, 

the suggestion is that the best trajectory follows the constant dynamic pressure 

curve until the highest possible Mach number, and only aims for the orbital trajectory 

later. Of course, we should never forget that these results are optimization constraint 

and configuration dependent.  

 

Figure 5-10: Max achievable final mass vs number of waypoints 
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The maximum achievable final mass can be plotted against the number of waypoints 

used in the trajectory definition. 4 is the minimum number of WPs. What can be seen 

in Figure 5-10 is the fact, that the performance is sensitive not just to the trajectory, 

but the resolution as well. When using a low number of waypoints, the methodology 

overpredicts performance, as phenomena such as transonic drag rise are ignored. In 

the authors experience, the performance methodology is not suitable for 

investigating trajectories in excess of 20-25 waypoints, as the duration of the 

optimization significantly rises above this number. More precise trajectories should 

be generated using specialist codes, such as the NASA POST or OTIS codes, or 

something similar. For conceptual design purposes with this methodology, the 

trajectory should be kept about 20 waypoints or less for practicality. 

Since a key element of the design methodology is the use of an optimizer, it is worth 

remembering, that no optimizer can guarantee an actual global optimum, merely 

good design suggestions. For this reason one of the trajectories is inspected to gain 

further insight, and possibly open the way for further optimisation. 

Example results for a 24 WP optimised trajectory are plotted in Figure 5-11 and 

Figure 5-12 against altitude and time, respectively. What can be seen from the 

graphs is that the vehicle loses the majority of its propellant by the time it reaches 

about 50 km, and it also takes longer to climb to that altitude than the following climb 

to 122km. 

When examining the thrust, and axial load factor (Nx) graphs, it is clear, that the 

trajectory definition is limiting the vehicle from using full thrust, and accelerating 

quickly. The 3 (sea level) g limit on the acceleration is imposed to allow the vehicle to 

be man-rated. The 6 SSME engines currently considered are capable of a total 

vacuum thrust of 12.6 MN, while due to the trajectory constraints, the vehicle only 

ever uses about 6 MN. Thus analysing the trajectory provides information towards 

the rest of the design process, as based on this information, the number of 

propulsion systems can be reduced and the vehicle could be brought closer to a 

feasible packaged state. The actual number of systems required is plotted in Figure 

5-13. 

In terms of the trajectory, it is worth investigating, whether it is possible to define 

waypoints where the vehicle could utilize higher thrust, and thus potentially reduce 

gravity losses. The limiting factor should be the maximum dynamic pressure during 

ascent. The Space Shuttle ascent had a limit of 22.5 kPa, which value is adopted for 

further studies as a reasonable maximum dynamic pressure allowed. 

 

  



223 

 

  

  

  

  

  

Figure 5-11: Ascent result simulations atmospheric parts vs altitude 
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Figure 5-12: Ascent result simulations atmospheric parts vs time 
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Figure 5-13: Number of SSME required vs altitude 

In addition to the powerplants, the contribution of the areodynamic lift should be 

investigated as well. Figure 5-14 shows the contributions towards supporting the 

vehicle’s weight between aerodynamic lift and thrust. The sum of the supports must 

provide at least 1 times the weight of the vehicle in order to maintain flight. Note that 

the vehicle is modeled as a HTHL, that’s why the curves start at a lift value of 1.  

As the flight path angle is determined based on the control algorithm, in this case the 

lowest fuel consumption, it can be seen that the current configuration follows the 

currently defined trajectory using a rocket type ascent at low altitudes.  

 

Figure 5-14: Weight support contribution 
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at a lower flight path angle, but reduce thrust due to lift. Based on this it can be 

deduced, that perhaps increasing the vehicle’s lift, can lead to more lift biased ascent 

at low altitudes and as such perhaps improve the trajectory. 

At this point it is worth to discuss the mass characteristics of the vehicle. Assuming 

the 200000 kg AUM, the packaged vehicles are shown for various material 

technology. To obtain the packaged shape, the GENUS hypersonic packaging 

module and the optimizers are used; minimum ZFM is defined as an optimization 

objective, while the volume, length and cross-section packaging errors are 

constrained. As the shape of the vehicle is fairly simple, 0% tolerance was defined 

for the packaging procedure. The shape of the vehilce before and after the 

packaging is demonstrated in Figure 5-15. 

 

Figure 5-15: Unpackaged (top) and packaged (bottom) shape comparison 
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Note, that as the wing and vertical tail shape does not effect the packaging of the 

internal parts, they are not adjusted in this packaging process. 

Figure 5-16 displays the mass breakdown data for a “high-technology level” vehicle. 

The “high-technology” refers to the following material and construction choices: 

 Organic composite honeycomb wing structure (no TPS mass included) 

 Dry, integrally machined wing carry through structure 

 Graphite epoxy composite vertical tail (no TPS mass included) 

 Composite fuselage (no TPS mass included) 

 No windshield, composite nose construction 

 Composite thrust structure 

 Advanced composite landing gear 

 Space Shuttle level RCS 

 Modern avionics 

 1% residual fuel 

For more details on the various configuration options, refer to chapter 4.2.4.2 Mass 

estimation in GENUS. 

 

Figure 5-16: High-technology level packaged shape mass breakdown 

What is obviously seen in the graph, that the fuel and oxidizer represents the 
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fraction estimated from the trajectory studies. In order to gain more understanding, 

the vehicle ZFM breakdown is plotted in Figure 5-17. The items, in order of reducing 

mass are also shown in tabulated format in   
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Table 5-3. 

 

Figure 5-17: High-technology level packaged shape ZFM breakdown 
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Table 5-3: High-technology level packaged shape ZFM breakdown data 

Nr Mass component Mass [kg] Relative mass 

1 Body.0 12918 24.84% 

2 HYP_Rocket.0.mass 8171 15.71% 

3 LH2.tank.internal 7393 14.21% 

4 Wing.0 4986 9.59% 

5 TPS 4192 8.06% 

6 LO2.tank.internal 3825 7.35% 

7 Payload to drop 3000 5.77% 

8 Surface Control and Actuators 1653 3.18% 

9 HYP_Rocket.0.thruststructure 1542 2.96% 

10 Environmental control and life support systems 1203 2.31% 

11 VTail.0 1008 1.94% 

12 Electrical conversion and distribution 831 1.60% 

13 Avionics 575 1.11% 

14 Primary Power 295 0.57% 

15 Main landing gear 234 0.45% 

16 Hydraulic Systems 108 0.21% 

17 Nose landing gear 78 0.15% 

18 FuselagePropulsionSystems 0 0.00% 

19 Payload bay 0 0.00% 

 Sum: 52012  

 

Note “FuselagePropulsionSystems“ and “Payload bay“ are containers only to store 

the various different propulsion systems and types of payload, thus the 0 mass. 

What can be seen, is that the greatest contributor towards mass (after fuels and 

oxidizers) is the fuselage (Body.0). In the current state of the design, the fuselage 

can’t be made lighter, as it is already using the most advanced material technology, 

and packaged as tight as possible. The only way to reduce fuselage mass is to 

reduce the volume of the contents. The other obvious way to reduce mass would be 

to allow lower normal and longitudnial acceleration factors, however the current 3-3 

values are already fairly low, especially as the vehicle not only has to climb, where 

the trajectory can be chosen, but re-enter as well, where there is much less control 

regarding maximum loads. 

The second item on the list is the propulsion systems entry. At the moment there are 

3 SSME packaged into the vehicle’s fuselage. As the SSME already represents one 

of the best available rocket engines, it is unlikely that major mass reduction could be 

achieved. If 1 large rocket is considered as opposed to 3 smaller ones, the estimated 

mass can be dropped from 8171 to 7087 kg, which is a significant saving. This larger 

rocket would be also longer and smaller in diameter than the 3 smaller ones, which 

requires repackaging the vehicle. What to keep in mind, is that propulsion does not 

scale linearly: the efficiency of 1 large rocket at half load is not necessarily the same 
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as for a smaller one under the same load fraction. Thus this change should be 

further investigated. 

The 3rd and 6th item can be treated together. These are the fuel tanks in the vehicle, 

so the best way to reduce mass is to reduce fuel fraction. Also, the material 

coefficients could be revised, as they are based on the Space Shuttle’s technology 

level. Since then significant advancement was made in the field of cryogenic 

composite tanks, which offer significant fuel savings. According to Achary et al. 

[258.] this mass saving can be up to 40% compared to the Space Shuttle’s 

aluminium technology. As there are no cost restrictions for this design study, using 

composite tanks is definitely a change to incorporate for such an excellent weight 

reduction. 

The 4th item in the list is the wing mass. The optimum wing size and shape depends 

on two features of the design. First is the ascent trajectory, or looking from the other 

way, the optimum ascent trajectory depends on the wing size. Second, the re-entry 

performance of the vehicle is greatly affected by the available surface area; higher 

area would enable the vehicle to slow down more at higher altitudes thus reduce 

peak heat, pressure and acceleration loads during re-entry. As such, minimizing 

wing size and performing a pure rocket type ascent, is not necessarily the optimum 

solution for all phases of the mission. 

The 5th item is the TPS of the vehicle. The coefficients were taken to represent a 

Space Shuttle-like vehicle shape, and thus without performing more detailed analysis 

on the aero-heating environment, should not be modified. 

Looking at the last structural component, the vertical tail, the current configuration 

has a vertical tail volume coefficient of 0.023 in worst CG condition. This is 

comparable to light aircraft such as the Piper J-3, and is assumed to provide 

adequate stability. However there is not much scope of adjustment. If aiming for a 

minimum value of 0.02 vertical tail volume coefficient, the mass can be reduced from 

575 kg to 226 kg. As the vertical tail is shadowed by the fuselage, it is not subject to 

the extreme loads that the wing or fuselage experiences. This means, that light, 

minimalist design could be potentially acceptable. The optimised minimum mass 

design is compared to the initial in  

  

Figure 5-18: Vertical tail initial (left) and optimised (right) shape comparison 
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The other mass items in the list represent lower (sub 5%) contribution to the ZFM of 

the vehicle, which is less than 0.35% of the AUM. Due to this, no significant savings 

can be expected by modifying these items, so they are not investigated further in this 

study. 

The high and low tech version of the vehicle mass breakdown data is compared in 

Table 5-4. It can be seen that using the available choices from the mass breakdown 

studies, about 12% mass difference can be achieved by varying technology. 

Although it is a significant amount, it should be noted, that in the current 

configuration, the structural mass is less than 7% of the AUM, so this difference is 

actually in the order of 0.84%. While this mass difference can definitely make the 

difference between a feasible and unfeasible design, compared to the results of the 

trajectory studies, it can be seen, that choosing a good ascent trajectory has much 

higher effect, than the technology factors. 

Table 5-4: High-tech and low-tech ZFM breakdown comparison 

Nr Mass component High-tech 
mass [kg] 

Low-tech 
mass [kg] 

ΔM [kg] ΔM [%] 

1 Body.0 12918 15197 2280 17.65% 

2 HYP_Rocket.0.mass 8171 8171 0 0.00% 

3 LH2.tank.internal 7393 7393 0 0.00% 

4 TPS 4986 6135 1149 23.05% 

5 Wing.0 4192 5733 1541 36.75% 

6 LO2.tank.internal 3825 3825 0 0.00% 

7 Payload to drop 3000 3000 0 0.00% 

8 HYP_Rocket.0.thruststructure 1653 1927 274 16.57% 

9 Surface Control and Actuators 1542 1653 111 7.23% 

10 Environmental control and life 
support systems 

1203 1203 0 0.00% 

11 Avionics 1008 1166 158 15.68% 

12 Electrical conversion and distribution 831 831 0 0.00% 

13 VTail.0 575 831 256 44.48% 

14 Primary Power 295 535 239 81.14% 

15 Main landing gear 234 257 23 10.00% 

16 Hydraulic Systems 108 108 0 0.00% 

17 Nose landing gear 78 86 8 10.00% 

18 FuselagePropulsionSystems 0 0 0 0.00% 

19 Payload bay 0 0 0 0.00% 

 Sum 52012 58051 6039 11.61% 

 

At this point of the design process, it can be seen, that there is no further room to 

improve the design by the means of technology or packaging change. Implementing 

all the design suggestions concluded in this section, the ZFM of the vehicle can be 

reduced from the high-tech 52012 kg to 43670. Unfortunately even with this 

reduction, there is a 15% mass breakdown error, which must be addressed in order 
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to obtain a feasible design. In order to do this in the last section of the launcher 

design methodology demonstration, the trajectory, wings and propulsion system are 

given more detailed examination and optimisation.  

 

Figure 5-19: Fuel mass remaining at 400 km circular orbit for various leading edge sweep angles 

 

Figure 5-20: Vehicle ZFM vs wingspan at 400 km circular orbit for various leading edge sweep angles 

Figure 5-19 and Figure 5-20 shows the results acquired from wing shape studies. 
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feasible (reaches orbit and packaged) configurations recorded. The non-dimensional 

Z position (height) of the wing was also investigated within the feasible limits, and the 

results plotted in Figure 5-21 and Figure 5-22. 

 

Figure 5-21: Fuel left at 400 km circular orbit vs wing Z position 

 

Figure 5-22: Vehicle ZFM sensitivity to wing non-dimensional Z position 
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 The remaining fuel contains large amount of numerical noise due to the 

ascent algorithm. This is true for both the sweep-span and Z position studies 

 As a general trend, it can be said, that for the given configuration, the 

favourable shape is: 

o Low wing (z = 0) 

o Short wingspan 

o Lower sweeps 

After gaining insight from the sensitivity study, GENUS was used to simultaneously 

optimize the wing shape for z position, wingspan and sweep. The optimum shape for 

this current configuration is: 

 Wingspan: 21.9 m 

 Leading edge sweep: 52 

 Z position: 0 (bottom wing) 

 ZFM: 43167 kg 

 Fuel fraction can be reduced to 0.9316 

The comparison of the starting and optimized shape is shown in Figure 5-23. 

 

Figure 5-23: Wing shape before (left) and after (right) optimization 

After optimizing the wing for the current configuration, the mission and performance 

of the vehicle is moved into focus again. It can already be seen, that the aircraft 

design process even using computer aided design is still a repetitive, iterative 

activity. However, with the help of the computer, the evaluation process can be 

performed significantly faster and in a more reliable way, than using hand 

calculations and charts. 

Optimizing the waypoints for the trajectory is a long, tedious process as due to the 

numerical process the gradient methods (LSGRG2) struggle, and the genetic 

algorithm (PDOptimizer) is more tuned to find feasible solutions than local optimum. 

Thus for efficiency, the trajectory will only be optimized for the final version of the 

concept, otherwise the process would have to be repeated every time the vehicle 

changes shape, powerplants, etc. 
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In order to achieve a feasible design, some of the initial assumptions should be 

reviewed. In order to lower the fuel fraction, the additional velocity from Earth’s 

rotation should be utilized to its full extent, thus the launch site should be positioned 

on the equator. Unlike the developing Spaceport America in New Mexico, there is no 

current spaceport available or being planned to operate from 0 latitude. However, 

designing a SSTO vehicle poses great challenges that could only be possibly 

overcome, when every opportunity is exploited. Infrastructure, as long as no extreme 

investment is required (maglev, space-hook, etc.), is usually of secondary concern in 

aerospace vehicle conceptual design. 

Further examining the main competitor of a vehicle of this class, the Skylon, it can be 

seen, that the normal acceleration factor that the payload can be subject to is quoted 

as 2g. As such, potential structural mass savings can be achieved, if the vehicle is 

sized to less than 3g. Similarly, the longitudinal acceleration factor could be revised 

as well, since the vehicle does not necessarily carry passengers, thus the 3g upper 

limit could be possible altered, which could reduce gravity losses during ascent. 

 

 

Figure 5-24: Orbital insertion mass vs allowable acceleration factors – nz as parameter 
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Figure 5-25: Orbital insertion mass vs allowable acceleration factors - nx as parameter 

Figure 5-24 and Figure 5-25 show the results generated by varying the longitudinal 

and normal acceleration factors from 3-15 and 1.5-5 respectively. What can be seen 

is that for the current configuration, the orbital insertion mass can be significantly 

higher, if the maximum sustained longitudinal acceleration factor is increased. 

Roughly above the factor of 7, there is no significant further gain, and with the 

current (3x SSME) propulsion configuration, the achievable acceleration factor is 

limited at 11. 

Regarding normal acceleration, reducing the allowable factor during ascent can lead 

to minor weight savings, the maximum difference between 1.5 and 5 results in a 

maximum of 168 kg difference at the longitudinal factor of 4. Nevertheless, reducing 

nz has further benefits, as many mass components, including the wings can be made 

lighter when the normal acceleration factor is lowered. Table 5-5 shows a selection 

of launchers and the allowable normal and longitudinal acceleration factors. As it can 

be seen, unmanned vehicles can operate at fairly high longitudinal acceleration 

factors. The normal acceleration factors on the other hand are usually 2 or lower. 

Based on this, the allowable acceleration factors for the concept vehicle will be 

changed from 3-3 to 7-2 (longitudinal-normal). With this the mass error can be 

reduced to 13% (fuel fraction 91.9% and ZFM 42216 kg).  

Table 5-5: Selected launch vehicle allowed acceleration factors (sources: [248.][259.][260.][261.][262.]) 

Vehicle nz max [-] nx max [-] 

Delta IV (medium) 2 6.5 

Dnepr 1 8.3 

Lynx 4 2.5 

Skylon 2 3 

Space Shuttle 3 3 

Zenit (Sea Launch) 2 4.5 
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At this point, the packaging of the vehicle is revisited, as the required fuel volume is 

reduced, so the structure can be made smaller and lighter, further reducing the mass 

error to 11.7%.  

The final aspect of the design that should be investigated is the propulsion system. 

In the current configuration, 3 LH2/LOX fuelled SSME engines are proposed for the 

vehicle. The SSME is still one of the most efficient rocket engines available today, 

however as it was seen in Figure 5-5, the SABRE engine concept for the Skylon 

launcher claims to have better Isp characteristics. 

An exploration study was performed based on the current propulsion system. In the 

first instance, 3 major rocket engine parameters were investigated: specific impulse, 

chamber pressure and the rocket nozzle design altitude. All other vehicle 

parameters, including the trajectory waypoints was held fixed. 

The findings of the study are summarized in Figure 5-26. From the 3 identified 

parameters, varying the chamber pressure within reasonable limits has negligible 

effect on the ascent performance. The SSME operates at 204.8 bar pressure, and 

the study investigated from 150 to 300 bar. Drastically reducing chamber pressure 

results in infeasible designs, and even at 300 bar, only about 60 kg orbital insertion 

mass difference could be achieved. 

From the other 2 parameters, as it was discussed, the specific impulse has the 

largest effect on the design, however the nozzle design can have significant 

contributions as well. As it can be seen, for the given design, and more importantly, 

trajectory, the data suggests that a low nozzle design altitude (high expansion 

pressure) is beneficial. This kind of nozzle is short and light, which is also a good 

feature. The reason why this configuration looks the optimal is the fact, that due to 

the waypoint allocations, the vehicle spends considerable time at low altitudes. 

It can also be seen, that the baseline SSME configuration does not produce a 

feasible design when the nozzle is expanded under the pressure altitude of about 

16000 m. 
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Figure 5-26: Orbital insertion mass vs nozzle design altitude for various Isp values 

Based on current technology, an Isp of 460-470 s is achievable for a hydrogen 

powered rocket. While various other fuel concepts exist, such as metallic hydrogen 

with a claimed [263.] theoretical Isp of 1700, they are still at low TRL, thus will not be 

used for this concept. However, and upgraded version of the SSME can be a 

reasonable choice, thus, the rest of the studies will be performed assuming that 470s 

Isp is achievable. The nozzle design altitude will be set to 0m (at least until the final 

trajectory revision), and the chamber pressure is kept at the current 204.8 bar 

pressure. This revision can reduce the vehicle’s fuel fraction to 0.906, resulting in 

40407 kg ZFM, and 10.8% error. 

Figure 5-27 shows the engines utilization and fuel (and oxidizer) mass loss vs 

altitude. What can be derived, is that up to about 23000 m, the full thrust of the 

vehicle is not utilized, but about 34% of the total fuel is burnt up to this altitude. This 

is the region, which will be the focus of further investigation. 
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Figure 5-27: Engine use and mass loss vs altitude 

The ultimate aim when investigating and choosing propulsion systems is to try to 

reduce the total fuel (and oxidizer) required to climb to the target altitude. Lowering 

the amount of fuel can turn a concept from infeasible to feasible, mainly by reducing 

the size of the vehicle, which reduces both structural mass and drag, which can start 

a snowballing effect to further reduce vehicle size. This is a characteristic of high fuel 

fraction vehicles. Due to this, although minimizing ZFM of the vehicle is also very 

important, some extra mass is acceptable on the vehicle, if it compensates with 

sufficient amount of fuel saving. For this reason, when investigating the design’s 

sensitivity to propulsion systems, the effect of change around the current 

configuration will be investigated. The change investigated is the replacement of one 

of the vehicle’s SSME powerplants with either: 

 N afterburning, low bypass ratio, supersonic, hydrogen powered turbofans, 

varying the number of N 

 1 hydrogen fuelled (sc)ramjet, with varying starting Mach number 

Hydrogen was chosen as fuel for its high specific impulse, and compatibility with the 

existing propulsion system. High speed vehicles usually use low bypass ratio (up to 

1-1.2) turbofans, as they provide significant efficiency increase compared to 

turbojets, for only a minor increase in size. High BR engines are not used, partly due 

to the fan’s structural limitations, but also with increasing BR, the engine’s size grow 

significantly, which can result in more drag penalty, than performance increase. 

Using an afterburning engine is usually a good choice, as for relatively small 

increase in length, they can provide significant thrust increase compared to non-

afterburning engines of same size. To perform the studies, the turbofan chosen has 

the following characteristics: 
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 Dry sea level thrust: 150 kN 

 Afterburner thrust increase: 1.5 

 Bypass ratio: 1 

 Design altitude: 15000 m 

 Mach limit: 3 

A turbofan of this size is of a reasonable size, could be considered as a slightly 

higher thrust version of the P&W J58 turbojet powering the SR-71, but without the 

quasi-turboramjet compressor bleed. Based on Howe’s mass estimation method, a 

turbofan of this size has a mass of 1600 kg. To give more insight into the reasons 

behind this choice,  thrust and SFC values for various different turbojet designs with 

varying BR are plotted in Figure 5-28 and Figure 5-29. 

What can be seen is that the available thrust of all of these powerplants drop steeply 

with altitude. By 20 km, 92% of the sea level thrust is lost. Also, it can be seen that 

for high speed applications (the graph shows Mach 1 condition), increasing the 

bypass ratio of the chosen powerplant significantly. As far as SFC is concerned, the 

magnitude of change over the altitude range and with BR is low, in the order of 10%, 

which at conceptual level studies could even be taken as constant if necessary. 

 

Figure 5-28: Thrust at varying BR at fixed Twet/Tdry = 1.5 @Mach 1 using LH2 
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Figure 5-29: SFC at varying BR at fixed Twet/Tdry = 1.5 @Mach 1 using LH2 

The (sc)ramjet are simpler choices in terms of performance as the requested thrust 

and T/W ratio characterizes the powerplant. The thrust was taken as the SSME’s 

(2100000 N) and T/W used is 50. The SFC values are very similar to turbojets 

according to the propulsion model. The main question is the powerplant’s starting 

Mach number. Scramjets usually rely on very high ram compression, thus are 

predicted to start around Mach 4. The effect of this starting Mach number is 

investigated in the study. 

To compare the different types of powerplants, as it is impossible to simply predict 

the available thrust at any configuration the following assumtions are made: 

 Number of turbojets to be investigated are varied from 3 to 12 it is not 
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The method of the comparison is the following. For turbojets, it is assumed, that the 

vehicle uses the new powerplants up to the “transition altitude”, where they cease to 

work, and the remaining rocket engines have to finish the ascent. This is a 

reasonable assumption, as we have seen that the turbojets cease to provide useful 

thrust at high altitudes. Because where this altitude is can’t be reasonably defined, it 

will be used as a parameter, and the fuel savings or penalties will be plotted against 

this parameter. Remember, the study doesn’t check if the powerplant actually works 

at that altitude, but if it worked, this would be the fuel saving. 

For ramjets, as they can’t function under a certain Mach number, below the ignition 

speed, only the fuel mass penalty (or possible gain) is calculated due to the 

remaining 2 rockets carrying the additional mass of the system. The transition 

altitude concept is the same. Note the altitude-Mach combinations depend on the 

chosen trajectory (the current one is 12 kPa constant dynamic pressure) as such the 

results can look completely different for different paths. Obviously, different power 

plants, fuel types, etc. have significant effect on the curves as well. The results for 

the current case are plotted in Figure 5-30. 

 

Figure 5-30: Airbreather engine fuel penalty vs transition altitude for various engine configurations 
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In very simple terms, the results show up to which altitude the airbreathing 

powerplant must operate to provide fuel savings. This transition altitude is where the 

given powerplant’s curve crosses the 0 penalty line. Above 0 it means, that although 

the powerplant saves fuel due to its high Isp at low altitudes, but will lose out overall 

due to the added dead weight the vehicle has to carry all the way to orbit. From the 

graph it can be seen, that depending on how many turbojets the designer believes 

can replace the 2100000 N thrust of a single SSME, the transition altitude changes 

from 3000-32000m for the given number of powerplants. The amount of these 

turbojets required to replace the total thrust of a single SSME at a given altitude is 

shown in Figure 5-31. Also plotted is the maximum feasible number of turbojets for 

the given altitude based on the transition altitude study. 

 

Figure 5-31: Required number of turbojets to replace a single SSME vs flight altitude 

This graph shows important results. As the blue curve shows the minimum number 

required to provide a single SSME-s thrust and the red represents the maximum 

number when fuel can still be saved, it can be seen, that there is no feasible altitude 

range, when turbojets could improve the ascent performance of this design. As a 

note, it can be argued, that the turbojets don’t have to provide the same thrust as the 

rockets, and fly a different trajectory than a rocket powered vehicle. Even if we 

assume that an aircraft type ascent could match the performance of a rocket type 

ascent, there is still a minimum amount of thrust required, which could be 

approximated by the rocket thrust over the L/D of the vehicle. And as hypersonic 

vehicles don’t reach high L/D values (subsonic L/D in the range of 4-7), even the L/D 

adjusted version of the required thrust curve wouldn’t intersect the transition altitude 

line. 
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This next section discusses the results from the ramjets. As the ramjet can’t be that 

simply characterized by the static sea level thrust, further sensitivity analysis was 

performed, using the design thrust of the ramjet as a parameter. Other parameters 

during the study are the ramjet engine’s design altitude and Mach number. For the 

ramjet, the concept of equivalence limit is introduced: this is the altitude, above 

which the ramjet cannot provide the thrust of a SSME; 2100000N. The equivalence 

limit vs design Mach number, for varying ramjet design thrust values are shown in 

Figure 5-32. 

 

Figure 5-32: Ramjet-SSME equivalence limit vs Mach number for various design thrust values 
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with about 500 kN thrust can be a reasonable choice to replace a SSME on the 

vehicle and result in fuel savings. It has to be noted, that as the ramjet intake is sized 

based on the local atmospheric density, high design altitudes can result in extremely 

large, and infeasible inlet sizes. For this reason a designer should attempt to keep 

the design altitude as low as possible for a ramjet. 
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Figure 5-33: Ramjet SSME equivalence limit and transition altitude vs design thrust for different starting 

Mach numbers and different design altitudes 

One shouldn’t forget, that these were all based on theoretical Isp values, while 

ignoring aerodynamic loss, gravity loss, etc. In terms of real performance, the gains 

are expected to be smaller, and feasibility limits expected to change. But the general 

behaviour should not change compared to the graphs presented here. It is also 

worth noting, that the ramjet’s after-combustion temperature (T4) is limited at 3000 K. 

By improving the material and/or cooling technology within ramjets, this number 

could be potentially increased, resulting in better performance for the same mass. 

Based on the outcome of the study, a ramjet is added to replace one of the SSME 

rockets on the vehicle, to investigate the performance when losses are not 

neglected. The properties of the ramjet used are the following: 
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pressure trajectory was set up using a monotonously increasing Mach number 

profile, and the altitudes calculated for it. This methodology should be revised (not 

just for airbreathers) due to natural physics. If one investigates the temperature 

profile of Earth’s atmosphere up to 400 km (refer to Appendix A - GENUS 

MODULES), it is clear that the temperature and thus the speed of sound at 400 km 

is significantly higher than at 122km. (One could also argue that the speed of sound 

might not be perfectly relevant at these extreme altitudes). However, for example 

M25 at 122km translates to M15.5 at 400km. Thus using a monotonically increasing 

Mach profile would result in potentially very low speeds at 122km, which hinders 

performance. 

Introducing a new input variable, the target Mach number at the edge of space 

(122km), the trajectories can be tailored to give better performance. Without 

manually optimizing every waypoint, the constant dynamic pressure method with the 

new target Mach can result 3100 kg fuel excess at orbital altitudes, which can be 

translated into significant sea level fuel savings. The refined trajectories are shown in 

Figure 5-34. It can be seen that the optimum strategy is as opposed to increasing 

Mach number at 122 km, actually lowering it. The actual simulated trajectory shapes 

are shown in Figure 5-35, while the remaining fuel at target orbit is shown in Figure 

5-36. Based on these results, the best option for the rocket powered design is the 

constant dynamic pressure trajectory; and to pull up into rocket type ascent at fairly 

low altitudes. This can reduce the fuel fraction of the vehicle to 0.891, getting the 

design closer to feasible, converged state. 

 

Figure 5-34: Space Launcher refined trajectory comparison 

0

2

4

6

8

10

12

14

0 50 100 150 200 250 300 350 400

M
ac

h
 [

-]
 

Altitude [km] 

Space Launcher refined trajectory comparison 

Original Const Pdyn 16kPa Quasi-const pdyn STS based Lin M-Alt



248 

 

 

Figure 5-35: Space Launcher trajectory plot for the refined trajectories 

 

Figure 5-36: Fuel remaining at target orbit using the revised trajectories 

Going through the loop of packaging the vehicle and optimizing wing shape, the 
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practice less than 5% thickness values are not desired, thus a lower limit is imposed. 

In the case of this vehicle, the initial and optimized values are shown in Table 5-6. 

For comparison, the Space Shuttle’s and Skylon’s values are also included. 

Table 5-6: Aerofoil optimization comparison table 

Aerofoil Wing Vertical tail 

 Root Tip Root Tip 

Before optimization 12% 12% 15% 15% 
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The optimised values are very close to the Skylon’s (measured) aerofoil shapes. 

Having low thickness on the vertical tail is not critical in the case of a Space 

Launcher, as under the most severe loading, the re-entry, the vertical tail is usually 

shadowed by the vehicle’s body. 

Regarding the optimisation of the remaining aerodynamic parameters of the wings, 

based on the optimisation process, the recommended shape is the uncambered, 

NACA 00XX type airfoil, with a wing root setting angle of -1.72 degrees. This result is 

understandable for a high speed vehicle, as camber is only really beneficial at low 

speeds. At high speeds, camber just translates into additional drag, and also the 

vehicle does not rely too much on aerodynamic lift to fly its trajectory. A small 

amount of dihedral on the wings is usually beneficial to improve lateral stability of the 

vehicle. However a highly swept wing produces the same “dihedral effect”, and as 

such additional dihedral is not necessary for these shapes. As a comparison, the 

Space Shuttle does not have di/anhedral on its wings. 

The fuselage shape was also subject to shape optimization, to understand the 

concept’s sensitivity. The original simple almost cylindrical section fuselage was 

refined to include 8 different cross-sections, all of which were simultaneously 

optimized to provide an optimized shape. The outcome of the optimization process is 

a linear, conical fuselage. This result is understandable for three reasons; one, the 

wave-drag increment of the body is evaluated using a simplified equivalent shape 

assumption, thus there is no mechanism to drive the optimization process towards a 

Sear-Haack’s body for example. Also, the vehicle spends significant time at 

hypersonic speeds, at which a cone is better shape than a cylinder. The third reason 

is packaging. As the rocket engines are mounted at the end of the fuselage, the 

vehicle must expand its front diameter, set by the current payload bay size. The drag 

curves vs Mach number generated in GENUS for the cylindrical shape, the optimized 

conical, the Space Shuttle and the Skylon are shown in Figure 5-37. Note that drag 

coefficients are all referenced to the conical shaped launcher’s gross wing area of 

120m2. 
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Figure 5-37: Drag coefficient comparison referenced to conical Launcher Shape Sgross  

Shat can be seen, is that the optimized body offers significant advantage over the 

cylindrical shaped version. In the example the Space Shuttle’s drag is probably over-

predicted, as its fuselage shapes are modelled as rectangular cross-sections, while 

in reality, they are rounded at the top. However even ignoring this approximation 

error, the Space Shuttle shape is blunt, thus expected to produce high drag. The 

Skylon, on the other hand is a very sleek, “cigar” shaped vehicle, which results in low 

drag. Why they can achieve this is due to the engine placement; the powerplants are 

wing-tip mounted as opposed to the “usual” aft fuselage position. This allows the 

shape of the fuselage to taper down to small diameters, and do not generate high 

base drag. The optimized vehicle shape is shown in Figure 5-38. 

 

Figure 5-38: Optimized conical shape launcher geometry 

Optimizing for the shape of the vehicle’s nose was also performed. No significant 

improvement was achieved to the vehicle’s shape and performance. However even 

for small mass savings, the recommended optimum shape features a very sharp, 

small radius and flat nose. These shapes provide very good aerodynamic 
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performance at high speeds, but are to be avoided due to the high heat flux 

concentration during re-entry. While recommended design shape is shown in Figure 

5-39, the change in nose shape was not taken on-board due to the re-entry 

requirements.  

 

Figure 5-39: Result of nose-shape optimization process 

As a note from the author, different engine size estimation methods can yield 

significantly different size estimations. Even small parameter changes can result in 

large differences. The estimated engine size up until this point of the study for an 

SSME was done using a diameter of 4.51 m, and a length of 3.61m, based on the 

estimations. However revising assumptions used for the estimation can lead to 

2.31m diameter and 3.92m length, which much better approximates the real engine 

dimensions, which are 2.4m diameter and 4.3m length. Note, that the length of the 

SSME is under-predicted even with revised methodology. The diameter however is a 

very good approximation. From this point forward, the more accurate, revised 

dimensions are used, which requires revision of the fuselage shape as well. The 

estimated mass, 2724 kg, also compares well to the 3000 kg engine mass. 

The next part of the study focuses on the order of components inside the vehicle. As 

the concept is still in a stage, where determination of feasibility is the primary 

concern, there are only a minimum number of internal components to be packaged. 

These are: 

 Payload bay 

 Liquid hydrogen tank 

 Liquid oxygen tank 

This study looks at the ZFM optimized vehicle shape at each permutation of the 3 

parts. This was achieved by varying the order of the components in the packaging 

and CG module. Table 5-7 illustrates the various packaging configurations and 

generated optimum vehicle shape. 
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Table 5-7: Effect of packaging order on mass optimized vehicle shapes 

Nr Packaged image Vehicle mass [kg] Component order 

1 

 

40737 1) Payload bay 
2) LOX tank 
3) LH2 tank 
4) Propulsion 

2 39745 1) Payload bay 
2) LOX tank 
3) LH2 tank 
4) Propulsion 

3 42824 1) Payload bay 
2) LOX tank 
3) LH2 tank 
4) Propulsion 

4 42817 1) Payload bay 
2) LOX tank 
3) LH2 tank 
4) Propulsion 

5 42239 1) Payload bay 
2) LOX tank 
3) LH2 tank 
4) Propulsion 

6 42154 1) Payload bay 
2) LOX tank 
3) LH2 tank 
4) Propulsion 

 

The mass components were highlighted with effect colouring, and additional lines 

were hand added for brevity. The red component is the liquid hydrogen tank, blue is 

the liquid oxygen tank, green is the payload bay, and grey is the propulsion system 

(hence its always the last one). The vehicle is facing to the right, starting with the 

nose. 

What can be concluded is that in this configuration, the most beneficial order is if the 

payload bay is the first object. Not to mention this would place it the furthest away 

from the hot propulsion systems. Regarding the order of the liquid oxygen and 

hydrogen tank, there are other assumptions that should be taken into account. For 

example liquid hydrogen is stored at lower temperatures than oxygen, so if it is 

placed closer to the powerplants, less ducting is required to carry the fuel. And since 

cryogenic ducting has to be insulated, so has a large diameter, this could save 

significant amount of volume. Also, the hydrogen ducting passing near the warmer 

liquid oxygen tank would need even more insulation, while if the oxygen ducts pass 

near the hydrogen tank, then the colder hydrogen can act as a heat sink, potentially 

preventing oxygen boil-off or at least reducing the amount of ducting insulation. Such 

complex checks are not implemented in the packages module yet, but based on the 
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relative position of components; this could be automatically evaluated by the code 

and factored in the mass and volume calculations for example to drive the 

optimisation process. 

While Table 5-7 gives a good overview of the minimum ZFM vehicle shapes, it is not 

necessary the objective towards which the optimisation should head. Just because 

the vehicle is the lightest, it’s not guaranteed that it can perform its mission (reach 

space). Figure 5-40 compares a performance (aerodynamics) optimised shape, with 

the mass optimized (Nr 1). 

 

Figure 5-40: Mass optimized (top) and performance optimized (bottom) launcher shape comparison 

What can be seen is that although a shorter vehicle might be beneficial in terms of 

total mass, a longer, sleeker offer better performance. The outcome of this shape 

comparison is of course very sensitive to the choice of mass breakdown equations 

and the aerodynamic methodology. Digital Datcom for example uses equivalent 

circular cross-sections to estimate fuselage drag, so having a non-circular cross-

section would not affect the results. Likewise, the mass estimation methodology 

relies on projected fuselage area, so the mass breakdown algorithm would not be 

able to drive the section heights of the vehicle, as they have no effect on the 

fuselage mass. Fortunately they do have an effect on the TPS mass, which depends 



254 

 

on the total vehicle surface area, but one has to understand the limitations of the 

modelling methods, and set up the optimization process accordingly. 

One aspect of the design space has not been investigated yet, and that is the choice 

of fuel and oxidizer. Basically the two major choices available today are hydrocarbon 

based (referred to as RP-1 or kerosene) or hydrogen. Due to the higher specific 

impulse of hydrogen, it can be thought of as the definite choice, however due to its 

low density, the vehicle has to be physically large, which may or may not result in 

more disadvantages compared to kerosene, than advantages. 

To perform the study, similarly to the SSME, a powerful hydrocarbon fueled rocket 

engine is chosen. The RD-170 (Ракетный Двигатель-170) is the most powerful 

rocket engines ever created, originally developed for the Energia (Энергия) launch 

vehicle. While the Energia rocket was used to launch the Buran, the Soviet 

equivalent of the Space Shuttle, it is not a reusable engine, so would not be directly 

applicable to the concept. The specifications of the RD-170 engine are summarized 

in Table 5-8. Note that this rocket represents 1987 technology level; however it 

hasn’t been significantly surpassed ever since. 

Table 5-8: RD-170 specifications 

Vacuum thrust [N] 7903000 

Vacuum Isp [s] 337 

Combustion chamber pressure [bar] 245 

Expansion ratio [-] 36.87 

Propellant RP-1/LOX (equivalent) 

Mass [kg] 9750 

Length [m] 3.78 

Diameter [m] 4.02 

 

In GENUS, the estimated mass of a rocket with these specifications is 8654 kg (plus 

1934 kg thrust-structure), the estimated diameter is 3.67 m, and the length is 5.68 m. 

Based on this, it seems that the mass and diameter is well approximated, however 

the length is over-predicted by the methodology. The propulsion model predicts a 

sea level maximum thrust of 7.59 MN, which is in good agreement to the specified 

7.55 MN sea level thrust. Overall it can be said that the modelling methodology in the 

Hypersonic GENUS modules provide good prediction regarding the engine’s 

characteristics for conceptual design purposes. 

Although the RD-170 might not be as efficient as the SSME, it is significantly more 

powerful. For this reason only 1 or 2 engine is assumed to deliver the required 

performance. Using a lower number of engines can result in significant volume 

reduction compared to the hydrogen powered vehicle. Similar structural volume 

reduction can be achieved due to the increased fuel density of kerosene compared 

to hydrogen. The actual reduction however is different to the amount one expects 

simply swapping hydrogen to kerosene, as the fuel fraction of the vehicle must 
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increase due to the lowered Isp. This actually can translate into a significant size 

increase. Tu reach orbit with the 337s Isp can be translated into a 95.5% fuel fraction, 

based on the outcome of GENUS performance analysis. At this high fuel fraction 

however, the mass estimation of the vehicle diverges. 

By now all the designed space of the rocket engine based Space Launcher vehicles 

are explored, except for the effect of potential future technology improvements. 

Based on this study, the two most sensitive areas, where the greatest improvement 

can be achieved towards the feasibility of a SSTO vehicle are its propulsion system 

and its component mass properties. There are two main parameters to use for a 

study, the powerplant’s vacuum specific impulse (Isp) and the technology reduction 

factor (TRF) used to estimate the component mass breakdown of the vehicle. In this 

part of the study the effect of these two parameters is investigated. 

Figure 5-41 shows the relationship between these two parameters in order to create 

a feasible design. For example, a current top of the range rocket with 470 Isp would 

require an estimated 40% TRF applied to all mass components to make the concept 

feasible and packaged. The effect of improving the vehicle’s aerodynamics, by 

optimizing the wing shape for example, is also shown as the required TRF curve is 

plotted both before and after optimization. 

 

Figure 5-41: TRF and ISP improvement studies for design feasibility for different vehicle shapes 

The question arises, what is a reasonable number to assume for the TRF. As it was 

demonstrated in chapter 4.2.4 Mass estimation, the TRF can be estimated very high 

for some items. Based on Rohrschneider’s work shown already, the greatest 

estimated mass reduction will be achieved on avionics equipment, in the range of 

50%. Structures are also predicted to achieve up to 44% mass reduction, which is 

mainly explained with the progress achieved in composites technology. As most of 

the parts in this study already assume composite technology, the reduction should 
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not be estimated this high, however there is still room for improvement with 

composites components. TPS is also among the highest estimated percentages with 

35%, due to improvements in ceramics and high temperature composites 

technology. Main propulsion systems have a reasonable potential at 15%, especially 

with the spread of new technologies such as additive manufacturing. Based on this, 

a TRF up to 15 - 25% could be a reasonable estimate for future vehicles. 

Regarding Isp, Table 4-3: Hypersonic propulsion fuel properties shows average 

realized Isp for existing powerplants. The reasonable hydrogen fuelled rocket Isp was 

also discussed in this chapter, and assumed to be around 460-470s. There is no 

known theoretical limit to the specific impulse of a rocket; it depends only on the 

propellants, static temperature and pressure achieved in the combustion chamber, 

when comparing vacuum specific impulse. Current reasonably high combustion 

chamber temperatures are in the range of 3000 K, while pressures can be on the 

order of 200 bar (SSME data). In this condition, the theoretically achievable Isp, 

ignoring all losses, etc., is 950s. Increasing the chamber temperatures increase the 

Isp without upper bounds. Increasing the chamber pressure increases performance 

when the ambient pressure is not zero, but the Isp converges to the vacuum value. 

The change of Isp with temperature from a low 2000 K to a very high 5000 K 

chamber temperature is plotted in Figure 5-42. 

 

Figure 5-42: Hydrogen rocket theoretical vacuum Isp vs combustion chamber static temperature 

As per the result, even the highest technology liquid hydrogen rockets at 470s Isp 

only operate at about 50% of the theoretical achievable Isp so there is still scope to 

improve performance; 630s as shown for 0 TRF is only 65% of the theoretical Isp 

value. 

As it was mentioned before, there are other fuel technologies, that provide higher Isp 

than LH2. According to Matloff [264.], the list of these propellants is shown in Table 
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5-9. The table includes LH2 for comparison. Matloff further claims unproven, exotic 

combinations exist performing up to 3150s Isp. 

Table 5-9: Higher specific impulse than LH2 propellants (source: [264.]) 

Fuel/Oxidizer Isp [s] 

LH2/LOX (Space Shuttle technology) 460 

LH2/LOX (ideal) 528 

Liquid fluorine/Liquid oxygen 530 

LH2/Ozone 607 

Lithitum hydride (Li-H2)/Fluorine 703 

Beryllium hydride (Be-H2)/Oxygen 705 

 

As it can be seen, with the use of different propellants, significant increase in specific 

impulse can be achieved. The drawback of most of these propellants is that they are 

unstable (prone to self-detonation), and the exhaust products are very harmful to the 

environment. However perhaps in small amounts they can be used to augment a 

hydrogen fuelled rocket to boost its specific impulse to the required levels. 

Based on the investigated specific impulse values, it seems very likely, that in the 

future, an Isp of 525-550 can be achieved. Looking at Figure 5-41, this value 

corresponds to about 20-25% TRF for mass breakdown, which was deemed to be an 

acceptable value. As a result, a packaged, feasible version of the vehicle can be 

produced, which can be further analysed and improved. As a recommendation, when 

improvements of the design is possible, first these TRF and Isp should be reduced 

towards today’s technology, rather than mass reduction of payload increase. 

Generally, the higher these values are assumed, the higher is the concept’s risk and 

less reliable are the predictions. 

 

Figure 5-43: Future improvement potential comparison of LH2 and Kerosene fueled Space Launchers 

Figure 5-43 shows the same TRF-Isp improvement comparison between LH2 and 

hydrocarbon based Space Launchers. As it can be seen, the kerosene fuelled 
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launchers would require considerably higher technology increase to make them 

feasible. The lowest averaged technology improvement required is on the order of 

40% as opposed to the about 20% required for the hydrogen based. If assuming that 

the same 25% TRF reasonable for mass breakdown, that would translate into a 

roughly 70% Isp increase required. That would equate 537s Isp, which is very high, 

perhaps just about achievable with hydrogen fuels. For this reason, based on the 

outcome of this investigation, for the given SSTO vehicle concept, hydrocarbon 

fuelled propulsion is not feasible, and is not likely to work in the future. 

Assuming an acceptable 550s specific impulse for the propulsion system and 

optimizing for the lowest TRF (17.6%) the concept vehicle can be finally packaged. 

The final specifications of this vehicle are the following: 

 AUM: 200000 kg 

 Payload: 3000 kg 

 ZFM: 31600 kg 

 Fuel fraction: 0.84 

An image of the packaged configuration is shown in Figure 5-44. Complete 

documentation of the concept, including the 3 view drawing is available in Appendix 

B - Space Launcher concept vehicle documentation.  

 

Figure 5-44: Feasible concept vehicle configuration 

One might ask the question, why the optimizer recommends a thick (20%) root 

aerofoil, when previously, when optimizing for aerodynamic goodness, a thin (7%) 

aerofoil was recommended. The reasonable explanation lies in the mass estimation 

of the wing. The thicker the aerofoil, the more efficient the structure can be carrying 

the bending loads, thus for the same planform, it can usually be designed lighter. 
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Since aerodynamics only have a significant effect on relatively low altitudes, and 

ensuring a 0 mass error was a hard challenge, the optimizer is most likely to be 

driven towards the lower mass errors (lighter structure), which overweighs the 

aerodynamic penalty at low speeds. Before the concept is deemed suitable for future 

exploration, the validity of the aerodynamic estimation methods should be checked, 

as Digital Datcom was not meant to handle arbitrary geometry. 

Another questionable feature of the vehicle shape is the small looking vertical tail. As 

it was mentioned, the tail is sized to provide a 0.02 tail volume coefficient for the 

vehicle, based on small aviation aircraft values. However the assumed tail volume 

coefficient might not be appropriate for a vehicle of this shape. Thus the 

effectiveness of the tail should be evaluated using more sophisticated methodology. 

Just to demonstrate that the vehicle can reach orbit is not enough; the vehicle has to 

perform its mission and return to land safely. Next section of the study considers the 

orbital section of the mission. 

According to the simulation data, the vehicle reaches the target 400 km circular 

altitude 31600 kg, which leaves 1680 kg of propellant to use in the on-orbit phase. 

This fuel mass was designed to give 300 m/s ΔV in orbit. In this study it is assumed, 

that the vehicle’s ascent propulsion system can be used as OMS as well. This is 

quite unusual, as OMS rockets are usually much smaller, used for shorter durations, 

and are started more than once during a mission. The large ascent engines are 

usually designed for a single start, even the SSME are partially reusable only, as 

they need extensive maintenance between launches. It can be argued that if the 

vehicle is to operate in a reusable fashion, then its rocket engine must be able to 

start more than once, otherwise operational performance suffers. If it is still desired 

to have a separate OMS, the current configuration could integrate the additional 

powerplants, either at the cost of reduced payload, or at the increase of vehicle size. 

For reference the Space Shuttle’s OMS mass was 1350 kg, and a similar sized 

rocket engine is approximated at 1797 kg in GENUS. Thus adding the OMS, would 

effectively reduce payload capacity by 60%. If 300 m/s ΔV is deemed to be 

unnecessary, part of this extra fuel mass could potentially be exchanged for 

additional payload. As the amount of fuel is low compared to the ZFM, this exchange 

rate can be treated linearly, as shown in Figure 5-45. 
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Figure 5-45: Additional payload capacity vs desired ΔV 

As the vision for the vehicle’s main mission is to resupply the ISS, the orbital 

endurance of 5 days is appropriate, with generous reserves. In the case of a cargo 

vehicle, the mass estimation equations used don’t depend on the orbital endurance; 

it is only of concern when manned operations are considered. 

Investigating the vehicle’s capacity to deliver payloads from different launch sites, to 

different orbits and inclinations is important, as operational flexibility is very important 

for a successful concept. Figure 5-46 shows payload capacity based on launch from 

different space centres. Since the vehicle is intended for more airplane-like 

operations, some major cities of the world are included as well. 

 

Figure 5-46: Maximum possible payload variation to 400 km 0 inclination orbit based on launch sites and 

some major cities 

0

500

1000

1500

2000

0 50 100 150 200 250 300A
d

d
it

io
n

al
 p

ay
lo

ad
 [

kg
] 

Desired orbital ΔV [m/s] 

Additional payload capacity vs desired ΔV 

0

500

1000

1500

2000

2500

3000

3500

P
ay

lo
ad

 m
as

s 
[k

g]
 

Maximum possible payload variation to 400 km 0 inclination orbit based on launch 
sites and some major cities 



261 

 

 

Figure 5-47: Payload capacity from 0 latitude launch vs orbital radius for various orbital inclinations 

Figure 5-47 shows the achievable maximum payload capacity of the vehicle based 

on the orbital radius and inclination when launched from the equator. For additional 

performance curves, refer to Appendix B - Space Launcher concept vehicle 

documentation. Note all curves are generated with 300 m/s orbital ΔV capacity 

included. 

The orbital part of the mission is not simulated in more detail, as there are so many 

unknowns at conceptual level. The specified target orbit and orbital ΔV requirements 

can be thought as equivalent values for any conceivable orbital mission. 

After the orbital part of the mission is finished, the vehicle has to re-enter the 

atmosphere and safely land. As the vehicle’s shape is critical in reaching orbit, which 

is the prime constraint with the design, the vehicle’s re-entry should be first optimized 

using the entry flight path angle and angle of attack. 

Prime considerations during re-entry are the following: 

 Maximum decelerations (Nx and Nz) 

 Maximum dynamic pressure 

 Maximum and average heat flux, total heat energy absorbed 

 Ground distance covered 

The trajectory optimized for minimum peak heat load is shown in Figure 5-48 as a 

time-altitude curve. For comparison purposes, the Space Shuttle shape’s simulated 

trajectory is shown at the same initial angles. In addition to the altitude, the maximum 

heat flux is also shown in Figure 5-49. The rest of the re-entry results are available in 

Appendix B - Space Launcher concept vehicle documentation. 
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Figure 5-48: Launcher and Space Shuttle shape trajectory comparison - Altitude 

 

Figure 5-49: Launcher and Space Shuttle shape trajectory comparison - Heat Flux 

What can be seen is that for the given trajectory the Space Launcher concept 

performs better than the Space Shuttle shape; its heat flux is lower, and occurs at 

slightly higher altitudes. This is due to the fact that the Space Launcher concept has 

a higher CL (0.17452 vs 0.11899 referred to the Space Launcher wing area) and also 

its significantly lighter (31.6 tons vs 70 ton without return payload). This shows the 

advantage of relying on aerodynamic lift at higher altitudes during re-entry. The 

predicted values are similar to the heat flux experienced by the Space Shuttle, so 
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since the TPS thickness and mass was predicted using the Shuttle parameters, it 

can be assumed that the vehicle can safely survive the heat loads under nominal 

conditions. However, nominal conditions during a re-entry can’t be guaranteed, thus 

usually a Monte-Carlo simulation is performed to estimate the extremities and 

probabilities of the off-nominal trajectories and resulting loads. In this study, a +2/-2 

degree variation in angle of attack and a +1/-0.25 in flight path angle is evaluated to 

show the envelopes expected when off-nominal entry conditions are encountered. 

The example study shows the uncertainty effects on heat flux, plotted in Figure 5-50. 

What’s important to note, is while the descent performance is not too sensitive to the 

vehicle angle of attack, it is very sensitive to the re-entry flight path angle, gamma. At 

lower gamma values (closer to 0), the vehicle will “skip” during re-entry, and will re-

enter in a less controllable fashion, usually at higher gamma, which is undesirable. 

Even 0.5 degree deviation from the nominal gamma causes skip. Thus in further 

stages of the design, instead of choosing just the angles with the lowest heat flux, it 

is a safer, thus better option to choose angles where the sensitivity of peak heating 

to the angles is low. This is especially important as in reality the atmosphere doesn’t 

behave like the standard model assumed here, significant temporal and spatial 

fluctuations can be expected, depending on the seasons, time of the day, solar 

activity, etc.  

 

Figure 5-50: Re-entry heat flux sensitivity to AOA and flight path angle 
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The maximum accelerations are low, generally below 1 g in both directions. Again, 

note that at the end of re-entry the aircraft must assume lifting flight, but the actual 

trajectory would be controlled by the terminal area management policy. 

The achievable ground range from the projected re-entry point at 122km is 14000 

km, which is about twice the average distance for the Space Shuttle, so the range is 

more than adequate. 

The maximum dynamic pressure is under 5 kPa, which is within the typically 

acceptable limits; Hirschel and Weiland [265.] quote 14kPa for a Space Shuttle 

shape, and the Space Launcher shape is potentially a more robust shape due to its 

thicker aerofoils. 

The landing distance is estimated as 4280 m, assuming 1.5 landing glide slope and 

1.43 VL to stall speed ratio (Howe’s recommendations): the estimated landing speed 

is 82 m/s. No thrust reverser or additional decelerator mechanism (hook, parachute, 

etc.) are assumed. The landing distance includes an 1.67 ground distance factor. 

The estimated distance is within the current available longest runway length, 4500 

m, used by the Space Shuttle for its landing. 

As a final part of the study, the vehicle’s stability is estimated with the use of static 

margins. Refer back to the discussion in Chapter 4.2.8 Stability and control on the 

appropriateness of the static margin. 

An example result generated in the GENUS hypersonic stability module is shown as: 

Flight condition 0: WP.0 

 Mach: 0.48419055110855314 [-] 

 Mass: 199000.0 [kg] 

 Altitude: 122.0 [m] 

 CG position: 11.387521094424468 0.0 -0.18092292457515444 [m,m,m] 

 Alpha: 0.24691227244939792 [rad] 

 Alpha_deg: 14.147031121334814 [deg] 

 Gamma: 0.0 [rad] 

 Thrust output: 549654.5877558818 N 

 Total moment: -2835942.615229235 [N] 

 Perturbation angle: 0.1 [deg] 

 Moment at positive delta alpha: -2874536.1180648208 [Nm] 

 Moment at negative delta alpha: -2797357.8757782066 [Nm] 

 Slope at positive delta alpha: -2.2112448291052375E7 [Nm/rad] 

 Slope at negative delta alpha: -2.2107427241558526E7 [Nm/rad] 

 Static margin: 0.2406250235468912 [-] 

 At this flight condition vehicle is stable: true 

 



265 

 

This information is generated for all the other WPs during ascent. The evaluation of 

static margins through the ascent is shown in Figure 5-51. Note that the waypoints 

are starting at 1, while GENUS results start at 0. 

 

Figure 5-51: Stability estimation using stability margins 

Based on these results the vehicle is mostly unstable throughout the subsonic 

regime up to WP 13 which is at Mach 1.46, and 14.2 km altitude. At hypersonic 

speeds however, the vehicle is stable, which is desirable. Low speed instability is 

easier to fix using stability augmentation, as the power required to control is lower. 

 The stability of the vehicle is not evaluated in more detail in this study. 
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5.1.5 Sensitivity of Space Launcher concept 

The previous chapter demonstrated the exploration of the design space of the 

proposed Space Launcher concept vehicle. This chapter briefly describes the 

sensitivity of the designed vehicle to two major changes: changing the vehicle from 

“cargo” to a man rated launcher, and varying the payload and evaluating the 

sensitivity to the AUM accordingly.  

5.1.5.1 Man rated vehicle 

The man rated vehicle can be produced by implementing the following changes: 

 Installing: 

o Crew cabin 

 Also taking on board: 

o Crew equipment 

o Crew and gear 

 Expanding the life support system 

 Removing the payload bay 

 Reducing the allowable maximum Nx to a sustained 3 

 Altering the vehicle geometry to accommodate the changes: 

o Fuselage length (also adjust wing size) 

o First section diameter  

Table 5-10: Mass breakdown comparison of cargo and man-rated variant 

Component name Cargo [kg] Man rated [kg] Change [kg] Change [%] 

Wing.0 1491 1580 89 6.00% 

VTail.0 117 123 6 5.41% 

Body.0 5758 5966 209 3.62% 

TPS 2684 2867 183 6.81% 

Environmental control and life 
support systems 991 1295 303 30.60% 

Nose landing gear 177 195 19 10.49% 

Main landing gear 530 586 56 10.49% 

HYP_Rocket.0.mass 6735 6735 0 0.00% 

HYP_Rocket.0.thruststructure 1271 1271 0 0.00% 

Crew cabin 0 738 738 - 

Primary Power 265 265 0 0.00% 

Electrical conversion and 
distribution 1615 1615 0 0.00% 

Hydraulic Systems 89 89 0 0.00% 

Surface Control and 
Actuators 1363 1363 0 0.00% 

Avionics 527 527 0 0.00% 

Crew equipment 0 187 187 - 

Crew and gear 0 917 917 - 

LH2.tank.internal 3300 3300 0 0.00% 

LH2 28067 28067 0 0.00% 

LO2.tank.internal 1689 1689 0 0.00% 

LO2 140333 140333 0 0.00% 

Payload to drop 3000 0 -3000 -100.00% 

Total 200000 199710 -290  
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Table 5-10 shows the difference in mass component values between the man rated 

and the cargo variants. As it can be seen to provide the same performance, instead 

of the 3 tons payload, the vehicle is only able to carry 3 crew members to the ISS 

and 300 kg of its original capacity can’t be utilized. A fortunate detail, is that the ISS 

actually changes 3 crew at a time, thus the vehicle could perform its function 

appropriately. 

Why only 3 members of crew can be carried in exchange for 3 tons of payload is due 

to the additional installed equipment. The crew cabin only weighs 738 kg, and the 

extended structure and altered ECS/Life support system are also significant 

contributors. Also, unlike an airliner it is assumed that the crew are boarding with full 

gear and equipment, with which, a crew member is estimated at an average of 300 

kg. Rerunning the study assuming a shirt-sleeve environment (and an uprated life 

support system to enable that), the number of possible crew might be significantly 

increased.  

To facilitate the packaging of the new components, the vehicle’s overall length is 

increased by 773 mm. The new packaged shape is shown in Figure 5-52. Note that 

some components (propellant tanks for example) are re-coloured automatically by 

the plotting utility, thus keep in mind when comparing. 

 

Figure 5-52: Man rated packaged vehicle shape 
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vehicle, when before it was shown, that the vehicle must accelerate at 6-7g 

longitudinal acceleration to complete its mission? The answer lies in the 
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be seen that even for the cargo variant, the optimal trajectory does not reach far 

above an Nx value of 4. Thus there is no significant loss of performance for the 

limitations of the manned variant; the gravity loss is paid with the 300 kg reduced 

load capacity. Why the cargo variant only reaches 4, when 7 is available, is twofold. 

First, the defined trajectory imposes limitations on the allowable maximum Nx in any 

given segment. Second, the vehicle at that point in time still weighs 123000 kg, and 

the 3 SSME derived, 2.1 MN powerplants can only produce so much thrust; 6.3 MN 

available, which has to overcome 1.4 MN drag, and one the gravitational 

acceleration is factored in to convert mass to weight, one can see, that the maximum 

possible acceleration factor is 4.1. Again, slightly counter-intuitively, if the vehicle lost 

more fuel mass at lower altitudes, then it would be able to accelerate faster here. 

According to the optimization process, and the modelling methodology, this is a 

superior trajectory however. 

 

Figure 5-53: Cargo and man rated variant ascent performance comparison 

It is important to highlight, that the conversion to a man rated variant is only possible 

due to the fact that the optimized cargo variant operates at a fairly low Nx. If it was 
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alterations are made to the vehicle design. 
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5.1.5.2 Payload sensitivity study 

The second part of the sensitivity study deals with the effect of changing payload 

mass on the vehicle’s AUM. The same performance criteria are maintained as for the 

baseline vehicle. 

To perform the studies, the following settings are used for the optimization process: 

 Objective: Minimize AUM 

 Constraints: 

o MTOM (AUM) error = 0 (mass breakdown error) 

o Max L error with tolerance < 0 (longitudinal packaging error) 

o Max Xsec pack error with tolerance < 0 (cross section packaging error) 

o Ascent Alt error < 0 (performance, ascent altitude error) 

o Ascent Mach error = 0 (performance, ascent Mach error) 

o deltaV error < 0 (performance, orbital performance error) 

 Variables: 

o Fuselage L2: 4 – 20 m 

o Fuselage Diameter.2: 4 – 8 m 

o Fuselage Diamater.3: 4 – 8 m 

o Mass estimated: 100000 – 1000000 kg 

o Fuel fraction: 0.7 – 0.95 

o LH2.tank.internal.Cylinder.L/R: 0.2 - 5  

o LO2.tank.internal.Cylinder.L/R: 0.2 – 5 

Note that an 5% packaging tolerance is assumed consistently among the different 

variants. 

The variation of vehicle AUM and ZFM vs payload capacity is shown in . Note that 

the 0kg point was performed with 1kg minimum payload, as the payload bay is set to 

a fixed 1m length, and if 0 payload is assumed, the payload bay wouldn’t be 

generated, thus an unfair mass advantage would be achieved, as the vehicle could 

be packaged much smaller. 

The study varied the payload from 0 to 3000 kg. Above 3000 kg, no converge could 

be achieved with the current vehicle shape. This is not surprising considering the 

effort that has been put into producing a single instance of feasible design, and thus 

the fact, that the baseline 3000 kg payload design is right at the boundary of the 

feasible design space, which was expanded step by step in the exploration phase. 

The AUM, ZFM and Fuel fraction values from the study are shown in Figure 5-54, 

Figure 5-55 and Figure 5-56.  
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Figure 5-54: AUM and ZFM as a function of payload mass 

  

Figure 5-55: ZFM as a function of payload mass 

  

Figure 5-56: Fuel fraction as a function of payload mass 
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What can be seen from the results, first of all, that there minimum feasible mass for 

this configuration is around 176 tons. Below this, the vehicle in the current 

configuration cannot exist, and have the required performance. 

The fuel fraction of the vehicle seems fairly constant, and has a minimum at 2000 kg 

payload mass. Although the change is only fraction of a percent, but keep in mind, 

that this is related to about 200000 kg AUM, so the difference between the minimum 

and maximum is on the order of 600 kg. 

Also worth noting is the non-smooth nature of the results. It is questionable whether 

this is some numerical noise present, or it is because there are different constraints 

active at different payload values. By intuition, one would expect a smooth function 

curve between the evaluated points, perhaps major break points where one 

constraint takes over the solution.  
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6 Discussion on the design methodology and results 
The design methodology was demonstrated by exploring the design space, and 

showing example investigations into the design sensitivities of the Space Launcher 

concept vehicle. 

The process used to perform the exploration is relying on a fixed AUM, without 

enforcing feasibility at every evaluation. It can be said, that the design is “converging 

from above” towards the feasible solution. The proposed design process provides a 

way, which is a workaround for diverging mass breakdown, which is a characteristic 

of high fuel fraction vehicles. 

This convergence can further be emphasized by plotting the actual vehicle ZFM and 

mass error values at every significant design iteration performed. These results are 

shown in Figure 6-1. Note that the number of actual design iterations is higher; these 

only denote the successful iterations, that actually drive the vehicle towards 

feasibility. 

 

Figure 6-1: ZFM and mass error change throughout the design process 
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4. After a sufficient number of iterations, the design should converge to a 

feasible solution. 

5. If no convergence is reached, determine its cause, and try to fix it 

6. If all possible fixes fail to acquire a converged solution, use TRF, and 

increased efficiencies, to determine which areas must be improved to enable 

the concept. 

7. If nothing can make the design to converge, see if requirements were set too 

high, and revise if required 

Also as a 0th step, it is always important to be critical towards the results from the 

design methodology. It can easily happen that the design drifts outside the validity 

region of some methods, or that there are mistakes in the code or calculations. Only 

results that can be explained based on the knowledge of the underlying physics or 

mechanisms should be accepted. 

Although the TRF is used to acquire a converged solution, it is not as efficient in 

solving the issue, as it would be for a conventional aircraft. This is also due to the 

very low structural mass fraction: 10% TRF at a 16% dry mass, is only 1.6% total 

mass change. 

The key feature of this process is the fact that the performance and mass estimation 

can be decoupled; geometry and fuel fraction is the link between. This is desirable at 

early stages of the vehicle concept development. Once there is a prospective good 

shape, the performance methods can use calculated mass, from the mass 

breakdown instead of estimated, to do sensitivity studies. This enables the 

exploration of mass breakdown options, without affecting the performance, which is 

a desirable feature, as ensuring adequate performance for a Space Launcher could 

be a challenge, as it was demonstrated. 

In terms of outputs, in the author’s experience, the convergence can be most easily 

achieved in the following order: 

1. Altitude, Mach, Orbital error indicators set to 0: ensure adequate performance 

for the given AUM 

2. Iterative evaluation of packaging and mass breakdown error. If geometry 

changes break the converged performance, then re-iterate. To repeat, the key 

useful feature is the fact, that the mass breakdown and packaging does not 

affect the performance, unless the designer specifically sets the program to 

use the calculated mass rather than the estimated. 

3. Once the vehicle has acceptable performance, packaged and feasible (mass 

breakdown error of 0), then it is time to evaluate the remaining feature in the 

design process. This approach is chosen, as many of these design features 

should only be evaluated for feasible designs. Also most of them can be 

altered without change to the vehicle’s geometry, mass, or performance; for 

example the re-entry characteristics. 
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4. If the outcome of one of these evaluations is that the vehicle shape must be 

changed, then a new optimisation process can be set up, keeping the old 

(performance, geometry, packaging) and adding the new constraints into the 

process.  

Using the optimizer to improve or tune an existing, feasible design is usually much 

more successful, than relying on the optimizer to find an optimum solution without 

good starting points. In this study the following features of the vehicle have been 

designed or improved using one or more optimisation process: 

 Fuselage shape 

 Wing shape 

 Ascent trajectory 

 Re-entry 

 Packaging 

 Propulsion systems 

Based on the study, it can be said, that the vehicle’s shape, propulsion and trajectory 

are strongly coupled, and cannot be treated separately as in the case of 

conventional aircraft. The key to successful use of the tool is to use enough design 

parameters to drive all these coupled features, but not too many that the optimizers 

are overwhelmed; fist, runtime can drastically increase. Second, if too many 

variables are controlling too few outputs, and the correlation between inputs and 

outputs are weak, the optimizer will just waste effort by varying insignificant 

parameters. Thus the designer not only has to know how many parameters to pick 

for optimisation, but which ones. 

The following guidelines should be taken into account when using GENUS, or any 

other design environment with optimisation capacity. The most important guideline, 

which is easy to ignore, is to start small. Having only a few components and rough 

shapes defined for the concept vehicle will make the codes run very fast, and allows 

the designer to explore the most of the design space, and draw conclusions that are 

clear. The more features, the more variables, the more possible explanations of the 

design’s behaviour, the harder it is to justify choices and to find the desired path 

leading to a good concept.  

Details can always be added later on, when the initial concept is a bit more mature. 

This is where the advantage of computer aided design environments can be seen 

most clearly; there is no need to manually redraw the vehicle shapes, or repeat long 

hand calculation processes. All refinements can be achieved with a few (depending 

on how well the code is written) clicks of the mouse, and the more detailed concept 

vehicle evaluated. These refinements are adding kinks to wings and fuselages to use 

multiple sections, specifying more internal components for packaging purposes, etc. 

Also good practice is to use the estimated mass first with rough shapes, not the 

results from the mass breakdown process, for all further calculation purposes. The 
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aim of this is the fact that the estimated mass stays constant during geometry, 

performance, fuel, etc changes. This ensures that the optimizer will not predict 

unrealistic gradients due to change in the mass values used to perform performance 

calculations for example. Once the design is progressed, and the mass breakdown 

values have converged to the estimated mass value, it is worth switching the 

modules to use the calculated mass, as this way the sensitivities to, for example, 

changing payload can be evaluated. 

Performance optimization can look unintuitive for the first look because: 

1) Fixed AUM is assumed 

2) If the design is made more efficient, it uses less fuel 

3) If less fuel is used, vehicle stays heavier for longer 

4) If the vehicle is heavier, it takes more power to climb 

These points refer back to the discussion about the greedy methodology employed 

for the ascent performance estimation. In the author’s opinion the ascent 

performance is the lowest performing part of the methodology. It is an unfortunate 

coincidence, that it is one of the most important features for a Space Launcher at the 

same time. 

Ascent simulation should provide a better, smoother approximation of the vehicle’s 

trajectory. As it was shown, the performance methodology can seemingly over-

predict the losses during ascent; and such conservatisms is definitely not appropriate 

in the case of a SSTO launcher.  

The ascent simulation should perhaps use a similar explicit time domain simulation 

as the re-entry procedure. The main issue is the lack of determined control strategy 

for these classes of vehicles. Aircraft normally climb as instructed by air traffic control 

and generally the climb time compared to their cruise is small, so it makes little 

difference. Rockets usually follow very close to simple trajectories such as the linear-

tangent or gravity turn. In the case of hypersonic vehicles none of these are 

guaranteed to provide the required performance. Also the problem is further 

complicated by the described problem with the greedy algorithms. A solution, which 

is actually used by launchers of today, would be to run several Monte-Carlo 

simulations of random trajectories, and program the best trajectories to the flight 

computers before launch. This approach even caters for the uncertainties faced 

during ascent as several trajectories are available based on the actual mass and 

state of the vehicle at that point in time. Such detailed methods however are likely to 

be too time consuming for conceptual level estimations. Thus ideally somewhere 

between the two should be the solution to be found; unfortunately the author is not 

aware of any of them. As a summary, the design is very sensitive to the trajectory, 

which is hard to predict at acceptable computational effort. 

In terms of powerplants, rockets are the obvious and necessary choice for a Space 

Launcher. Based on the investigation, turbojets, even hydrogen burning ones, 
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cannot be used to save fuel over the whole mission durations. Ram/scramjets 

however prove to be good potential choices as they can provide good amount of 

thrust up to high Mach numbers and altitudes, and they have good T/W ratio. Where 

the designer must be very careful when using ramjets, is the fact that their physical 

size is very sensitive to design altitude, if not monitored, it is easy to end up air 

intakes with the size of a football pitch during the design iterations. 

The effects of more unconventional powerplants, such as precooled jets, hybrid 

propulsions, etc. were not evaluated in this study. The reason behind this is the fact, 

that these powerplants represent step changes in technology with game changing 

potential. However first to evaluate them, verified baseline models must exist, to 

which the new technologies can be compared. This baseline comparison, and the 

tool is the exact aim of this research: to demonstrate that the developed hypersonic 

design methodology and the GENUS tool can be used to generate arbitrary 

hypersonic vehicles. However to verify this capability, the demonstrations must start 

from the more basic configurations. Also whether an unconventional powerplant can 

deliver the expected performance depends on the accurate modelling of the given 

engine with the unconventional features; something that is out of scope of this 

research. 

Looking at the performance it can be said, that the engines do not seem to be 

utilized to their full extent all the time. It could be desirable to do so: the lower the 

time spent in atmosphere, the lower the gravity loss is. The total fuel consumption 

however is questionable; the actual vehicle-propulsion system-trajectory combination 

must be simulated to answer that question accurately. 

Crew and passengers can prove to be a limiting factor in the design; man rated 

vehicles are constrained to a maximum longitudinal acceleration factor of 3. Whether 

this limitation is significant, it depends on the actual trajectory. 

As a conclusion, based on the process, the main challenge for the Space Launcher 

class of vehicles is to find feasible designs at all. Looking for optimum solutions 

seem to be secondary compared to getting the concept working at all. This is 

probably somewhat similar, but less pronounced in the case of hypersonic 

transports; a study that should be performed in the future when possible. 
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7 Conclusions and summary 
The conclusions drawn from the research and the summary of the findings are listed 

here in a short, bullet-point type format: 

 The aim of the study is not to design a single vehicle, rather to develop a 

methodology, and the tool to enable it. The vehicle design is to demonstrate, 

and quasi-validate the methodology 

 A methodology was developed to enable the conceptual level design of Space 

Launchers and Hypersonic Transports 

 Extensive literature review was performed: 

o On the design process as a whole 

o On the aircraft design process 

o On optimization processes 

o On the various aspects of the hypersonic design process 

 A purpose-built evolutionary optimizer was coded; PDGenetic. It is currently 

tuned for exploration and to find feasible starting points, from where a 

gradient-based algorithm can efficiently improve the solutions. 

 The PDGenetic optimizer might not be able to compete with commercial 

codes on performance or accuracy, but it is available, and adds capability to 

the design environment. 

 The GENUS design environment was designed and created throughout the 

research. While other researchers contributed towards the code, the author 

claims responsibility for: 

o The program architecture 

o The core module functionalities 

o The GUI, essential interfaces, utility functions (plotting, etc.) 

o The hypersonic design modules 

 The GENUS version at the time of this thesis writing amounts for 35 MByte of 

code, with a total of 797 files. Significant effort was invested in developing the 

design environment. 

 Due to the expendable, modular architecture, the GENUS framework provides 

infinite flexibility regarding the choice of the design methods to be used 

 The hypersonic design process was investigated 

o The essential design modules were defined 

o Every module was reviewed, common practice, and state of the art 

identified 

o Every module was validated when possible, with available data 

 Some features were identified to pose limitations or represent bottlenecks in 

the design process. These limitations and the proposed mitigation steps are 

listed in the Future scope of work chapter. 

 The hypersonic design methodology was demonstrated by the example of a 

Space Launcher concept vehicle 
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 The methodology was quasi-validated by the example exploration study of the 

design space, and critical appraisal of the results 

 A complete conceptual level documentation was produced to demonstrate the 

capability of the methodology and the GENUS design environment 

 Based on the outcome of the design studies the following specific conclusions 

can be drawn: 

o Ascent performance estimation accuracy is critical for a Space 

Launcher 

o Accurate ascent performance prediction is challenging at conceptual 

level 

o Sensitivities of the concept vehicle were explored 

o Optimized shapes and features were identified, discussed and critically 

evaluated 

o Airbreather powerplants’ feasibility limits were defined by introducing 

the concept of the transition altitudes 

o There are no optimum parts, only optimum vehicle. This is due to 

strong interdisciplinary coupling for these classes of vehicles 

o Choice and number of optimization parameters used are key for 

successfully using the design methodology 

o Incremental approach towards the concept development is 

recommended 

 start small 

 don’t try to get everything right at the first time 

 optimize step by step 

 Guides are presented on how to use the methodology to generate successful 

hypersonic vehicle concepts  

 The Space Launcher design space was investigated, which is arguably the 

more complicated class of vehicle to design 

 Space Launchers and Hypersonic Transports are still a challenging field, but 

there seem to be no showstoppers; although still significant research is 

required for these vehicles to be operational  
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8 Summary of contributions towards knowledge 

 The main contribution towards knowledge is the development of the 

conceptual design methodology that enables the common, synergistic 

treatment of both Space Launchers and Hypersonic Transports. 

 Throughout literature survey of hypersonic vehicles was performed, including 

past, current, state of the art and prospective future concepts. The findings 

were critically appraised, and when appropriate, models implemented and 

results compared to available flight data. The review of hypersonic vehicle 

design challenges was compiled as a journal paper, and is currently going 

through the peer reviewing process 

 The GENUS aircraft design environment was developed. The main aim of the 

GENUS environment is to facilitate the design studies of various classes of 

aerospace vehicles. The significant contribution of the code towards 

knowledge is the fact, that it enables other researchers to perform design 

studies without repeating common and time consuming tasks, such as 

geometry representation. This way, future researchers can save time, and put 

more focus and effort into the actual research task, rather than spend time 

developing infrastructure over and over again. 

 The GENUS design environment is designed to be a flexible, modular, and 

infinitely expandable aircraft design environment, capable of interfacing 

various software, including legacy aircraft design code written in Fortran. 

Furthermore, it is independent from operating systems, licenses and similar. 

As a further contribution, the software development process is documented, to 

enable further researchers to reuse knowledge, and streamline their code 

development efforts. 

 The GENUS design tool developed was used to demonstrate the suitability of 

the conceptual design methodology to produce conceptual level vehicle 

design. The exploration of selected parts of the hypersonic vehicle design 

space was demonstrated throughout de description of a single Space 

Launcher concept vehicle development process. The process provides insight 

on the recommended and effective use of the multivariable design 

environment, with particular focus on the effective use of the optimizers. 

 A single instance of Space Launcher design is produced, identifying 

sensitivities, and potential limitations to provide focus areas for future 

research, for the enablement of SSTO space access using this class of 

vehicles. Key limitations are identified, discussed, and prospective treatment 

highlighted. 

 The benefits and suitability of airbreathing propulsion systems on Space 

Launchers was highlighted. Treatment and comparison of the various 

combination of powerplants is enabled throughout the concept of the 

transition altitude, identifying the economy limits of airbreathing powerplants. 
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9 Future scope of work 
This chapter shows the direction, future research in the research topic should take, 

outlined in a bullet-point format. 

 The GENUS design environment was designed to be a long term tool for 

various researchers at the department, and thus it should be expanded and 

improved accordingly. The most critical work that should be performed are the 

following: 

o Better performing optimizers could be integrated 

o More optimizer feedback should be shown; constraints, diagnostics 

o Optimizer settings should be available to change during runtime 

o Parallelization is key. At the moment only 1 core is running, and the 

program can easily be overwhelmed by a complex optimization task. 

o Automatic sensitivity analysis could be integrated, including similar 

features such as design of experiments, surrogate modelling, kriging, 

etc. 

o GUI can be significantly improved 

o Graphic geometry creation, or CAD import capability should be added 

o Plotting capabilities are required 

o GNU viewer could be updated to display polygons as opposed to 

wireframes for better display 

o Integer/Enum variables could possibly be added as optimization 

variables, when using genetic algorithms 

o Multi-objective optimization could be added 

o Linear combination of outputs as objectives should be added 

o Introduce more advanced design drivers such as neural networks for 

research purposes 

o BodyComponent cross-sections should be change to use the same 

class-based definition as wings or powerplants 

o More body cross-section types should be defined (rounded rectangle, 

etc) 

o More aerofoils should be defined 

o Capability should be extended to treat TSTO/MSTO/Expendable 

vehicles 

o Add pop-up tips to inputs, outputs, etc. describing the parameter 

o Save/Load function should be fixed, and/or use text input/output for 

model setup as well 

 Improved ascent trajectory definition and simulation is key, and should be 

explored in more detail. 

 Hypersonic Transports concepts should be investigated and the design 

methodology demonstrated 
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 More exotic launcher designs should be investigated 

 Packaging methodology should be refined: 

o Symmetric master-slave checks to prevent structure penetration into 

the components 

o Components should be represented with more points, optimum should 

be found between performance and accuracy 

o Packaging component placement should be extended ideally to 3D as 

opposed to current lengthwise order 

 The Skylon’s SABRE engine should be modelled to enable the further 

validation of the methodology. 

 DigitalDatcom should be replaced with a more flexible subsonic aerodynamics 

estimation method. Sacrificing accuracy for flexibility and robustness is a good 

trade-off at this level, in the author’s opinion. DigitalDatcom is currently the 

source of 99% of the program crashes, when the vehicle shape exceeds the 

program limitations. 

 If DigitalDatcom is not replaced with something else, then it should be better 

integrated into GENUS; more features should be accessible 

 More detailed ramjet sizing methodology should be developed, including 

intake shapes 

 More accurate mass estimation equations should be developed, that take the 

actual shape and loading into account. 

 If possible, the latest version of SHABP should be acquired. Shadowing and 

heat flux calculation are both desirable features.  
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Appendix A -  GENUS MODULES 
This appendix describes the various modules developed for the GENUS framework 

program. The philosophy behind the modules and architecture is described first, 

followed by the description of the individual modules. 

This appendix also acts as a high level manual for the GENUS framework. More 

detailed manual is available electronically as the generated JAVADOC. 

The modules in genus utilize the polymorphism trait inherent in the JAVA 

programming language. This means in simple terms, that an object in JAVA can be 

treated as different classes by different parts of the program, while it still remains the 

same object. To further clarify, the image below shows the overall configuration of 

the GENUS modules inside the framework. 

 

Figure 10-1: Genus module class overview 

An Abstract class is a class that cannot be directly instantiated (made into an object). 

As a real world example, motorcycle would be an abstract class, as one can say that 

word to encompass all the motorcycles in the world, but one cannot build or own 

motorcycle, it has to be one specific make or design. To follow the same logic, let’s 

take the Hypersonic Launcher Geometry module shown in the image above. The 

Hypersonic Launcher class can be instantiated, and the object created used to 

specify the shape of the vehicle, and provide information to the rest of the 

framework. But the Hypersonic Launcher class is also of the Geometry class, which 

is abstract, so it is impossible to create and aircraft with Geometry shape, it has to be 

of a specific shape. But any other module that would look for a Geometry class 

module in the framework can read and use the geometry specified at the Individual 

level, irrespective of what Individual class it was used to specify it, thus implementing 

total modularity. 

All the Module level classes are also part of an abstract Top level class, called 

GenusModule. In the framework all the active modules in an execution are stored in 

an array of GenusModule objects containing all the 9 essential modules and arbitrary 

Individual level 
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number of Special modules. The GenusModule abstract class specifies all the 

methods and fields that enable the program to function such as: 

 providing means to display and acquire information from the GUI 

 be updated by and provide values to the optimizer(s) or other processes 

 communicate with each other 

 be saved to permanent storage (hard disk as opposed to RAM) 

 write output report to hard disk 

 and so on 

0. Geometry 
The aim of the Geometry module is to specify the shape of the vehicle in a way the 

Individual module’s programmer deems fit for his or her purpose but store the 

information in an agreed specific format common for all. 

 

Figure 10-2: Generic 0 – Geometry module layout 

The common model description agreed in this version of the code is the following. All 

objects specified in the Geometry module are of the GeometricPart abstract class. 

These objects are divided into two arrays, LiftingSurfaces and BodyComponents. 

One of these arrays can be 0 long, but it is undesirable to have both without 

components. A 0 long BodyComponents array could represent a flying wing type 
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aircraft for example, while a 0 length of LiftingSurfaces would be applicable for a 

space capsule. It is up for the Individual level programmer to set the lengths, 

including letting the user decide at run-time. 

The LiftingSurfaces array contain all the objects that are normally used to generate 

aerodynamic forces to lift and/or control the vehicle. These objects are designed 

have their major (longer) dimension, referred to as span, along the Y or Z axis of the 

aircraft, and their cross-sections are usually aerofoils and are either in the XY or XZ 

planes. The following are identified: 

 Wing 

 Vertical tail 

 Horizontal tail 

Note that a canard is a horizontal tail placed at the front of the fuselage, and a 

horizontal tail with a dihedral of 90 degrees is in fact a vertical tail, and vice versa, it 

is up to the knowledgeable user to be aware of what’s happening with the geometry 

of the vehicle. 

BodyComponents array stores the rest of the objects, that have their major 

dimension in the X axis, and the cross sections are in the YZ plane. On an aircraft 

these are the following: 

 Fuselage 

 External tanks 

 Engine pods 

 Tail booms 

 Potentially weapons or other external payload, these are not implemented in 

the code at the moment 

As a clarification the following graph shows the hierarchy of the objects in the 

GENUS framework. 
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Figure 10-3: Genus geometric parts hierarchy 

Both the LiftingSurface and BodyComponent classes have their common storage 

and specification, as no matter the actual looks, the philosophy behind specifying the 

shapes are the same. Below is a description of the common storage for each of the 

top classes. 

LiftingSurface 

Independent of the type of the lifting surface, they can all be described the same 

way. To specify an arbitrary shape for conceptual design purposes, a number of 

cross-sections have to be specified, along with the properties of how is the surface 

between the cross-sections, referring to these parts as sections. Between any two 

cross-sections, it is assumed that the cross-sectional properties change linearly, and 

that the wing is straight. This introduces an approximation error to the desired shape, 

but at conceptual level this is very rarely a problem, as this error is much less than 

the uncertainties inherent in conceptual level methods. Still if it matters, arbitrarily 

fine refinement of the geometry can minimize the error for the expense of more 

computational power required. 

The main parameter affecting the shape is the number of kinks. A straight tapered 

wing has 0 kinks, while more complex geometries such as a blended wing body can 

in theory have any number of kinks. In GENUS, the definition of the kink, is where a 

new cross section is specified and wing section properties can change. It is perfectly 

acceptable to have a kink with no actual change in properties. The number of kinks 

is denoted by m. 

Based on the number of kinks, the LiftingSurface needs the following information to 

be specified: 

GeometricPart 
(Abstract) 

LiftingSurface 

(Abstract) 

Wing 

Horizontal tail 

Vertical tail 

BodyComponent 

(Abstract) 

Fuselage 

External tank 

Engine pod 

Tail boom 
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 Apex (reference points) XYZ coordinate 

 Number of kinks: m 

 Section properties, array length m+1 each: 

o Section span [m] 

o Leading edge sweep [rad] 

o Dihedral [rad] 

o Area ratio of control surfaces (0 if no control surfaces are present on 

the section) 

 Cross-section properties, array length m+2 each: 

o Chord length [m] 

o Airfoil type and the type specific number of inputs 

o Local incidence (twist) from FRL [rad] 

The images below show an example of an arbitrary 3 kink wing. The shape was 

generated in GENUS, and the points imported in CATIA, where splines and surfaces 

were fit on them. Note that the curved “winglet” is the shape generated by CATIA’s 

default lofting algorithm. The sections are coloured using different colours for easier 

identification 

 

Figure 10-4: Lifting surface specification: XY view 

Kinks 
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Figure 10-5: Lifting surface specification: YZ view 

Note that the span of a section is defined as the true distance between the two 

leading edge points, rather than the distance projected to the XY plane as its shown 

many times. This was done to enable non-conventional configurations such as 

winglets, box-wings, C-wings, etc. to be specified. If the projected distance is known 

(and neither dihedral nor sweep is 90 degrees) the input span length can be 

calculated as: 

𝑆𝑝𝑎𝑛𝑖 = 𝑆𝑝𝑎𝑛𝑝𝑟𝑜𝑗𝑒𝑐𝑡𝑒𝑑,𝑖√1 + tan2 Γ𝑖 + tan2 Λ𝐿𝐸,𝑖 114 

 

𝑆𝑝𝑎𝑛𝑖  

Γ𝐿𝐸,𝑖 
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Figure 10-6: Lifting surface specification: XZ view 

BodyComponent 

The philosophy behind the BodyComponents specification is very similar to the 

LiftingSurfaces. Similarly, a number of kinks (m) have to be specified, and then 

sectional (m+1), and cross-sectional (m+2) properties. Furthermore, a 

BodyComponent can have a nose and/or end section. 

The following inputs need to be specified: 

 Apex (reference points) XYZ coordinate 

 Number of kinks: m 

 Nose, if exists: 

o Radius [m] 

o Length [m] 

 Rear, if exists: 

o Radius [m] 

o Length [m] 

 Section properties, array length m+1 each: 

o Length [m] 

 Cross-section properties, array length m+2 each:  

o Width [m] 

o Height [m] 

o Bottom distance from FRL: Z [m] 

o Shape: oval and rectangular in this version 

Descriptions of these parameters are shown in the following images. 

c𝑖  

Aerofoil: NACA0012 

incidence𝑖  
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The nose shape can be varied by setting the length and radius. The different 

achievable configurations are shown in the table below. Rear shapes are generated 

the same way. 

Table 10-1: Nose shapes 

Name Radius Length Image 

Sharp 0 Finite 

 

Normal Finite Finite 

 

Blunt R > R0,equivalent 

 

L 

L 

R 

R 

R=0 

L 
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Figure 10-7: Fuselage section properties, XZ view 

 

Figure 10-8: Fuselage section properties, XY view 

 

Figure 10-9: Fuselage section properties, YZ view 

Note that there are 2 lengths associated with the bodies, the total length, and the 

structural length, which excludes the nose and rear sections. 

Geometry formats 

Geometry formats aid the modular design of the framework program. The idea 

behind geometric formats is to have the common storage format of LiftingSurfaces 

and BodyComponents described above, but be able to convert that information into 

formats required by other parts of the code. For example, the NASA LAWGS format 

is a structured XYZ point cloud, for each part of the aircraft, with means to translate, 

rotate and scale the individual parts. This format is used for example in the SHABP 

Lengthi 

Apex 

FRL 

Zi Hi 

Wi 

Ltotal 

Lstructural 
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aerodynamics estimation program, and the built-in plotting in GENUS is also based 

on this format. The other aerodynamics estimation method used in this study, Digital 

Datcom would use a different format, wings and tail surfaces defined as equivalent 

straight-tapered planforms with maximum one kink, and the fuselage defined as a 

series of circular cross-sections with equivalent radius based on the actual specified 

geometry. Other codes such as AVL, or the CATIA plotting utility would require 

different formats again. If a format is generated once during a single instance of 

design, it should be stored, to reduce calculation efforts if more than one part of the 

program requests geometry in the same format. The process described is shown in 

the image below. 

 

Figure 10-10: Geometry format extraction process 

In addition to defining the aircraft shape, the Geometry module also contains utility 

methods to modify the shape or extract information from the geometry for other 

modules to use. In the latest version, these are the following: 

 All GeometricParts: 

o Add kinks 

o Remove kinks 

o Set apex (origin) 

o Set non-dimensional apex 

o Count number of parameters (inputs) 

o Get the total volume 

o Get the total surface area 

o Get section volume and surface area 

o Get cross-section area and circumference 

o Get the lowest Z coordinate 
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o Get the highest Z coordinate 

o Get XYZ coordinate at X and Y 

 BodyComponents only: 

o Copy object properties from other BodyComponent 

o Set body component 

o Calculate volume and surface area of nose and rear 

o Add/remove/set nose and rear 

o Get XYZ coordinate at X and Z 

o Get end coordinate 

o Get planform area 

 LiftingSurfaces only 

o Copy object properties from other LiftingSurface 

o Set LiftingSurface 

o Get XYZ coord. at X and Y top or bottom surface 

o Get equivalent sweep at chord fraction 

o Get XYZ coord. at p% of MAC 

o Get XYZ coord. at p% of chord at Y 

Both LiftingSurfaces and BodyComponents require cross-section shapes to be 

defined. These are traditionally aerofoils for LiftingSurfaces and simple sections, 

such as ovals or rectangles for the BodyComponents. To be used in GENUS, these 

cross-sectional shapes require a method to generate them in the form of planar XY 

coordinates. The fineness of the shape is controlled by the division parameter, which 

sets the total number of points. These numbers are the following: 

 LiftingSurface: 2 ∙ 𝐷𝑖𝑣𝑖𝑠𝑖𝑜𝑛𝑠 + 7 

 BodyComponents: 8 ∙ 𝐷𝑖𝑣𝑖𝑠𝑖𝑜𝑛𝑠 + 9 

The cross section points have to form a closed loop, starting from the trailing 

edge/bottom of the body section, and be described in a clockwise manner. 
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1. Mission specification 
The mission specification module’s main aim is to store and provide information to 

the other modules. A set of variables were defined, that can describe a wide range of 

missions and aircraft configurations. If required additional fields can be added, 

however it is not preferred, as the fields can have multiple usage with some 

abstraction. For example, a “maximum altitude” variable can be used to represent 

the ceiling of an aircraft or the orbital radius of a spacecraft. 

 

Figure 10-11: Generic 1 - Mission specifications module 

The mission specifications module ideally shouldn’t have too many outputs to use for 

optimization, as its purpose is to set the requirements, not necessarily to generate 

results. 

The common fields identified are the following: 

 cruiseAlt: cruising/orbit altitude [m] 

 cruiseSpeed: cruising/orbital speeds [m/s] 

 cruiseMach: cruising/orbital speeds [m/s] 

 tRange: target range [m] 

 tEndurance: target endurance [s] 

 pax: number of passengers to carry (excluding crew) [-] 

 crew: number of crew on board [-] 
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 payload,payload_drop,payload_pick: mass of payloads: constant, droppable, 

and retrievable, respectively [kg] 

 estMass: estimate all up mass of the vehicle [kg] 

 nzmax: allowable maximum z acceleration as multiples of sea level g (+ and -) 

[-] 

 nxmax: allowable maximum x acceleration as multiples of sea level g (+ and -) 

[-] 

 cTake_off_Type, cLanding_Type: method of take-off and landing, in this 

version: horizontal or vertical 

  



311 

 

2. Propulsion specifications 
The aim of the propulsion specifications module is to generate and store information 

regarding the propulsion systems of the vehicle. Each system represents a number 

of powerplants of the same size and performance, and it is recommended to specify 

similar powerplants as one system, rather than separate systems with 1 powerplant 

each. 

 

Figure 10-12: Generic 2 - Propulsion specifications module 

The list of powerplants have to be populated with objects of the Powerplant abstract 

class. Most conventional aircraft configurations only have a single propulsion 

system, most commonly with 1, 2, 3 or 4 powerplants, however space launchers, can 

have more than one, and scramjet powered vehicles must have more than one to 

enable take-off and low-speed flight.

 

Figure 10-13: Powerplants currently implemented in GENUS 

Powerplant 
abstract class 

Turbojet Ramjet/Scramjet Rocket Electric motor 
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Figure 10-13 lists and shows the hierarchy of the currently implemented powerplants 

in GENUS. Based on the powerplants specified, the module has a method, which 

can be used to extract the available fuel and oxidizer stored on-board, based on a 

fuel-fraction specified. Note that this module only sets the powerplants and fluids, it 

does not perform calculations, nor keeps track of the fuel on board. In the following, 

the powerplant class is described, and highlighted how it integrates into the GENUS 

environment. 

 

Figure 10-14: Powerplant class in GENUS 

Although powerplants can work in significantly different ways, for conceptual 

purposes, they can be treated with a common approach. From the viewpoint of other 

modules, it does not matter how a propulsion system produces thrust, the question is 

can it produce the required thrust in a given condition, and at what SFC it can 

produce it. The flight atmospheric condition is specified by the actual flight Mach 

number and altitude, while any manoeuvres or flight phase the aircraft might be 

performing are represented by the amount of thrust requested from the Powerplant. 

Once the generic method is called, the internal model has to perform the 

calculations, which will differ from one Powerplant to the other, but the output is 

standardized. Every Powerplant model has to return the available thrust in the given 

flight condition with the corresponding SFC value, as a 2 dimensional array of 

doubles. If the Powerplant cannot function at the given condition, for example Mach 
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or throttling limits are reached, it has to return 0 N thrust and -1 as SFC. The current 

program configuration does not enable regenerative systems, so SFC can’t be 

otherwise negative. Also, negative thrust should not be requested. 

The described logic behind the generic powerplant model is shown in Figure 10-15.  

 

Figure 10-15: Generic Powerplant flow logic 

The Powerplant also has to specify the fuel and oxidizer used. These have to be 

Enum variables of fuelTypes and of oxidizerTypes respectively. In the current 

version of GENUS, there are a list of fuels and oxidizers specified, these are the 

following: 

 Fuels 

o Electricity 

o LH2 

o Kerosene 

o LMethane 

o LEthanol 

o Hydrazine 

o UDMH 

 Oxidizers 

o None 
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o Air 

o LO2 

o H2O2 

o N2O4 

Each fuel has the following fields specified: 

 density: density of fuel [kg/m3] 

 Cpfuel: constant pressure specific heat of fuel [J/kg/K] 

 Rspec: specific gas constant of fuel (gaseous form) [J/kg/K] 

 gamma: ratio of specific heats [-] 

 storageTemp: usual temperature of the fuel [K] 

 storable: Boolean specifying whether the fuel has to be stored in a fuel tank 

Each oxidizer has the following fields specified: 

 density: density of fuel [kg/m3] 

 storable: Boolean specifying whether the fuel has to be stored in a fuel tank 

This representation is suitable to cover a wider range of fuels. The storable attribute 

lets the rest of the code know that for example airbreathers do not need on-board 

oxidizer storage. None as an oxidizer allows the use of monopropellants such as 

UDMH. Also the 0 density of electricity enables modularity, as codes that track the 

mass of the aircraft do not have to be altered when these uncommon propulsion 

systems are used. Additional, or revised fuels and oxidizers can be added in the 

generic Powerplant class. In the specific Powerplants fuel-oxidizer combinations 

have to be specified that the user can select, as opposed to selecting them 

individually, as not all combinations are valid to use in Powerplants. The 

combinations have to specify the fuel and oxidizer used, and the oxidizer to fuel ratio 

– oxtoFuelRatio. Furthermore, the Powerplant has to implement a set of methods to 

return the oxidizer and fuel as enums, send a list of inputs and update inputs with 

values from the GUI/optimizer. Refer to the GENUS Javadoc for the description of 

these methods.  
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3. Mass breakdown 
The aim of the Mass breakdown module is to provide a general framework to 

represent the various parts of the aircraft, including structural components, internal 

parts, passengers, fuel, etc.  

Another important function of the Mass breakdown module, is that it can decouple 

the mass components from the modules that generated them. This facilitates 

modularity, as the mass estimation method does not need to be linked to a specific 

aircraft shape, rather it can be made universal. The only limiting factor is the validity 

of the actual mass estimation equations, which must be kept in mind by the 

knowledgeable user. 

 

Figure 10-16: Generic 3 - Mass breakdown module layout 

Figure 10-16 shows the layout of the generic Mass breakdown module. There are 2 

distinct set of inputs used by this module. The first one has to be specified by the 

user. This can be the construction of the structure, for example riveted aluminium 

stiffened skin, co-cured composites, etc., the use and types of specific systems, such 

as de-icing, landing gears and so on. Also technology reduction factors, and similar 

corrections can be implemented as required. 

The other group of inputs are not specified by the user, rather the module should 

automatically acquire and recognize the features as appropriate, based on 
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component relative positions, sizes, etc. For example, a horizontal tail with its root at 

the tip of a single vertical tail, is a T-tail, double vertical surfaces starting at a wing’s 

tips are winglets, and so on. Correctly coding these checks can ensure, that the 

method is truly a universal mass estimation tool, again, subject to the validity of the 

underlying equations. 

Based on the inputs, the module has to generate an array of MassComponents. The 

MassComponent class is an abstract class, with various subclasses representing 

different components of the aircraft. The hierarchy of the currently coded mass 

components is shown in Figure 10-17. 

  

Figure 10-17: Hierarchy of MassComponent and subclasses 

Each MassComponent object has the following fields to define its properties: 

 myShape: shape of the component, can be: 

o Box 

o Cylinder 

o Sphere 

o Conformal 

o Distributed 

 myVolume: volume of the component, if unknown at generation: -1 

 myCGPos: array representing the CG position, if unknown: null 

 myMaster: reference part, if component is linked to a GeometricPart, such as 

in the case of structural masses 

 myCcontainer: reference component if component is linked to the other, for 

example fuel to the fuel tank 

 myName: string representation of the object, has to be unique 
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 myMass: estimated mass of the component, should always be defined (can 

be set to zero though) 

The Mass breakdown module should define as many of these attributes as 

reasonably possible automatically, based on its inputs. This is important, as all 

attributes that are not filled in will be offered as inputs in the Packaging and CG 

module. This could lead to non-physical results, such as the user specifies the CG of 

a component far away from its actual CG. 

Depending on the shape specified, and whether the volume is known at generation, 

the mass component can have additional inputs to define the exact shape of the 

object. These inputs are shown in Table 10-2. If the actual dimensions of the object 

are known, they should be input, and the volume calculated using the object’s 

method. Conformal shape refers to components that fill out the specified volume 

without a specific shape, such as fuel in the tank, and all the structural components, 

such as Wing, Fuselage, etc. These objects should not be checked for packaging, as 

long as the available volume is enough to accommodate them. Distributed shape 

refers to objects that do not have a specific centre or position, such as paint or 

wiring. The distributed objects’ CG is to be set to the calculated CG of the vehicle, 

which is calculated by ignoring all distributed mass components. Further note, in this 

version of GENUS, the cylinder shape’s axis is always parallel with the aircraft’s X 

axis. 

Table 10-2: GENUS MassComponent additional inputs 

Shape Characteristic 
dimensions 

Inputs if volume 
is unknown 

Inputs if volume 
is known 

Box X, Y, Z X.Y.Z Y/X, Z/X 

Cylinder L. R L,R L/R 

Sphere R R None 

Conformal None None None 

Distributed None None None 

 

The Mass breakdown module also calculates a set of mass values, generally used in 

aircraft design. These are: 

 MTOM (AUM) 

 ZFM 

 OEM 

 MLM 
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4. Aerodynamics 
The aim of the Aerodynamics module is to predict aerodynamic coefficients based 

on the specified geometry and flight conditions. The generic aerodynamics module is 

shown in Figure 10-18. 

 

Figure 10-18 Generic 4 – Aerodynamics module layout 

The aerodynamic coefficients are estimated using various prediction methods, the 

program architecture does not pose a limitation to the methods available. The only 

restriction is to store the acquired information in a specific format, called the 

Coefficient Matrix. 

The Coefficient Matrix is a compact and uniform way to contain all the aerodynamics 

information. Most importantly, it contains the reference lengths and areas used to 

non-dimensionalize the forces and moments. This is essential, as the aerodynamics 

module can rely on more than one method to estimate coefficients, and if the 

reference values are obtained in different ways for each method, inconsistent results 

are produced. This reference values are: 

 Reference area: most commonly gross wing area or planform area 

 Reference longitudinal dimension: most commonly MAC 

 Reference dimension normal to flow: most commonly wingspan 
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The coefficients in the current version of GENUS are stored in the format shown in 

Figure 10-19. It has to be noted that K can be different for each i. This is important, 

as subsonic coefficients are rarely evaluated above the stall angles, which are in the 

magnitude of 15-20 degrees, but at hypersonic re-entry, the angle of attack can be 

up to 90 degrees. 

 

Figure 10-19: Coefficient Matrix structure 

The coefficients listed in the matrix are the following: 

 CL: Lift coefficient (Wind coordinate system) 

 CD: Drag coefficient (Wind coordinate system) 

 CM: Pitching moment coefficient (Wind coordinate system) 

 CFX: Axial force coefficient (Body coordinate system) 

 CFY: Side force coefficient (Body coordinate system) 

 CFZ: Normal force coefficient (Body coordinate system) 

 CMX: Roll moment coefficient (Body coordinate system) 

 CMY: Pitching moment coefficient (Body coordinate system) 

 CMZ: Yaw moment coefficient (Body coordinate system) 

As a convention, every method has to estimate CL, CD, CM. At this version of 

GENUS, estimating the rest is not required, thus it has to be kept in mind, not to 

request values that are not actually evaluated when creating modules. 

As the calculated coefficients are stored in the prescribed format, any module can 

access the numbers generated by any method. If derived coefficients are required 
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such as lift curve slope, it can be calculated directly from the available coefficients. 

For example in the case of the lift curve slope: 

𝐶𝐿@𝛼𝑗
𝛼 =

𝐶𝐿𝑖 − 𝐶𝐿𝑖−1

𝛼𝑖 − 𝛼𝑖−1
 115 

 

Where 𝛼𝑖 and 𝛼𝑖−1 are the closest available angle of attack values in the Coefficient 

Matrix closest to the angle of attack 𝛼𝑗, around which lift curve slope is to be 

calculated.  

This methods enables treatment of non-linear aerodynamics, as the local derivatives 

can be calculated at every angle of interest. In the case of simple linear 

aerodynamics, as it was mentioned before, only the following coefficients have to be 

generated to fully characterize the aircraft’s longitudnial aerodynamic performance: 

 2 CL values at 𝛼𝑚𝑖𝑛 and 𝛼𝑚𝑎𝑥 for the lift characteristics, where min and max 

denotes the boundaries of usable angle of attack range 

 3 CD values and corresponding CL for drag characteristics, to fit a parabolic 

curve, as linear aerodynamics assumes the drag of the aircraft in the following 

format: 

𝐶𝐷 = 𝐶𝐷0 + 𝐾𝐶𝐿
2 
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 2 CM values as pitching moment coefficients are also commonly linearized 

It has to be noted, that the aerodynamic coefficients are not only Mach, but Reynolds 

number dependant as well. The Coefficients Matrix in this format does not 

differentiate between solutions acquired at different Reynolds numbers, rather it 

assumes that a relationship exists between the flight Mach and Reynolds numbers. 

This is true for most aerospace vehicle operations, as it is rare, that high speeds are 

attained at low altitudes or the speed is low at high altitudes.  

Nevertheless, if there is a requirement to map coefficients at the same Mach number 

but different Reynolds numbers, an array of Coefficient Matrices can be created in 

the module, each corresponding to a different Reynolds number. Note, that this is 

the exact method to include the effect of sideslip, roll, pitch, etc. as required. One 

can clearly see, that as the variables, or dimensionality of the matrices increase, the 

size grows exponentially, which can prove prohibitive at conceptual level, as all the 

coefficients have to be calculated, and the (hyper)matrix searched, transformed, 

interpolated etc.  

It is also worth mentioning, that in the JAVA language, the methods of the Coefficient 

Matrix can be overridden, and it can be set up to perform evaluations on demand as 

opposed to mapping the whole flight envelope without knowing whether any other 

module would actually use the data. Which implementation is preferred depends on 

the chosen estimation method, and the programmer. 
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There are a list of methods implemented in the Coefficient Matrix class, which allows 

the extraction of information generally required. These are: 

 addResultatMach: Adds results at a given Mach number; the calculated 

coefficients and corresponding angles of attack will be stored in the matrix at 

its corresponding Mach number. Note that Mach numbers are automatically 

sorted in ascending order 

 getCoeffatMandAlpha: gets a selected type of coefficient at a selected Mach 

number and angle of attack. If no evaluations were performed at the exact 

Mach and angle of attack, the values are linearly interpolated between the two 

closest values. If the requested valued exceed the evaluated angle of attack 

range, the extreme values are returned. 

 getMaxCoeff: returns the maximum value of the requested coefficient type. 

Can be used to find CLmax for example. 

 getMinCoeff: returns the minimum value of the requested coefficient type. 

Can be used to find CDmin for example. 

 getAOAatMachatCL: returns the angle of attack corresponding to a given CL 

value at a given Mach number. This is a typical inverse problem, and its 

solution is not trivial for a machine. A human would be able to choose where 

an aircraft normally operates, but a computer needs further information. First 

of all, if the requrested values exceed the minimum or maximum values, it 

returns the extreme value. Otherwise, depending on the sign of the slope, the 

reference position and the distance from the reference specified, the 

computer searches for and returns the solution. The problem is due to the 

behaviour of a full 360 degrees evaluated lift curve, as shown in Figure 10-20. 

 

Figure 10-20: Space Shuttle full 360deg lift curve at M8, evaluated in GENUS using SHABP 

As it can be seen, the lift curve can be divided into 4 distinct regions, and the 

required CL value can potentially intersect the curves in all 4. Two of these 
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regions are increasing monotonically, while the other two are dropping, thus 

the derivatives, or slopes within a region are either positive or negative. Thus 

specifying the slope rules out 2 regions. To choose between the remaining 

two, a reference value has to be provided by the user, and a Boolean whether 

he is looking for the closer of further solution. For example if reference is 0, 

and the closer solution is required, then the code would return 18.134 

degrees. 
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5. Propulsion 
The aim of the propulsion module is to give information, whether in the current 

configuration, a required thrust can be achieved under the specific flight condition, 

and if it is at what fuel use (efficiency). If it is impossible to meet the thrust 

requirements, then the module has to tell what the maximum available thrust is. The 

propulsion module has to be able to deal with vehicles with an arbitrary number of 

propulsion systems in any flight condition 

 

 

Figure 10-21: Generic 5 - Propulsion module layout 

The model of the Propulsion module has two functions: divide the required thrust 

between the available Powerplants, and return the Thrust and SFC values for each. 

How the distribution is achieved depends on the logic coded into the Propulsion 

module. Most of the time, propulsion systems aim to provide the required thrust with 

the least amount of fuel burn, but it is not the only way. For example, aircraft might 

have to burn fuel as quickly as possible to reduce fuel mass before an emergency 

landing, the logic in the propulsion module allows for these cases. 

The abstract method defined in the generic Propulsion module is getPropulsion, 

which takes current Mach number, altitude, required thrust, and optionally a list of 

Powerplants allowed to use as inputs. The allowed Powerplant list allows other 

modules to keep track of more complex features of a powerplants, such as running 
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out of fuel, warm-up or cool-down or for example disabling airbreather engines 

above a certain altitude if the Powerplant model is not sophisticated enough to deal 

with it. There is a method without the allowed Powerplants list, which calls the other 

method with all Powerplants enabled. 

The output of the method is of a ThrustOutput class, which has to be filled in with the 

following values: 

 Array of distributed Thrust values in [N] 

 Array of SFC values in [kg/N/s] 

 Total Thrust [N] 

 Total fuel flow [kg/s] 

The greatest advantage of using the Propulsion module in the prescribed way, is it 

decouples the performance of the actual powerplants, and the logic controlling the 

selection of different systems from the performance calculations, as it is of no 

importance how the required thrust is generated in a flight condition, as long as it is 

available. In the case of conventional configurations, where only a single propulsion 

system is installed, the logic is simplified to requesting thrust from the one available 

system. 
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6. Packaging and CG 
The aim of the Packaging and CG module is twofold. First, the CG has to be 

calculated for various configurations (with and without fuel and payload) to provide 

information primarily for the Stability module. The CG is calculated based on the 

individual mass and CG of the MassComponents generated by the Mass breakdown 

module. The second purpose, packaging is to check whether the aircraft shape can 

be “closed”: the internal components fit into the structure. Packaging can be 

performed at various levels of fidelity and is also not uncommon to neglect rigorous 

checks during conceptual level design, especially when using computers. It is fairly 

easy to determine from a hand-drawn sketch, whether the components actually fit, 

but it is not a trivial problem to solve automatically by a computer. Figure 10-22 

shows the layout of the generic Packaging and CG module. 

 

Figure 10-22: Generic 6 - Packaging and CG module 

The output of the module is a list of CG positions, which are XYZ coordinates in the 

body axis system. The results are stored in an Nx3 matrix, where N is the number of 

CG positions generated. The minimum number of N is 4, and the first 4 elements of 

the matrix have to correspond to the following mass configurations, in this order: 

0. MTOM 

1. ZFM 

2. OEM 
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3. MLM 

Additional CG positions at different configurations can be evaluated as required, and 

added as 5th and subsequent elements. It is important to keep the specified order, as 

it would enable the calculation of CG during various flight phases by interpolating 

between the positions at specific mass values. 

The output of the packaging calculations are generally error indicators. One of them 

can showing whether the volume of the internal components can be fit into the 

volume of the structure. This is usually the simplest to check in terms of packaging. 

Another error indicator is the amount of internal components “sticking out” of the 

structure. This can be calculated by volume or by distance. A fully “packaged” or 

“closed” aircraft design would have both of these error indicators in the acceptable 

zone, meaning, all the components fit inside the structure. It is a good idea to leave 

some tolerance on these indicators, as the representations of objects are greatly 

simplified, and if aiming at 0 error, small numerical errors, such as rounding and 

truncation might lead to slow convergence, or no convergence at all. 

The GENUS environment provides a GUI, where the vehicle geometry, packaging, 

and CG positions can be checked after performing a single run. An example, a caret 

wing waverider is shown in Figure 10-23. 

 

Figure 10-23: Caret wing hypersonic waverider - generated in GENUS 
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7. Performance 
The role of the performance module is to evaluate whether the single instance of 

design is capable of performing its mission. Performance requirements can be 

divided into two categories: field and point performance.  Field performance refers to 

the ability to achieve a specific range or endurance target, while performing the 

mission. Point performance refers to the ability to perform certain manoeuvres at 

various points of the mission, such as instantaneous or sustained turn rates, climb 

gradient, etc. 

As a module, Performance can be viewed as the user of all the information 

generated by the modules before, as most of the “goodness” of the single instance of 

design is evaluated at this stage. As a result, the inputs of Performance modules are 

mainly performance targets or settings for the methods, while the outputs are the 

calculated performance characteristics and error indicators between these calculated 

and the target values. The calculated values can be used as the target function by 

the optimizer, while the error indicators can be used as the constraints in the 

optimization process. 

 

Figure 10-24: Generic 7 - Performance module 

Due to its nature and position, the performance module normally should not have 

inputs to other parts of the program, except for flight condition information for the 
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stability evaluation module. The flight conditions list is an array of the FlightCondition 

class, each member containing the following information: 

 Flight speed (Mach) 

 Flight altitude 

 Thrust distribution 

 Mass configuration: fuels, payload, etc. 

The internal model of the performance model can be significantly different for each 

aircraft class, especially for those with unconventional operations. Tools to evaluate 

performance can range from simple equations, such as the Breguet range equation, 

to time-domain simulation of the actual mission or mission segments, there are no 

restrictions in terms of the methods used or the outputs generated, except the 

generation of flight condition data for the Stability module. 
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8. Stability and control 
The aim of the Stability and control module is to evaluate stability characteristics of 

the vehicle at various flight conditions. At this initial version of GENUS, these 

calculations are mainly restricted to longitudinal stability, and trimability evaluation. 

Also, static margin can be calculated.  

 

Figure 10-25: Generic 8 - Stability and control module 

The Stability and control module is not meant to provide inputs to any of the 

essential modules, but it should generate outputs to drive the optimization process. 

The main output of the module should be indicators, whether the vehicle is stable or 

not in a given flight condition, a speed regime, and in the whole mission envelope. It 

is important not to just provide a single output, as hypersonic vehicles for example 

have to be stable at high speeds, but can use a control system to provide low speed 

stability if required. 

The Stability and control module obtains a list of flight conditions from the 

Performance module, to evaluate stability and control characteristics. Each member 

of this list is of the flightCondition class, and contains the following fields: 

 Flight Mach number [-] 

 Flight altitude [m] 

 CG position [m,m,m]: 
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 Current vehicle mass [kg] 

 Power plant Thrust distribution [N] 

 Angle of attack [rad] 

 Flight path angle [rad] 

 Name of flight condition, eg: take-off, mid-cruise, etc. 
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9. Atmospheric model 
Earth’s atmosphere is a complex system, with extensive research done, and still in 

progress to accurately characterize all characteristics and phenomena. For the 

purposes of conceptual design however, it is not possible, nor necessary to include 

all details. For aviation use there are standardized atmospheres available. The three 

most known and common are the following: 

 ICAO (1964) Standard Atmosphere: up to 32 km altitude 

 ISO (1973) Standard Atmosphere: up to 50 km altitude 

 US Standard Atmosphere: up to 1000 km altitude (geopotential) 

These standardised atmosphere models use a main value for parameters, and as 

such don’t take into account changes due to: 

 Wind 

 Latitude and Longitude 

 Time of year 

 Time of day 

 Solar intensity 

There are non-standard atmospheric models available, or methods to account for 

some of these effects, but they are not relevant for two main reasons: 

1. The number of unknowns during conceptual design phase make it 

unnecessary to go into such details 

2. They mostly affect the lower parts of the atmosphere, which is not necessarily 

the critical design altitude for hypersonic vehicles 

The above mentioned three atmospheres are identical at low altitudes, but there are 

some discrepancies in simulating the higher atmosphere. This is partly due to the 

uncertainty of the measuring methods, and the averaging/interpolation/curve fitting 

method chosen by the appropriate organization. As conventional aircraft only utilize 

the lower atmosphere (up to 85 km), this difference rarely surfaces, and since it is 

not used, it is rarely an issue. 

In this research it was chosen to use the 1976 US Standard atmosphere which is 

valid up to 1000 km geopotential altitude. (Geopotential altitude takes the change in 

Earth’s gravitational field into account. Its relation to geometric height and can be 

expressed by): 

𝐻𝐺𝑒𝑜𝑝𝑜𝑡𝑒𝑛𝑡𝑖𝑎𝑙 =
𝑟𝐸𝑎𝑟𝑡ℎ ∙ 𝑍𝐺𝑒𝑜𝑚𝑒𝑡𝑟𝑖𝑐

𝑟𝐸𝑎𝑟𝑡ℎ + 𝑍𝐺𝑒𝑜𝑚𝑒𝑡𝑟𝑖𝑐
 117 

 

The Earth’s atmosphere is generally divided into five sections or spheres. The limits 

of these spheres vary from literature to literature, and there is not a well defined 



332 

 

boundary in nature either. As a result the limits are given as a range of altitudes. The 

following table summarizes the major sections of the atmosphere: 

Table 10-3: Major sections of the atmosphere 

Section name 
Altitude [Geopotential km] 

Lower limit Upper limit 

Troposphere 0 12 

Stratosphere 12 50 

Mesosphere 50 80-85 

Thermosphere 85 350-800 

Exosphere 600-1000 10,000 

Generally, the stage of everyday aviation is the Troposphere and Stratosphere. 

Some specialized aircraft travel in the Mesosphere, but it is more generally accessed 

by sounding rockets and weather balloons. The Thermosphere is home to space 

objects in Near Earth Orbit, such as the International Space Station, or Earth 

observing satellites. (Due to the discrepancies in defining the upper limit, it can be 

argued, that these object actually belong to the Exosphere). The Kármán line is 

defined at the altitude of 100km, above this aerodynamic lift is not enough to 

maintain steady flight, the aerospacecraft has to rely on orbital speed to maintain 

altitude. It has to be noted however, that some atmospheric drag is still present. The 

final, outermost section is the Exosphere, which is the region where the rarefied gas 

blends into interplanetary space. Its upper limit cannot be precisely defined, the 

10,000 km is an agreed altitude. 

For the purposes of the research, some assumptions had to be made. The maximum 

altitude of a hypersonic vehicle is limited at 1000 km. This is partly because the US 

1976 Standard Atmosphere provides data up to this altitude. Also, this region fully 

covers all operational ranges for prospective hypersonic vehicles (with a large 

margin of reserve). It has to be also noted, that at these very high altitudes the 

aerodynamic forces due to the atmosphere become negligible for short duration (up 

to a few weeks) missions. These forces have to be taken into account for long 

duration missions, such as satellites, as the small forces exerted over long periods of 

time (years) have a large effect on the trajectory of the spacecraft. 

The US 1976 Atmosphere defines a lower and higher atmosphere, to which different 

assumptions apply: 

The lower atmosphere is assumed to be in hydrostatic equilibrium, comprising a 

homogeneous and constant mixture of gases. The atmospheric model defines this 

region with a linearly segmented temperature-height profile. The other atmospheric 

characteristics (pressure, density, etc.) are calculated using the ideal gas law, and 

other theoretical equations which are fully applicable at this region. The composition 

of the gas is identical to the standard sea level assumption (78% N2, 21% O2, etc.) 

The higher atmosphere no longer assumes hydrostatic equilibrium. As such 

simplified hydrostatic equations are used for each gas constituent, using vertical flux 
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equation. This accurately represents the relative change of constituents at higher 

altitudes. The temperature curves are calculated using four successive, first 

derivative continuous functions. The functions themselves however are not 

presented in the Standards. Moreover at these regions, the ideal gas law no longer 

applies, and as such other properties are more complicated to calculate. The 

approach in this research was to take finite amount of data points from the 

Standards, and use curve fitting to provide us with segmented functions that are 

easily incorporated in the Java program. The classic method of look-up tables was 

not chosen do to being computationally non-efficient. The curve-fit models are shown 

in the following pages. 

It has to be noted, that in addition to the described atmospheric model, some 

elements of the design process have their own, “hard-coded” atmospheric 

representations. Digital Datcom for example utilizes the 1962 standard US 

atmosphere. The main difference between the 1962 and 76 versions are the altitude 

limit (700 and 1000 km respectively) and the representation of the mesosphere and 

lower thermosphere. During the research, great care is taken to use consistent 

models, but this might not be possible in some cases, due to these built-in functions. 

The user has to be aware of this. 

Calculation methods: 

The methods in the Atmospheric module take geometric altitude [m] as the input, 

and return an object of AtmosatH class, which is a container storing atmospheric 

conditions at the given altitude. 

The following atmospheric characteristics are calculated each time the method is 

called: 

 Hgeopot: Geopotential altitude [m] 

 T: Temperature [K] 

 p: Pressure [Pa] 

 Rho: Density [kg/m3] 

 Mu: Dynamic viscosity [Pa∙s] 

 a: Speed of sound [m/s] 

 k: Thermal conductivity [W/m/K] 

 Nu: Kinematic viscosity [m2/s] 

 g: Gravitational acceleration [m/s2] 

Lower atmosphere calculation: 

The lower atmosphere temperature values are modelled with segmented linear 

functions. The following table shows te description of the segments: 
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Table 10-4: Segmented lower atmosphere temperature description (Source: [55.]) 

Layer H geopot [km] Temperature gradient [K/km] 

0 (Sea level) 0 -6.5 

1 11 +0.0 

2 20 +1.0 

3 32 +2.8 

4 47 +0.0 

5 51 -2.8 

6 71 -2.0 

7 84.852  

The rest of the atmospheric properties are derived using analytical equations using 

sea level data: 

 Pressure: 101325 Pa 

 Temperature: 288.15 K 

Conductivity and viscosity are calculated using Sutherland’s law. 

The rest of the equations can be found in the 1976 US Standard atmosphere[55.] 

Higher atmosphere calculation 

The higher atmosphere functions were derived from tabulated data using the Eureqa 

program created by Nutonian Inc. The program uses genetic algorithms to fit curves 

over the data points inserted. The approach was to generate curves that only use 

geometric altitude as their input parameter, and would provide temperature, pressure 

and density values (rest of the parameters are still derived from these). The functions 

follow the segmentation shown in the Standards, except it treats 120-1000 km 

section as one model. 

The functions used are shown below. The parameter A refers to the nondimensional 

altitude in each segment (running from 0 to 1), and the values have to be scaled 

based on the minimum and maximum value of the segment. 

 85-91 km 

o 𝑇 = 𝑐𝑜𝑛𝑠𝑡𝑎𝑛𝑡 

o 𝑝 = 1 + 0.717𝐴1.65 − 1.72𝐴 

o 𝜌 = 2.145 − 1.526𝐴 − 1.145cos (𝐴)  

 91-110 km 

o 𝑇 = 𝐴2+𝐴+𝐴6
 

o 𝑝 = 1.03𝑒−3.43𝐴 − 0.0329 

o 𝜌 = 1.034 ∙ 0.03177𝐴 − 0.03287 

 110-120 km 

o 𝑇 = 0.012𝑍 − 1080 

o 𝑝 = 1 + 19.58𝐴1.9721 − 2.094𝐴 − 18.48𝐴2 

o 𝜌 = 1 + 2.284𝐴1.5 − 2.952𝐴 − 0.3327𝐴2.5  
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 120-1000 km 

o 𝑇 = 1 − 𝑒2.167𝐴2−16.5𝐴 

o 𝑝 = 0.531𝐴12.5𝐴 

o 𝜌 = 𝑒−37.6𝐴2−107𝐴1+3.89𝐴
  

The values for the scaling are as follows: 

Table 10-5: Upper atmosphere section limits 

Z Range 
[km] 

Lower T 
[K] 

Upper T 
[K] 

Lower p 
[Pa] 

Upper p 
[Pa] 

Lower rho 
[kg/m3] 

Upper rho 
[kg/m3] 

85-91 186.876 186.876 0.446 0.154 8.22e-6 2.86e-6 

91-110 186.876 240 0.154 0.0071 2.86e-6 9.81e-8 

110-120 240 360 0.0071 0.00254 9.81e-8 2.22e-8 

120-1000 360 1000 0.00254 7.51e-9 2.22e-8 3.56e-15 

 

As an example in the 120-1000 km range, at 200000 m A and T would be: 

𝐴 =  
𝑍 − 120,000

880,000
=

200,000 − 120,000

880,000
= 0.0909 

𝑇 = (1 − 𝑒2.167𝐴2−16.5𝐴) ∙ (1,000 − 360) + 360 = (1 − 𝑒−1.48209) ∙ 640 + 360 = 854.6𝐾 

The corresponding T in the standard is 854.56. 

 

Figure 10-26: Atmospheric temperature vs altitude 
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Figure 10-27: Atmospheric pressure vs altitude 

 

Figure 10-28: Atmospheric density vs altitude 
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Appendix B -  Space Launcher concept vehicle documentation 
 

0. Geometry 

 Total enclosed volume: 1242 m3  

 Total surface area: 1216 m2  

 Total vehicle length: 28.61 m 

 Wing properties: 

o Wingspan: 13.71 m 

o Sweep (Leading edge): 60⁰ 

o Root 

 Chord: 18.38 m 

 Aerofoil: NACA0020 

 Incidence: 2.04⁰ 

o Tip 

 Chord: 2.65 m 

 Aerofoil: NACA 0005 

 Incidence: 2.0⁰ 

o Di/Anhedral: 0⁰ 

o Net wing area: 145.8 m2 

o Gross wing area: 228.4 m2  

 Fuselage properties: 

o Total length: 28.61 m 

o Structural length: 23.61 m 

o Maximum diameter: 6.34 m 

 Vertical tail: 

o Height: 5.73 m  

o Sweep: 20⁰ 

o Root: 

 Chord: 1.77 m 

 Aerofoil: NACA 0005 

 Incidence: 0⁰ 

o Tip: 

 Chord: 0.25 m 

 Aerofoil: NACA 0005 

 Incidence: 0⁰ 

For the 3 view drawing refer to drawing: SL2015-3VIEW 
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1. Mission/Configuration 

 Nominal launch site: Equator (0⁰ Latitude) 

 Design payload: 3000 kg 

 Design orbit: 400 km, circular, 0⁰ inclination 

 Design mission duration: 5 days 

 Orbital ΔV capability: 300 m/s 

 Limit longitudinal load factor: 7 

 Limit normal load factor: 2 

 Horizontal Take-Off 

 Horizontal  Landing 
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2. Propulsion specifications 

 Fuel fraction: 0.842 

 Propulsion System 

o Rocket based, SSME derived 

o Number of powerplants: 3 

o End of fuselage mounted, composite thrust structure 

o Specific impulse: 550 s 

o Vacuum maximum thrust: 2100000 

o Nozzle half-angle: 18.17⁰ 

o Design altitude: 0 m 

o Minimum thrust: no throttling restrictions 

o Combustion chamber pressure: 204.8 bar 

o Combined ascent and OMS use 

o Dimensions: 

 Length: 3.92m 

 Diameter: 2.3 m 

o Propellants: 

 Fuel: 

 Liquid Hydrogen   

 Mass: 28067 kg 

 Volume: 396 m3 

 Oxidizer: 

 Liquid oxygen 

 Mass: 140333 kg 

 Volume: 123 m3 
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Payload capacity 
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Note that from the 90 degree polar latitudes the current model predicts the exact 

same payload capacity curves for every inclination. This is due to the fact that the 

Earth’s rotation has absolutely no effect, as the poles lie on the axis. In reality, the 

orbits are more complex than the conceptual design model used, and the curves are 

different. It is also possible to launch to retrograde orbits from here, and the payload 

capacity is symmetric.  

0

500

1000

1500

2000

2500

3000

3500

4000

4500

5000

0 200 400 600 800 1000

P
ay

lo
ad

 c
ap

ac
it

y 
[k

g]
 

Orbital radius [km] 

Payload capacity from 60deg latitude launch vs orbital radius for 
various orbital inclinations 

0

30

60

90

0

500

1000

1500

2000

2500

3000

3500

4000

4500

5000

0 200 400 600 800 1000

P
ay

lo
ad

 c
ap

ac
it

y 
[k

g]
 

Orbital radius [km] 

Payload capacity from 90deg latitude launch vs orbital radius for 
various orbital inclinations 

0

30

60

90



342 

 

3. Mass properties 

 TRF assumed: 0.204  

 Calculated masses: 

o AUM: 200000 kg 

o OEM: 197000 kg 

o ZFM: 31600 kg 

o MLM: 31600 kg 

 Design constants and settings: 

o Wing CG MAC position: 0.4 

o Wing materials: Organic composite honeycomb 

o Wing carry-through: Dry carry-through, integral 

o Wing body efficiency factor: 0.4 

o Vertical tail material: Graphite epoxy composite 

o Body construction: Composite structure 

o Average payload density: 240 kg/m3 

o Payload bay length: 1 m 

o Thrust structure: Composite structure 

o Ramjet T/W ratio: 50 

o TPS construction: RSI Advanced 

o TPS equivalent thermal thickness: Graphite epoxy 

o TPS average CL from re-entry to M10: 1.1 

o TPS flow constant: 0.51 

o Landing gear: Advanced composite landing gear 

o Avionics technology constant: 350 

o Residual fuel: 0.01 

o Non-cryogenic tank constant: 8.333 

o Cryogenic tank constant: 10.3 

o Hydrogen cryogenic tank constant: 10.106 

Mass breakdown: 

 

Space Launcher Mass Breakdown Example 
(Propellants not shown) 

Wing.0

VTail.0

Body.0

TPS

Environmental control and life support systems

Nose landing gear

Main landing gear

HYP_Rocket.0.mass

HYP_Rocket.0.thruststructure

Primary Power

Electrical conversion and distribution

Hydraulic Systems

Surface Control and Actuators

Avionics

LH2.tank.internal

LO2.tank.internal

Payload to drop



343 

 

Component Mass [kg] Ratio of ZFM Ratio of AUM 

Wing.0 1491 4.91% 0.78% 

VTail.0 117 0.42% 0.07% 

Body.0 5758 19.82% 3.13% 

TPS 2684 8.70% 1.38% 

Environmental control and life support systems 991 3.03% 0.48% 

Nose landing gear 177 0.54% 0.09% 

Main landing gear 530 1.62% 0.26% 

HYP_Rocket.0.mass 6735 20.57% 3.25% 

HYP_Rocket.0.thruststructure 1271 3.88% 0.61% 

Primary Power 265 0.81% 0.13% 

Electrical conversion and distribution 1615 4.93% 0.78% 

Hydraulic Systems 89 0.27% 0.04% 

Surface Control and Actuators 1363 4.16% 0.66% 

Avionics 527 1.61% 0.25% 

LH2.tank.internal 3300 10.08% 1.59% 

LO2.tank.internal 1689 5.16% 0.82% 

Payload to drop 1491 9.49% 1.50% 

Total ZFM 31613   

LH2 28067  14.03% 

LO2 140333  70.17% 

Total AUM 200000   
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4. Aerodynamics 

Generated aerodynamic coefficients - Subsonic 
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Generated aerodynamic coefficients – Transonic 

 

Generated aerodynamic coefficients – Supersonic 
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Change of coefficients over Mach number 
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5. Propulsion 

Note that rocket engine thrust and SFC are Mach number independent in this model.  
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6. Packaging and CG 

Packaged configuration 

 

Packaging – Side view 

 

Packaging – Front view 
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Packaging – Top view 
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Estimated CG positions 

 

CG positions: packaging order: PAYLOAD-OXYGEN TANK-HYDROGEN TANK 

 

CG positions: packaging order: PAYLOAD-HYDROGEN TANK-OXYGEN TANK 
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Mass component CG positions 

Component Mass [kg] X [m] Y [m] Z [m] Shape dim [m] 

Wing.0 1491 14.665 0.000 -1.949  
VTail.0 117 26.122 0.000 4.378  
Body.0 5758 13.425 0.000 0.000  

TPS 2684 18.435 0.000 -0.231  
Environmental control and life 
support systems 

991 18.435 0.000 -0.231  

Nose landing gear 177 7.185 0.000 -2.848  
Main landing gear 530 19.456 2.569 -3.716  

FuselagePropulsionSystems 0 25.440 0.000 0.000 
 Dim.0 3.916 

 Dim.1 1.999  

HYP_Rocket.0.mass 6735 25.440 0.000 0.000  
HYP_Rocket.0.thruststructure 1271 25.440 0.000 0.000  
Primary Power 265 18.435 0.000 -0.231  
Electrical conversion and 
distribution 

1615 18.435 0.000 -0.231  

Hydraulic Systems 89 18.435 0.000 -0.231  

Surface Control and Actuators 1363 18.435 0.000 -0.231  

Avionics 527 18.435 0.000 -0.231  

LH2.tank.internal 3300 17.172 0.000 0.000 
 Dim.0 12.621 

 Dim.1 3.161  
LH2 28067 17.172 0.000 0.000  

LO2.tank.internal 1689 8.431 0.000 0.000 
 Dim.0 4.861 

 Dim.1 2.838  
LO2 140333 8.431 0.000 0.000  

Payload bay 0 5.500 0.000 0.000 
 Dim.0 1 

  Dim.1 1.995 

Payload to drop 3000 5.500 0.000 0.000 
 Dim.0 1 

 Dim.1 1.995 

AUM 200000 11.043 0 -0.033 

ZFM 32000 17.206 0 -0.209 

OEM 197000 11.128 0 -0.033 

MLM 32000 17.206 0 -0.209 
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7. Performance 

Ascent performance – Altitude as parameter 
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Ascent performance – Altitude as parameter 
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Orbital performance 

 Propellant available: 1940 kg 

o 323 kg LH2 

o 1217 kg LOX 

 Available orbital ΔV: 300 m/s  
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Re-Entry performance 

Re-entry 

 Nominal re-entry angle: -1.04⁰ 

 Re-entry AOA: 18.7⁰ 

Note that angle of attack is held constant during re-entry. Thus the oscillations at low 

altitudes are not realistic, as at that point the vehicle lowers AOA, and begins the 

terminal energy management procedure. Simulating this part of descent would 

require control logic that is not appropriate for conceptual level studies. 

The results are presented both with time and altitude as the ordinate in separate 

family of graphs. 
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8. Stability 

Ascent Stability margins 

Stability evaluated at every waypoint 

 

Descent Stability margins 

Stability evaluated at every 25 time increments 
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Appendix C -  List of current hypersonic vehicles 
 

Table 10-6 presents Space Launchers and other Hypersonic Transports currently in 

development, along with promising concepts. Main parameters are summarized, 

followed by a brief description for each. 

Table 10-6: Summary of hypersonic vehicles 

Vehicle 
Country of 

origin 
Maximum 
altitude 

Maximum 
speed 

Payload 

Space Ship 
Two 

USA 110 km 4200 km/h 6 passengers 

Orion Multi 
Purpose Crew 

Vehicle 
USA Beyond LEO NA 4 passengers 

Skylon UK 200 km+ Orbital 15000 kg 

Lockheed SR-
72 

USA ND Mach 6  

X-37 USA LEO Orbital ND 

Dragon USA NA NA 3310 kg 

Falcon 9 USA GTO Orbital 
13150 kg 

LEO, 4850 kg 
GTO 

Lynx USA 100km  
1 passenger 

or 120kg 

STIG B USA 100 km ND 50 kg 

IXV Europe NA 7700 m/s ND 

ZEHST Europe 32 km Mach 4 
50 – 100 

passengers 

EADS 
Spaceplane 

Europe 100 km Over 3000 km/h 4 passengers 

New Shepard USA 100 km ND 11.3 kg 

Dream Chaser USA NA NA 7 passengers 

Masten Xaero USA 30km ND 10kg 

PAK-DA Russia ND Hypersonic ND 

Hammer Russia 500km Orbital 800kg 

X-51 USA 21km Mach 5.1 ND 

HIFIRE Australia/USA Various Hypersonic ND 

Shenlong China ND ND ND 

LEA France ND Mach 8 ND 

SL-12 “Vimana” UK LEO Orbital 6000 kg 

 

The Scaled Composites Space Ship Two is the follow-up of the Ansari X-prize 

winning Space Ship One. Although it does not reach hypersonic speeds, it does 

reach the altitude of 100 km, qualifying as a space launcher. On the 30th of May 

2012, the FAA has issued the launch permit for powered flights, with the intention for 

test flights at the end of the year. Due to reasons still under investigation the first 

SpaceShipTwo aircraft, VSS Enterprise, broke up during a test flight and crashed in 
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Mojave on 31 October 2014. A second spaceplane, VSS Voyager, is currently being 

built with a planned service date of 2015. 

 

Figure 10-29: Scaled Composites/Virgin Galactic Space Ship Two [266.] 

The Orion MPCV is a reusable spacecraft intended to carry a crew of four beyond 

LEO to facilitate the human exploration of the Solar system. The first (unmanned) 

spacecraft was successfully launched on 5th December 2014, which later re-entered 

the atmosphere and was recovered after splashdown. Future planned missions 

include human exploration of an asteroid and Mars. 

 

Figure 10-30: NASA Orion MPCV [267.] 

Reaction Engines has been pursuing the ultimate goal of SSTO space access since 

1982, when the concept of HOTOL originated from BAE. After technical and funding 



367 

 

issues, the development of HOTOL and its follow-up (Interim HOTOL, HOTOL 2) 

was cancelled, but after forming Reaction Engines, the concept was carried over by 

the conceptual designers, mitigating its original flaws, and improving the design. As 

of today, there are no showstoppers identified which would prevent the success of 

Skylon. Their latest major achievement was the successful testing of the key 

components of its SABRE engine in July 2012, the company is now expanding its 

design department to meet the challenges associated with the completion of this 

major project. 

 

Figure 10-31: Reaction Engines Skylon [268.] 

Lockheed Martin’s SR-72 is an unmanned aircraft concept capable of reaching 

speeds up to M6. The vehicle is powered by a Turbine-Based Combined Cycle 

propulsion system. It is estimated to be in operation by 2030. 

 

Figure 10-32: Lockheed Martin SR-72 [269.] 

Boeing X-37 is the still classified military UAV, built by Boeing and operated by the 

U.S. Air Force. The program has already achieved three successful orbital flights 

(first in 2010), the third vehicle spending 674 days in space. The purpose and 
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payload of its mission, up to this date, is confidential. It has achieved the first US 

autonomous re-entry and landing (only second to the Soviet Buran). There are is 

about a fourth mission scheduled to be launched in 2015 [270.]. 

 

Figure 10-33: Boeing/USAF X-37 [271.] 

SpaceX (Space Exploration Technologies Corporation) became the first company to 

successfully dock their Dragon Spacecraft to the International Space Station under 

the NASA Commercial Orbital Transportation Services (COTS) program. While the 

Dragon is a spacecraft, with no means to reach orbit on its own, it is intended to be 

fully reusable, making it similar in this respect to a hypersonic vehicle. The same 

company produces the Falcon 9 rocket, which according to CEO Elon Musk, will 

become the first fully reusable launch vehicle. 
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Figure 10-34: Space-X Dragon and Falcon 9 [272.] 

The Oklahoma based Rocketplane was successfully saved from closing down after it 

has filed for bankruptcy in 2010. Since then the company belongs to the holding 

company called Space Assets and is searching for investors for its six-passenger 

sub-orbital space vehicle. Another company founded by Chuck Lauer in 2011, called 

SpaceLinq, is established in Europe, with the intention of launching the same design, 

operating from Lelystadt Spaceport in The Netherlands. There hasn’t been any word 

about the company since its foundation, spacelinq.nl seems to market scaled models 

of spacecraft, with no mention of rocketplanes whatsoever. 

 

Figure 10-35: Rocketplane [273.] 

The Lynx is XCOR Aerospace’s attempt to enter the emerging space tourism sector. 

They utilize reusable rocket propulsion systems to achieve single stage to orbit 

performance (up to 100 km). The later versions, Mark II and III will be also capable of 
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carrying payload, to sub-orbit or an upper stage to reach orbit, respectively. In 

August 2012, XCOR started negotiations with NASA to launch from Kennedy Space 

Launch Center. Flight tests for Mk I were planned for late 2012, according to their 

website, the flight test program starts in 2015, aiming to reach 61 km. 

 

XCOR Lynx [274.] 

Armadillo Aerospace was founded by the game programmer John Carmack in 2000. 

They intend on developing reusable launch vehicles for space access by taking an 

incremental modular approach. Compared to others in the sector, their company is 

quite small, with some members working only part-time on the project. The 

philosophy is to provide simple, cheap space access, and this is achieved by 

investigating a variety of concepts, mostly VTVL. After acquiring the FAA launch 

permit in July 2012, testing of the STIG reusable rocket began. At the first attempt, 

the rocket only reached 90-95 km above the sea level, meaning it is still not 

considered to be a spacecraft. Another notable attempt was made on October 6th, 

2012, where although they successfully launched STIG B, due to a flight abort, still 

hasn’t reached space. In 2013, after the crash of the STIG-B, the company has 

suspended its activities. Some of the employees have formed a new company called 

Exos Aerospace and continue developing the space vehicles.  

 

STIG B, Lunar Lander 2, Pixel [275.] 
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The European Space Agency has developed IXV (Intermediate eXperimental 

Vehicle) to gather data on atmospheric re-entry, to aid the design of hypersonic 

vehicles of the future. The vehicle has been through drop and parachute tests, and 

also completed its first re-entry mission, launched on 11 February 2015. 

 

Figure 10-36: ESA IXV [276.] 

EADS has more than one promising concept under development. The Spaceplane is 

a sub-orbital vehicle the size of a business jet, being able to carry four passengers to 

100 km altitude, promising 3-5 minutes of zero gravity for its passengers or scientific 

payload. There is no update on the status of the project since 2010. The other 

vehicle being researched is the Zero Emission Hypersonic Transport (ZEHST). 

Despite its name, it is an airbreathing Mach 4 airliner, utilizing bio-fuel acquired from 

microalgae. It boasts a 2.5 hour flight duration from Paris to Tokyo, and is estimated 

to be in service by around 2050. 

 

Figure 10-37: EADS Spaceplane and ZEHST [277.] 

Stratolaunch Systems is assembling a team of companies, who will provide low cost, 

reusable space access by combining their individually developed vehicles. Their 

plans include the utilization of Space-X launchers air-launched from a Scaled 

Composites carrier aircraft. A fourth company, Dynetics will provide systems 
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engineering and integration support for Space-X and Scaled Composites. On 

October 10, 2012 Stratolaunch announced the opening of a production facility at 

Mojave Air and Spaceport for the production of composite components of the carrier 

aircraft. [278.] On the 3rd of June, 2013, they partnered with Orbital Sciences 

Corporation to design build and operate Stratolaunch’s redesigned air launch 

system, incorporating a scaled down version of Sierra Nevada Corporation’s Dream 

Chaser vehicle. 

Blue Origin is developing technologies to enable low cost and high reliability space 

access. Their New Shepard reusable crew capsule is following an incremental 

development approach, aiming for sub-orbital space access first, and then upgrading 

to full orbital capabilities. They wish to achieve this by developing the capsule and a 

reusable booster system to lift the capsule to a sub-orbital staging point. Both 

configurations are designed to take-off and land vertically. Their latest achievement 

was the successful crew escape system test on October 22, 2012. 

 

Figure 10-38: Blue Origin New Shepard crew escape system test [279.] 

Sierra Nevada Corporation is developing their Dream Chaser vehicle, part of NASA’s 

Commercial Crew Integrated Capability Program. In August 2012, the company has 

finished its first milestone of the CCiCap program, and its currently at its 8th, 

completed its wind tunnel testing in 2014. However in September 2014, NASA did 

not select the Dream Chaser for the next phase of the Commercial Crew 

Development Program (The two selected companies were Boeing and SpaceX).  
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Figure 10-39: Sierra Nevada Corporation Dream Chaser [280.] 

Masten Space Systems is developing reusable rocket VTVL solutions for low cost 

sub-orbital space access. The vertical lift-off and landing are inspired by the Delta 

Clipper Experimental’s approach. Their latest achievements were the test firing of 

the Scimitar engine for the Xaero-B in September 2012, and the 1 km launch test of 

the Xaero vehicle, which ended in an unfortunate loss of the vehicle. 

 

Figure 10-40: Scimitar test firing, Masten Xaero [281.] 

In Russia a large scale merge was performed recently in order to create a holding for 

the development and production of hypersonic weapons. The two companies 

involved are Tactical Rocket Weaponry and NPO Mashinostoyeniya. Their first step 

towards achieving their goal is the development of general hypersonic technology, 

with later plans to create the hypersonic version of the BRAHMOS Indian-Russian 

joint venture cruise missile. On August 27, 2012 Russia’s Deputy Prime Minister 

Dmitry Rogozin also hinted at the development of a Russian hypersonic bomber, 

estimated to enter service by 2020, by the Tupolev design bureau, the alleged PAK-

DA bomber. No official documents exist; Figure 10-41 shows a probable 

configuration.  
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Figure 10-41: PAK-DA possible configuration [282.] 

According to Russian news portal, RIA Novosti [283.], NPO Molniya is working on a 

future hypersonic booster for launching satellites, designated “Hammer”. It is claimed 

that the vehicle is capable of launching up to 800kg of payload into 200-500 km 

orbits, partially powered by the AL-31F turbofans of the Su-27, while the orbital stage 

will utilize a RD-0124 derived rocket motor. Molniya is also rumoured to work on a 

space tourist vehicle along with the Myasischev Experimental Factory. 

The X-51 WaveRider is being developed by a corporate effort of USAF, DARPA, 

NASA, Boeing and P&W Rocketdyne. It is a scramjet powered flying demonstrator 

utilizing the waverider principle. Its latest, fourth flight attempt was on 1 May 2013, 

the first fully successful flight. The booster rocket accelerated the vehicle to Mach 4.8 

after which it separated and the vehicle’s scramjet has accelerated it further to Mach 

5.1. 
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Figure 10-42: Boeing X-51 WaveRider [284.] 

The HiFiRe program is a joint effort between the Australian Defence Science and 

Technology Organisation (DSTO) and the United States Air Force Research 

Laboratory (AFRL). Their latest flight test is HiFiRE 7 was planned to be launched in 

June 2013, launched via a VSB30 rocket motor from the Andoya Rocket Range in 

Norway. Since then there has been no information available, although a 8th and a 9th 

launch is planned.  

 

Figure 10-43: HIFiRE 7 semi-transparent view – Flyer with PSM attached [285.] 
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Another secretive space plane is the supposed Chinese version of the Boeing X-37. 

The vehicle is known a Shenlong (meaning Divine Dragon). According to data 

available it is an air launched space launch vehicle however information is scarce 

and mainly speculative. 

 

Figure 10-44: Possible image of Shenlong carried under Chinese H-6 bomber [286.] 

The LEA hypersonic demonstrator is being developed by Onera Corporation in 

France. Full scale wind tunnel tests supposed to start in September 2012, with plans 

to flight test in cooperation with the Russian TsAGI in 2013-2015. There is no word 

from the project since 2012. 

 

Figure 10-45: CAD model of the LEA vehicle [287.] 

Cranfield University has conducted a study on an Advanced Space Transportation 

Reusable Orbiter.  The vehicle, SL-12 “Vimana” is a hypersonic TSTO upper stage 

concept vehicle. It was used as a baseline for the 2012 intake of Cranfield 

University’s Aerospace Vehicle Design MSc course Group Design Project, which 

progressed the design from conceptual through the preliminary design phase. 
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Figure 10-46: Cranfield University SL-12 

There are more programs, not necessarily to develop a new vehicle, but for 

advancing general hypersonic technology. Part of the NASA Fundamental 

Aeronautics program aims to progress the knowledge and enable hypersonic flight in 

two different areas: hypersonic airbreathing vehicles and large mass planetary entry 

vehicles. The X-51 and HiFiRE test programs are also under the Fundamental 

Aeronautics program. 
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Appendix D -  Extended list of hypersonic vehicles 
 

This appendix contains a list of all the hypersonic vehicles investigated during the 

research. The list should be used as a signpost to point the reader in the right 

direction, rather than a definitive guide on all things hypersonic. This is due to the 

sheer number of concepts, sometimes the same vehicle is known with more than 

one name, or the same name can belong to more than one vehicle.  Also it is 

sometimes hard to distinguish between fact and fiction. 

Table 10-7: List of hypersonic vehicles 

Vehicle name Status Company/Owner Type/stages 

14X In Development Brazilian Air Force SSTO, unmanned, waverider 

50 (Spiral project name, 50 

orbiter name, Mig 105, 

EPOS) Cancelled Soviet Air Force 

3STO manned spaceplane, 

lifting body (upper stage) 

A2 In Development Reaction Engines Limited Hypersonic Airliner 

AACB Class I Concept NASA/DOD 2STO, partially reusable 

AACB Class II Concept NASA/DOD 2STO, reusable 

AACB Class III Concept NASA/DOD 2STO, reusable 

Advent Cancelled Advent Launch Services 

SSTO, reusable, sea-

launched, sub-orbital 

Aerospaceplane Cancelled USAF SSTO, fully reusable 

Aerospike Test Vehicle 

(ATV) Concept NASA SSTO, reusable 

Affordable Responsible 

Spacelift (ARES FBB) In Development USAF 2STO, partially reusable 

Air-Augmented VTVL 

SSTO Concept North American Aviation SSTO, fully reusable 

Air-breathing Launch 

Vehicle (ABLV) Concept NASA SSTO, reusable, unpiloted 

Air-Launched Sortie 

Vehicle Cancelled USAF/Boeing 2STO, partially reusable 

Albatros Raketoplan Concept Alexeyev/Sukhoi OKB 3STO, sea launched, reusable 

Altairis In Development AERA Space Tours SSTO, reusable, sub-orbital 

Apollo Lenticular Concept Convair/Astronautics Orbiter+rocket, Lenticular 

Apollo R-3 Concept General Electric Orbiter+rocket, Lenticular 

Aquila In Development Starcraft Boosters Inc. Orbiter+Rocket, 

ARES In Development ESA Hypersonic glider 

Argus Concept Gerogia Tech 

SSTO, reusable, winged, 

maglifter assist 

Ascender In Development Bristol Spaceplanes 

SSTO, SUBORBITAL 

spaceplane 

ASSET Retired USAF Hypersonic glider 

Astro Concept 

Douglas Missile and 

Space Systems 2STO, reusable, lifting body 

Astroliner (EXPRESS) Concept 

Kelly Space & 

Technology 2STO, partially reusable +tow 

Astrorocket Concept Martin Marietta 2STO, reusable 
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Vehicle name Status Company/Owner Type/stages 

Aurora Myth? USAF+Lockheed Hypersonic sub-orbital 

Avatar RLV In Development 

Defense Research and 

Development 

Organization 

SSTO Unmanned reusable 

spaceplane 

Ayaks/AJAX/АЯКС In Development 

Leninets Holding 

Company SSTO, reusable, sub-orbital 

Bantam-Argus Concept Georgia Tech 

SSTO, reusable, winged, 

maglifter assist 

BETA Concept 

Messerschmidt-Boelkow-

Bloehm SSTO, reusable 

Bizan Concept Soviet Air Force 

SSTO, air-launched, tri-

propellant 

Black Colt Concept Martin Marietta 2STO, suborbital, refuel 

Black Horse Concept USAF SSTO, reusable, refuel 

Blackstar Myth? 

National Reconnaissance 

Office/Boeing+Lockheed 2STO reusable 

Boeing Heavy Lift Launch 

Vehicle Concept Boeing 2STO, fully reusable 

Boeing Horizontal landing 

Heavy Lift Launch Vehicle 

(HLLV) Concept Boeing 2STO, fully reusable 

Bono Saucer Concept Douglas Aircraft 

SSTO, fully reusable, 

lenticular 

BOR-4 Retired Molniya Orbiter+rocket, lifting body 

BOR-5 Retired Molniya Orbiter+rocket 

Buran (11F35 K1) Retired Energia 

Orbiter+Rocket, autonomous 

flight capable 

Buran (11F35 K1) (Kliper) In Development Energia Orbiter+rocket, reusable 

Chinese RLV In Development CALT 2STO, reusable rocket 

Cosmoplane In Development 

Russian Academy of 

Sciences 2STO, reusable 

Delta Clipper 

Experimental (DC-X) Retired McDonnell Douglas 

SSTO Unmanned reusable 

spaceplane 

Dream Chaser In Development 

Sierra Nevada 

Corporation/SpaceDev 

Orbiter+Rocket, lifting body, 

reusable 

EARL I and II Concept Germany 2STO, partially reusable 

Energia VKS Concept Energia SSTO, Reusable 

Explorer / Cosmopolis 

XXI In Development 

Space Adventures, 

Russian Federal SA 2STO, suborbital 

EXTV Concept ESA Orbiter+rocket 

Falcon 1e On Hold SpaceX 

Rocket, 2STO, hopes for 

reusability 

Falcon 5 Cancelled SpaceX 

Rocket, 2STO, partially 

reusable 

Falcon 9 Active SpaceX 

Rocket, 2STO, hopes for 

reusability 

Falcon Heavy In Development SpaceX 

Rocket, 2STO, hopes for 

reusability 

FAST20XX Future high-

Altitude high-Speed 

Transport 20XX Concept DLR 2STO 

FDL-7 Concept 

USAF Flight Dynamics 

Laboratory Orbiter+rocket, lifting body 
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Vehicle name Status Company/Owner Type/stages 

Future Launcher 

Technology Program 

(FLTP) Concept ESA 2STO, fully reusable, winged 

Future Space 

Transportation System Concept NASA-Langley 2STO, fully reusable 

H-2 HTOHL Concept Air Ministry of China 2STO, reusable 

H-2 Orbiting Plane 

(HOPE) Cancelled NASDA Orbiter+rocket, reusable 

H-2 Orbiting Plane 

Experimental (HOPE-X) Cancelled NASDA Orbiter+rocket, reusable 

Hermes+STAR-H Cancelled CNES/ESA Orbiter+rocket 

HFL-VK Retired Rosaviacosmos Hypersonic, sub orbital 

High Speed Flight 

Demonstrator (HSFD) In Development NASDA/JAL Unmanned droptest 

Highly Maneuverable 

Experimental Space 

Vehicle (HIMES) Cancelled JAXA SSTO reusable 

HL-10 Retired Northrop Lifting body, sub-orbital 

HL-20 Concept NASA 

Orbiter+Rocket, lifting body, 

reusable 

HL-42 Concept NASA 

Orbiter+Rocket, lifting body, 

reusable 

HLA (50-50) Cancelled Soviet Air Force 

3STO manned spaceplane, 

variable flying wing (Lower 

stage) 

HLS FTD-1 In Development DAPRA 4STO, partially reusable 

HLS PDV-2 In Development DARPA 4STO, partially reusable 

Hopper Cancelled ESA SSTO, reusable 

HOTOL Cancelled 

Rolls-Royce, British 

Aerospace SSTO, reusable, winged 

HOTOL 2 (Interim 

HOTOL) Cancelled British Aerospace 2STO, reusable 

HTV-1 Cancelled DARPA/USAF FALCON Test, waverider 

HTV-2 In Development DARPA/USAF FALCON Test, waverider 

HTV-3X (Blackswift) Cancelled DARPA/USAF 

FALCON Test, waverider. 

Reusable 

Hurricane (Uragan) Cancelled Molniya Orbiter+rocket 

Hyperion Concept 

Douglas Missile and 

Space Systems 

SSTO, sled launch, fully 

reusable, suborbital 

Hyperion HRST Concept Georgia Tech SSTO, reusable, winged 

Hypersoar Concept 

Lawrence Livermore 

National Laboratory SSTO, Reusable, boost glide 

Hypersonic Boundary 

Layer Transition 

(HyBoLT) Inactive USAF Hypersonic sub-orbital 

Hypersonic Cruise Vehicle In Development DARPA/USAF FALCON Lower Stage 

Hypersonic Flight 

Experiment (HyFlEx) Retired NASDA Orbiter+rocket, reentry 

Hypersonic Space and 

Global Transportation 

System (HSGTS) Concept 

Boeing/Astrox/Wright-

PattersonAFB 2STO 

HyShot/HyCause/HiFiRE In Development University of Queensland Hypersonic sub-orbital 



381 

 

Vehicle name Status Company/Owner Type/stages 

Igla In Development Russian Space Agency? Orbiter+rocket, suborbital 

Indian Space Shuttle In Development 

Indian Space Research 

Organisation Orbiter+Rocket system 

Integral Launch and 

Reentry Vehicle (ILRV) Concept McDonnell Douglas SSTO, partially reusable 

Intermediate eXperimental 

Vehicle (IXV) In Development ESA 

Orbiter+rocket, Re-entry 

vehicle, lifting body 

Ithacus Concept 

Douglas Missile and 

Space Systems SSTO, partially reusable 

Japanese Space Plane Concept 

NAL/Mitsubishi Heavy 

Industries SSTO, reusable 

Kankoh-maru Concept Kawasaki SSTO reusable rocket 

Kehlet Lenticular Vehicle Concept NASA Orbiter+rocket, Lenticular 

Keldysh bomber Concept Soviet Air Force 

SSTO, Sub-orbiral bomber, 

boost glide 

Kholod Concept Russian Space Agency? 2STO, lower stage 

Kholod Hypersonic Flying 

Laboratory Retired? Russian Space Agency? Hypersonic sub-orbital 

Kistrel K-1 Cancelled Rocketplane Kistler Rocket, 2STO fully reusable 

Langley-Boeing SSTO Concept Boeing, NASA Langley 

SSTO, fully reusable, sled 

assist 

Langley-Martin SSTO Concept 

Martin Marietta, NASA 

Langley SSTO, fully reusable 

Lazarus Concept NASA 

SSTO, reusable, sled 

launched 

Leo Concept Boeing SSTO, fully reusable 

LKS Concept 

NPO Mashinostroyeniye 

(Chelomei) 

Orbiter+rocket, partially 

reusable, manned 

Lynx I and II In Development XCOR Aerospace SSTO, reusable, sub-orbital 

M-48 Concept 

Myasischev Design 

Bureau Hypersonic, sub orbital 

Manned Bombardment and 

Control Vehicle Concept North American Aviation 

Orbiter+rocket, fully 

reusable, lenticular 

Martin HLLV Concept Martin Marietta SSTO, fully reusable 

MiG AKS Concept Russian Space Agency 2STO, reusable 

MiG-105 Spiral Retired Soviet Air Force 

3STO manned spaceplane, 

lifting body (upper stage) 

MiG-2000 Concept EDO Mikoyana SSTO, reusable 

Millenium Express Concept General Dynamics SSTO, reusable 

MTKVA +Vulkan Concept NPO Energia 

Orbiter+rocket, lifting body, 

partially reusable 

MTKVA +Vulkan Concept 

"Rosa" Scientific 

Research Institute 

2STO, subsonic transport 

launch 

Multipurpose Aerospace 

System (MAKS) Concept NPO Molniya 

2STO, Partially reusable, tri-

propellant, air-launched 

MUSTARD Concept 

British Aircraft 

Corporation 

2STO, reusable, triamese, 

lifting body 

Nanosat Launch Vehicle In Development Garvey Spacecraft Corp 2STO, reusable rocket 

Neva In Development Russian Space Agency SSTO Reusable 

New Shepard In Development Blue Origin 

SSTO, Reusable Launch 

vehicle, suborbital (100km) 

NEXUS Concept General Dynamics SSTO, fully reusable 



382 

 

Vehicle name Status Company/Owner Type/stages 

North American HTHL 

2STO Concept North American Aviation 2STO, sled launch, reusable 

OK-M (M1, M2) Concept NPO Molniya Orbiter+rocket, reusable 

Orbital Re-Entry 

Experiment (OREX) Retired NASDA Orbiter+rocket, reentry 

Orbital Rocket Airplane Concept 

Robert Salkeld, System 

Development Corporation 

SSTO, fully reusable, tri-

propellant 

Orizont In Development ARCA 2STO, air-launch, sub-orbital 

Pathfinder In Development Pioneer Rocketplane 

2STO, partially reusable, 

aerial refuel 

Pegasus Concept 

Douglas Missile and 

Space Systems SSTO, partially reusable 

Phoenix C, M, L, E (USA) Concept 

Pacific American Launch 

System SSTO, fully reusable 

Phoenix-1 (ESA) In Development ESA, EADS, Germany Orbiter+rocket, fully reusable 

Pioneer XP Concept Pioneer Rocketplane SSTO, reusable 

PKA (Lapotok) Concept Tsybin's OKB-256 Orbiter+rocket, manned 

Pre-X Retired CNES/ESA 

Orbiter+rocket, Re-entry 

vehicle, lifting body 

Project 921-3 (Shenlong) Concept 

National Manned Space 

Program 

Orbiter+rocket, maglev 

launch? 

Project Isinglass Cancelled CIA/General Dynamics Hypersonic sub-orbital 

Project Rheinberry Cancelled CIA/McDonnell Aircraft 

Hypersonic sub-orbital, 

boost-glide 

Prometheus In Development 

Orbital Sciences 

Corporation 

Orbiter+Rocket, Blended 

Lifting Body 

Quicksat Concept USAF 2STO, reusable, lifting body 

RASCAL Cancelled DARPA+sub 

2STO reusable, second stage 

expendable 

Recoverable Booster Space 

System (RBSS) Concept NASA 2STO, fully reusable 

Recoverable One Stage 

Orbital Space Truck 

(ROOST) Concept 

Douglas Missile and 

Space Systems SSTO, fully reusable 

RENOVA (Reusable 

Nova) Concept Martin Marietta SSTO, fully reusable 

Reusable Orbital Carrier 

(ROC) Concept Lockheed 2STO, sled launch, reusable 

Reusable Orbital Module-

Booster & Utility Shuttle 

(ROMBUS) Concept 

Douglas Missile and 

Space Systems SSTO, fully reusable 

Reusable Ten Ton Orbital 

Carrier Vehicle 

(RTTOCV) Concept North American Aviation 

2STO, sled-launched, fully 

reusable, lenticular 

Robert Salkeld's Shuttle II Concept 

Robert Salkeld, System 

Development Corporation 

SSTO, fully reusable, tri-

propellant 

Rocketplane XP Cancelled Rocketplane Kistler 

SSTO, SUBORBITAL 

spaceplane 

Roton C-9 Cancelled Rotary Rocket SSTO, reusable 

Saenger I (RT-8) Concept 

Messerschmidt-Boelkow-

Bloehm 2STO, sled launch, reusable 

Saenger II Cancelled Germany 

2STO, Airbreathing 1st stage, 

delta winged 2nd 
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Vehicle name Status Company/Owner Type/stages 

Saturn Application Single 

Stage to Orbit (SASSTO) Concept 

Douglas Missile and 

Space Systems SSTO, reusable 

Sea Dragon Concept Aerojet 

Rocket, sea launched, fully 

reusable 

SERV Concept Chrysler SSTO, reusable 

Shuttle II Concept NASA-Langley 2STO, fully reusable 

Shuttle-C Cancelled NASA 

Orbiter+rocket, partially 

reusable, unmanned 

Silbervogel Concept Reich Air Ministry 

SSTO, Sub-orbiral bomber, 

boost glide 

Silver Dart In Development 

PlanetSpace-Canadian 

Arrow 

Orbiter+rocket & suborbital 

configuration, lifting body 

Skylon In Development Reaction Engines Limited SSTO, reusable, unpiloted 

SLS A-388 Concept NASA Rocket, 2 stage 

Small Launch Vehicle Active DARPA/USAF 

FALCON Launch vehicle, 

NON-REUSABLE 

Space Cruiser Concept US Navy SSTO, reusable 

Space Cruiser System Concept 

Space Adventures, Vela 

Technology Development 2STO, sub-orbital 

Space Shuttle (Space 

Transportation System) Retired NASA Orbiter+rocket, reusable 

Space Tourism Project Cancelled EADS Astrium SSTO, reusable, sub-orbital 

Spacebus In Development Bristol Spaceplanes 2STO, reusable 

Spacecab In Development Bristol Spaceplanes 2STO, reusable 

Spacecub Concept David L. Burkhead SSTO, reusable, sub-orbital 

SpaceShipOne (N328KF) Retired 

Mojave Aerospace 

Ventures 

2STO, Suborbital, air-

launched 

SpaceShipThree Concept The Spaceship Company 2STO, reusable 

SpaceShipTwo (Model 

339) In Development The Spaceship Company 

2STO, Suborbital, air-

launched 

SPS Launch Vehicle Concept NASA-JSC Rocket, fully reusable 

SSX Space Ship 

Experimental Concept Lockheed SSTO, reusable 

Starbooster In Development Starcraft Boosters Inc. 

2STO, partially reusable, 

expendable upper stage 

Starclipper Concept Lockheed 

SSTO, partially reusable, 

lifting body 

Stargazer Concept NASA 

2STO, reusable booster, 

expendable upper 

Star-Raker Concept Rockwell SSTO, fully reusable 

System III and IV Concept Lockheed 2STO, sled launch, reusable 

Themis Concept ESA SSTO, sub-orbital 

Trans Atmospheric 

Vehicle (TAV) Concept McDonnell Douglas 2STO, reusable 

Triamese Concept General Dynamics 

2STO, fully reusable, 

triamese 

Tsien Concept American SSTO, Boost-glide 

Tupolev 2000 (Tu-2000) Dormant Tupolev SSTO 

Tupolev 260 ("230") Concept Tupolev High supersonic sub-orbital 

Tupolev 360 Cancelled Tupolev Hypersonic sub-orbital 

Vehra Concept Dassault Systems SSTO, air-launched 
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Vehicle name Status Company/Owner Type/stages 

VentureStar Cancelled Lockheed Martin SSTO, reusable 

Von Braun 1948, 1952, 

1956 Concept Von Braun 3STO, partially reusable 

VTOHL-45t (9t) Concept NASA/Rockwell SSTO, winged 

Wild Fire Cancelled 

da Vinci Project (Brian 

Feeney) 

2STO, reusable, balloon 

launch, sub-orbital 

Winged Saturn V Concept North American Aviation 

2STO, partially reusable, 

rocket derived 

X-15 Retired North American Aviation Hypersonic sub-orbital 

X-20 Dyna-Soar Cancelled USAF 

Orbiter+rocket, glider, 

reusable 

X-23 PRIME Retired USAF 

Hypersonic, lifting body, re-

entry 

X-30 (National Aero-

Space Plane, NASP) Cancelled Rockewell International SSTO, reusable, waverider 

X-33 Cancelled Lockheed Martin SSTO, reusable 

X-34 Cancelled 

Orbital Sciences 

Corporation 

Reusable spaceplane 

(hypersonic aircraft), 

unmanned 

X-37B In Development Boeing 2STO, Unmanned 

X-38 Cancelled NASA/Scaled Composites Orbiter+Rocket, reentry 

X-40 Retired Boeing Unmanned droptest 

X-41 Common Aero 

Vehicle (CAV) In Development DARPA/USAF FALCON Upper stage  

X-43 (Hyper-X) In Development NASA 

3STO,  experimental lifting 

body, suborbital 

X-51 Flight testing Boeing 

Unmanned hypersonic, 

waverider 

Xerus Concept XCOR Aerospace 

2STO, reusable, sub-orbital 

(Lower stage) 

 

The following list contains additional vehicles, which were not necesserily 

investigated in full detail, however it might be useful for further researchers as a 

reference point. The list contains the following elemetns: 

 Concepts 

 Research programs 

 Technology demonstrators 

 Launchers (large and small) 

 Missiles 

 Supersonic transports 

 Myths/fake vehicles 

 Sounding rockets 

  



385 

 

 

Table 10-8: Additional list of vehicles 

17K-AM Hawker Siddeley Round Things 

Adler Herakles 

Royal Aircraft Establishment 

Orbital Fighter 

Aerospatiale VTVL Hercules 

Royal Aircraft Establishment 

TSTO 

Airborne Microlaunche MLA High Altitude shuttle system RSS-40/44 

Alpha High Speed Civil Transport RWDT HTHL 

Alpha draco Boost glide research 

vehicle HiTech SA5 

ArcLight Hot Eagle Saturn V 

Ariane Hybrid Launch Vehicle Scorpius 

ASA Hycat Scramspace I 

Astrium Spacejet HyFly SED 

Astroplane Hypersonic boost-glide vehicle Seurat 

ASTROS Hypersonic glide vehicle SHSDTV 

Atrex-FTB Hystryke SHYFE 

Bantam Van/Space Van Hytex Silver Surfer 

Black Armadillo Hy-V SMV 

Black Arrow 

Indian RLV-TD (HEX, LEX , REX, 

SPEX) Socrates 

Black knight 

Integrated High Payoff Rocket Propulsion 

Technology IHPRPT SOTV 

Black Knight IXV Pre-X SOV 

Black Prince Kitten Suborbital Soyuz 

Blade runner Kuriperu Space Access 

Blue Streak LART Space Bus 

Boeing 2707 LEA Space Round 

Boi Hypersonic Project LII Spaceplane SR-71 Blackbird 

Booster Industries Spaceplane LittLEO SR-72 

Brilliant Buzzard Lockheed A-12 SSOAR 

British Interplanetary Society 

3stage (BIS) Lockheed L-2000 STIG 

BSC Spaceship LoFlyte 

Suborbital Space Transport 

SOST 

Burlak Long March Sukhoi T-4/SU-100 

CAC-1 / Mayflower mCLV-RSR Svitiaz 

Canadian Arrow Michelle-B Taranis 

CL-400 Suntan Miles M.52 TAW-50 

Concorde NanoLaunch LLC concept Telemaque 

Convair B-58 Hustler Nanolauncher Black Thunderbird 

Convair Kingfish Nautilus Titan IV 

Convair XP-92 NBEAR Topol-M 

Convari XB-70 Valkyre Norma 

TR3-A,B (Pumpkinseed/Black 

Manta, Astra) 

Coonvair Fish Northrop Disc Tsybin RSR 
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Cosmos Mariner Operation Backfire Tu-144 

D-21 Oriflamme U-2 

Dal(Gammon) Pa-x UK Microsat Launcher 

Dassault Airborne Micro-

Launcher Concept Peregrine Launch System Vanguard 

Dedalus/Global Hawk/WK2 Pogo VKA Myasishchev 

Delta Polar Satellite launch vehicle Von Braun Ferry Rocket 

DH-1 PPTS Vozdushny Start 

Douglas D-558-2 Skyrocket Prepha Whitworth Waverider 

DRLV Project Morpheus X-24C 

DSL HTHL Promethee X-42 

Eclipse PRORA-USV (FTB-1,2,3) Xaero 

Europa I and II Proton Xogdor 

EXPERT Quarter Concorde  Xoie 

F-15/Míg 21 Small launcher Radiance Xombie 

FASST Freeflight Atmospheric 

Scramjet Test Technique Rafael Light Air Launch Yakovlev MVKS 

Fully Reusable Access to space 

technology FAST Raketoplan+Kosmoplan Yamato 

Green space Rattlrs Zarya 

Gryphon 

Reusable Booster System - Pathfinder 

Technology Demonstrator Zenit-3 

 


